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1 NASA RESEARCH OBJECTIVES AND ROLES 
3 
A1 f red Gessow 
NASA Headquarters 
I th ink  t h a t  i t  i s  very f i t t i n g  t h a t  t h i s  conference on advanced technology s. 
a i r f o i l s  be held here a t  iangley, f o r  t h i s  Center i s  the o r i g i n  o f  the wel l -  
knwn  and widely-used hASA series a i r f o i l s .  It was those a i r f o i l s ,  more than 
any other  s ing le  factor, I believe, t h a t  gave NACA i t s  well-deserved i n t e r -  
nat ional  reputation. I also want t o  express my pleasure i n  being a cochairman. 
o f  a conference which has as i t s  honorary cochairmen I r a  Abbott, who spear- 
headed much of t h a t  ea r l y  e f f o r t ,  and Dick Whitcomb, who i s  responsible f o r  
ge t t i ng  much o f  the  cur rent  NASA e f f o r t  started. 
I 
I ' v e  put  together ( f i g .  1) an abbreviated chronology o f  a i r f o i l  development 
i n  order t o  pu t  the present NASA a i r f o i l  program i n  perspective. As you can 4 
see, the bulk of the NACA a i r f o i l  e f f o r t  occurred i n  the 1930's and the e a r l y  
1940's. A1 though there. was -some- addi t ional  e f f o r t  i n  the 1940's and ea r l y  
1950's such as the  "H" series f o r  ro to rc ra f t ,  NASA d i d n ' t  get back i n t o  the 
a i r f o i l  busir~ess i n  a meaningful way u n t i l  the l a t e  1960's when Whitcomb began 
h i s  superc r i t i ca l  a i r f o i l  work. The success of t h a t  e f f o r t  and the extension 
of the technology i t  represented t o  other appl icat ions l ed  t o  the present 
expanded a i r f o i l  progr3.m which was s tar ted  i n  the e a r l y  1970's. 
I 
i I n  s t ruc tu r ing  our present program, i t  i s  i n s t r u c t i v e  t o  consider the 
I 
: reasons why the NACA t,eries a i r f o i l s  had the impact they had. The f i r s t  and 
I obvious one i s  t h a t  they were good a i r f o i l s ,  b e t t e r  i n  a number o f  respects 
I than the ones which 'ihey eventual ly replaced. The second i s  t h a t  they were the r e s u l t  o f  e systematic development program o f  fami l ies  o f  a i r f o i l s  which were derived from a v u l a r  design philosophy a w u l l y  documented. I n  t h i s  way, a i r p l m e  designers could choose an a i r f o i l  t h a t  seented optimum f o r  
t h e i r  use and could assess what performance penal t ies would occur i f ' t h e y  had 
t o  deviate from the idea l  sect ion because o f  p rac t i ca l  constraints. The key t o  
1 success, then, was a s stematic program which resul ted i n  fami l ies  o f  a i r f o i l s  1 + for d l  f fe rent  appl i c a t  ons w documented character is t ics.  
This view was brought home t o  us by the indust ry  representatives who 
attended a NASVIndustry Ai r f o i  1 Workshop which we held i n  Washington i n  
January 1975. The purpose o f  t h a t  workshop was t o  review and discuss our a i r -  
f o i  1 program t o  determine i t s  responsiveness t o  industry 's  needs, We received 
a number o f  good suggestions from t h a t  meeting and adjusted and refocused our 
progrart! accordingly. The spec i f i cs  can best be brought ou t  by considering the 
object ives and elements o f  our present program ( f i g .  2). 
As you can see, the th rus t  o f  the object ives i s  twofold. One i s  t o  
research and provide advanced ana ly t ica l  and experimental methods fo r  the  
des ig i~  and for the determination of the charac ter is t i cs  o f  y s ing le  
elertent a i r f o i l s ,  bu t  of mu1 tielement a i r f o i l  combitlations 3sed i n  aerodynamic 
ccnt ro ls  and h i g h - l i f t  systems ( f i g .  3). The increased emphasis we are now 
g i v ing  t o  such a i r f o i l  systems 1s a r e s u l t  o f  the needs f o r  such information 
f , - '  _ . -.--- ,.-.* " ,  --- -. .------ --- 
which was expressed a t  the 1975 workshop. The analysis and design methods ! 1 
which we research are made avai lable t o  i n d u s t r . ~  fo r  t h e i r  use i n  developing 9 
a i r f o i l s  f o r  t h e i r  spec i f i c  use and are a lso used by us i n  the second h a l f  o f  
our program t o  develop and document the  behavior of generic fami l ies  o f  a i r -  
i f o i l s  f o r  a range o f  a i r c r a f t  types as shown i n  f i g u r e  4. 
The analysis methods which have been and are being developed draw heavi ly  
upon and bene f i t  Prom tho remarkable advances made i n  computational aerody- 
I namics during the past few years. The use o f  computational codes, coupled 
w i t h  mathematical opt imi z& l ion  techniques, const i  Qute a powerful t o o l  f o r  
tu rn ing  ou t  new a i r f o i l  designs t o  s a t i s f y  spec i f i c  requirements. I n  s p i t e  o f  
1 imi ta t ions  , thcss c~ri iputat ional methods have proven t o  be s ingu la r l y  success- 
fu l  f o r  design purposes and can be used t o  document a i r f o i l  charac ter is t i cs  
as well, a t  l e a s t  a t  condit ions invo lv ing  no o r  small amounts o f  separation. 
S impl is t i ca l ly ,  the s ta te  o f  the a r t  can be characterized by the  theory-data 
I comparison shown i n  f i gu re  5. Viscous theory i s  f ine, whether we are t a l k i n g  I 
about low speed calculat ions o r  more sophist icated transonic codes, bu t  only 
u n t i l  separation occurs. Thus, the problem of hand1 i ng v i  scous-domi nant flows 
i s  receiv ing wide a t ten t i on  by researchers, and cne approach which i s  s t a r t i n g  
t o  show promise i s  shown i n  f i g u r e  6, which gives resu l t s  o f  P r 7 i .  Carlson's 
free-stream1 ine  modeling theory appl ied t o  a low speed a i  r f o i  1. Another 
approach - the use o f  Navier-Stokes codes - may work f o r  the very low Reynolds 
number s i t u a t i o n  wherein laminar separation occurs ( f i g .  7), as we can see by 
comparing Mehta's code w i t h  a f low v i sua l i za t i on  experiment and even f o r  
unsteady t ra rxon ic  f low a t  small angles of attack. Unfortunately, such codes 
do not  work as y e t  f o r  s i tua t ions  invo lv ing  la rge regions o f  tu rbu lent  f low 
and we are p lac ing a great deal o f  emphasis a t  our Centers i n  provid ing b ~ t t e r  
turbulence models f o r  handl ing such cases w i th  Navier-Stokes codes. 
We have spent and a w  spending a good deal of e f f o r t  i n  the t h i r d  element 
of the methods p a r t  of our a i r f o i l  program i n  improving ex i s t i ng  f a c i l i t i e s  
and developing new ones and i n  developing t e s t  2nd instrumentation techniques 
t o  extend the range and v a l i d i t y  o f  2-D data. You w i l l  be hearing ta lks  on 
t h i s  aspect o f  our program, and I w i l l  on ly  mention here t h a t  our s table o f  
f a c i l i t i e s ,  which includes Langle.yls low-turbulence pressure tunnel, 6- by 
28-inch transonic tunnel, and 0.3-meter transonic cryogenic tunnel , and 
Ames's 2 '  x 2 '  transonic tunnel and 11' transonic tunnel, cover the complete 
Mach number and Reynolds number map f o r  a l l  classes o f  a i r c r a f t  combinat io~r .  
Insofar  as the appl icat ions p z r t  o f  our program i s  concerned, y o u ' l l  be 
ge t t i ng  some deta i led  information regard!~? ner e f f o r t s  from the fo l lowing two 
t speakers. I w i l l  on ly  mention a few things t h a t  we have done t o  be respons4v2 j' t o  the needs and recornendations o f  the indust ry  as surfaced a t  the January 1975 workshop: We have expanded our experimental program t o  document the 
5 chdrac ter is t i cs  o f  oar new superc r i t i ca l  and low speed a i r f o i l  designs cover- 
8 I n g  a la rge range o f  thickness and design l i f t  coefficients, and i n  par t icu lar ,  
J. we have included data on h i g h - l i f t  systems; we have i n i t i a t e d  and now have i n  
H operat ion an a i r f o i l  design and analysls service a t  Ohio State Universi ty;  and a f t e r  a slow s tar t ,  we have tested a l a rge  number o f  r o t o r c r a f t  a i r f o i l s  t o  
"% get  baseline data f o r  new destgns which are ~nderway. Our appl icat ions program 
a lso  inc ludes the  design and t e s t i n g  of very t h i ~ k  a i r f c i l s  f o r  la rge  cargo 
a i r c r a f t ,  very t h i n  a i r f o i  1s f o r  turboprop app l i ca t ion ,  and zpec ia l  puntpose 
a i  r f o i  1 s f o r  wind gznerators, RPV's (remotely p i l o t e d  vehic ies )  , and r o t a t i n g  
machinery. 
AS to  where and how the program i s  c a r r i e d  out, i t  i s  l e a r  t h a t  the bu lk  
of the design and t e s t i n g  i s  in-house al though we have got ten some excel l e n t  
, 
I 
u n i v e r s i t y  he lp  i n  ob ta in ing  low speed a i r f o i l  data. We a l so  look  t o  un iver-  
I s i  t i e s  and i ndus t r y  f o r  he lp  i n  advancing our a n a l y t i c a l  c a p a b i l i t y .  Lan9ley 
1 i s  our lead Center i n  t h i s  program w i t h  an across-the-board capab i l i t y ,  w i t h  
Ames making p a r t i c u l a r  con t r i bu t i ons  i n  Navier-Stokes analys is ,  design op t im i  - 
I za t i on  procedures, and i n  acqui r ing high-! i f t  system and unsteady aerodynamic 
i data. The con t r ibu t ions  from the var ious in-house and outs ide sources w i l l  
i become apparent as the papers a re  presented i n  t h i s  conference. 
I b L 
Before t u rn i ng  over the podium t o  the next speaker, I I d  1 i k e  t o  say t h a t  
I t h i n k  t h a t  we have made some s o l i d  con t r i bu t i ons  i n  a i r f o i l  devel~pment  and 
hope t o  make a l o t  more i n  the next few years. Much o f  the success o f  the 
Langley program can be a t t r i b u t e d  t o  Bob Bower's i n t e r e s t  and support i n  
marshal l ing the resources o f  the Center behind t,le program. The o ther  i n d i -  
v idual  who has worked hard and e f f e c t i v e l y  on a day-to-day basis t o  make the 
program and t h i s  conference go, who has acted as a p r i n c i p a l  spokesman f o r  the 
program t o  the outs ide community , and who feeds me in fo rmat ion  as I need i t  
wit11 g rea t  pat ience and humor, Ken Pierpont.  I take t h i s  oppor tun i t y  t o  
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Figure 6.- Massive separation flow model. 
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Figure 7 . -  A qualitative comparison of leading-edge s t a l l .  
LANGLEY AIRFOIL-RESEARCH PROGRAM 
Percy J. Bobbi t t  
NASA Langley Research Center 
i INTRODUCTION 
t 
I The purpose of t h i s  paper is  t o  g i v e  a n  overview of p a s t ,  p r e s e n t ,  and 
f u t u r e  a i r f o i l  r e s e a r c h  a c t i v i t i e s  a t  t h e  Langley Research Center.  The immedi- 
! 
, a t e  pas t  and f u t u r e  occupy most of  t h e  d i scuss ion ;  however, p a s t  accomplish- i i ments and mi les tones  going back t o  t h e  e a r l y  NACA yea rs  a r e  d e a l t  w i t h  i n  a broad-brush way t o  g i v e  a b e t t e r  pe r spec t ive  of c u r r e n t  developments and pro- 
grams. Indeed t h e  seeds  of t h e  c u r r e n t  surge  i n  a c t i v i t y  were sown a dozen 
yea rs  ago; t h e  pedigree  of many of Langley's present-day f a c i l i t i e s  can be 
t r aced  t o  t h e  mid t h i r t i e s .  I n  a d d i t i o n  t o  t h e  h i s t o r i c a l  p e r s p e c t i v e ,  a s h o r t  
d e s c r i p t i o n  of t h e  f a c i l i t i e s  which a r e  now being used i n  t h e  a i r f o i l  program 
is  given. Th i s  i s  followed by a d i s c u s s i o n  of new a i r f o i l  developments, 
advances i n  a i r f o i l  des ign  and a n a l y s i s  t o o l s  (mostly those  t h a t  have taken 
place  over  t h e  p a s t  5 o r  6 y e a r s ) ,  and tunnel-wal l - in ter ference  p r e d i c t i v e  
methods and measurements, The l a s t  s u b j e c t  t o  be t r e a t e d  is f u t u r e  resea rch  
requirements. 
HISTORICAL PERSPECTIVE 
A i r f o i l  r e sea rch  a t  t h e  Langley Memorial Aeronaut ica l  Laboratory began 
s h o r t l y  a f t e r  i t  was e s t a b l i s h e d  and long before  i t s  f i r s t  tunne l  became opera- 
t i o n a l  i n  1920. A s  assessment of t h e  s t a t e -o f - the -a r t  of a i r f o i l  technology i n  
t1.e world was made and t h e  a i r f o i i  d a t a  c o l l e c t e d  were put  i n  a u n i f i e d  format 
and published f o r  t h e  b e n e f i t  of t h e  s c i e n t i f i c  community i n  t h e  1920, 1921, 
and 1923 NACA annuals  ( r e f s .  1 t o  3).  A few of t h e s e  e a r l y  a i r f o i l s  a r e  shown 
i n  f i g u r e  1; they i n d i c a t e  i n  a g raph ic  way t h e  l ack  of understanding of f low 
physics  t h a t  e x i s t e d  i n  those  e a r l y  days. The a i r f o i l .  sketched a t  t h e  top is  
t h e  USA 1 t e s t e d  i n  an MIT tunne l  a t  1 3  m/sec (44 f t l s e c )  and is  very  s i m i l a r  t o  
the  Spad, Sopwith, I t a l i a n  2, and E i f f e l  53  a i r f o i l s .  The nex t  two were t e s t e d  
a t  t h e  E i f f e l  Laboratory i n  1914 and were apparen t ly  designed t o  determine 
whether t h e  performance of a i r f o i l s  which a r e  i n  f a c t  two o r  t h r e e  a i r f o i l s  
connected toge the r  would be s u p e r i o r  t o  single-hump a i r f o i l s .  E i f f e l  44, t h e  
f o u r t h  from t h e  top,  has  what appears  t o  be a s e p a r a t i o n  s t e p  on t h e  top s i d e ;  
the  philosophy behind i t s  des ign  i s  somewhat more obscure.  It should be noted 
t h a t  t h e  E i f f e l  Laboratory was probably t h e  l e a d i n g  a i r f o i l  r e s e a r c h  c e n t e r  i n  
t h e  world p r i o r  t o  World War I and dozens of e x c e l l e n t  a i r f o i l s  were produced. 
The f i r s t  Langley a i r f o i l ,  which appeared i n  t h e  1923 NACA annual,  was t h e  
Langley Memorial Aeronaut ica l  Laboratory 54. I t  was t e s t e d  i n  t h e  f i r s t  NACA 
wind tunne l ,  the  WT-1 5-foot tunne l ,  which, a s  noted e a r l i e r ,  began o p e r a t i n g  
i n  1920. 
Reynolds number s c a l i n g  was a l r e a d y  a s e r i o u s  concern i n  1920 and was the  
mot ivat ing f a c t o r  i n  t h e  des ign  and c o n s t r u c t i o n  of t h e  v a r i a b l e  d e n s i t y  
T'" ..-.,..." ""' mm"--' -"-".-- l.-.-.-l.-.r -.-i - r r r r r i w  
/ \ * 
t 
.f.rWmhnnr*- . - - A. L .- . . -  
1 
t u n n e l  (VDT). Mhen i t  came on- l ine  i n  1923. i t  was t h e  most advanced t u n n e l  
i n  t h e  world.  I t  could  o p e r a t e  a t  p r e s s u r e s  up t o  20 atmospheres and a c h i e v e  
Reynolds numbers up t o  3.3 x 106 f o r  a 13-cm (5-in.) chord model. Another ,A 
f a c i l i t y  o f  n o t e  t h a t  was c o n s t r u c t e d  i n  t h e  l a t e  t w e n t i e s  was t h e  12-inch 
high-speed t u n n e l  which cou ld  produce v e l o c i t i e s  up t o  350 mlsec. (800 mph). 
The l a t t e r  h a l f  o f  t h e  t w e n t i e s  saw t h e  development o f  t h e  NACA 4 - d i g i t  
and modif ied  4 - d i g i t  s e r i e s  of  a i r f o i l s .  A s k e t c h  o f  one of  t h e  most popu la r ,  
t h e  4412, i s  g iven  i n  f i g u r e  2. A c a l c u i a t i v e  procedure  f o r  a i r f o i l s  o f  a r b i -  
t r a r y  shape was a l s o  formula ted  and provided a  more r a t i o n a l  b a s i s  f o r  a i r f o i l -  
f ami ly  des ign .  
S e v e r a l  more a i r f o i l  f a m i l i e s  were genera ted  i n  t h e  t h i r t i e s  i n c l u d i n g  
t h e  5 - d i g i t  s e r i e s ,  t h e  1-series ( a l s o  known a s  t h e  1 6 - s e r i e s ) ,  and t h e  NACA 
laminar-f low a i r f o i l  fami ly .  A 5 - d i g i t  and a  laminar-f low a i r f o i l  s e c t i o n  a r e  
depic te t i  i n  f i g u r e  2 a l o n g  w i t h  a  GA(W)-2 f o r  comparison. The laminar-f low 
series was preceded by a  c o n s i d e r a b l e  amount of r e s e a r c h  on  c a l c u l a t i v e  methods 
f o r  boundary l a y e r s  and e m p i r i c a l  t r a n s i t i o n  c r i t e r i a .  
Wind-tunnel c o n s t r u c t i o n  d u r i n g  t h e  t h i r t i e s  was d r i v e n  by a  d e s i r e  t o  test  
a i r f o i l s  under c o n d i t i o n s  approaching  the  f l i g h t  environment,  e s p e c i a l l y  t h o s e  
des igned f o r  e x t e n s i v e  r u n s  of  laminar  flow. The low t u r b u l e n c e  t u n n e l  (LTT) 
s t a r t e d  running  i n  t h e  mid t h i r t i e s  and,  i n  a d d i t i o n  t o  p rov id ing  u s e f u l  d a t a ,  
served  a s  a  l e a r n i n g  expe r i ence  f o r  t h e  d e s i g n  of  t h e  Langley low-turbulence 
p r e s s u r e  tunne l  (LTPT). The LTPT s t a r t e d  o p e r a t i o n  i n  1941 and i s  s t i l l  i n  use .  
By t h e  mid f o r t i e s ,  t he  c h a r a c t e r i s t i c s  of  a  l a r g e  number o f  a i r f o i l s  had 
been d e f i n e d ;  d e s i g n  procedures  were be ing  r e l i e d  on f o r  d e f i n i t i o n  of  a i r f o i l  
geometry and m o d i f i c a t i o n s  t o  e x i s t i n g  a i r f o i l s .  A r e p o r t  summarizing most of  
t h e s e  d a t a  and procedures  was pub l i shed  i n  I945 ( r e f .  4 ) .  Th i s  document l a t e r  
became t h e  b a s i s  f o r  a book by I r a  H. Abbott and A l b e r t  E. von Doenhoff ( r e f .  5 ) .  
The l a t e  f o r t i e s  saw some s h i f t  i n  emphasis away from a i r f o i l - s e c t i o n  develop- 
ment t o  h i g h - l i f t  systems and boundary-layer  t r a r i s i t i o n  and c o n t r o l .  
A change i n  p r i o r i t i e s  i n  t h e  e a r l y  f i f t i e s  n e c e s s i t a t e d  a  r e d u c t i o n  i n  
a i r f o i l  r e s e a r c h ,  and by t h e  mid f i f t i e s ,  i t  had comple t z ly  d i sappea red .  A i r -  
f o i l  r e s e a r c h  d i d  n o t  comr~lence a g a i n  u n t i l  1965 when R. T. Whitcomb conceived a  
new type  of  a i r f o i l  s e c t i o n  f o r  h igh  subson ic  speed a p p l i c a t i o n s  ( r e f .  6 ) .  By 
v i r k u e  o f  a  unique top  s i d e  shaping ,  t h e s e  a i r f o i l s  were a b l e  t o  d e l a y  t h e  
format ion  oi' shocks and hence,  f o r  a  g iven  t h i c k n e s s ,  i n c r e a s e  t h e  d r a g - r i s e  
Mach number. S ince  t h e s e  a i r f o i l s  a r e  a b l e  t o  s u s t a i n  l a r g e  r e g i o n s  o f  super-  
c r i t i c a l  f low wi thou t  shock fo rma t ion  nea r  t h e i r  d e s i g n  c o n d i t i o n ,  t hey  have 
been termed " s u p e r c r i  t i c a l "  o r  "shockless"  a i r f o i l s .  
The f i r s t  Whitcomb s u p e r c r i t i c a l  a i r f o i l  W a s  a  two-element des ign ;  i t  was 
fol lowed c l o s e l y  by a  s ingle-e lement  concept .  Its v a l u e  was q u i c k l y  grasped 
by t h e  a i r c r a f t  i n d u s t r y  and derlands f o r  s u p e r c r i t i c a l  a i r f o i l s  f o r  a  v a r i e t y  
of f l i g h t  c o n d i t i o n s  and a p p l i c a t i o n s  soon fo i lowed.  Th i s  demand and i n t e r e s t  
?2d t o  a  number of a c t i o n s .  I t  was dec ided  i n  1968 t o  r e a c t i v a t e  Langley ' s  
a i r f o i l  t e s t  f a c i l i t i e s ;  a  s e r i e s  of  s u p e r c r . i t i c a 1  a i r f o i l s  were des igned;  
t h e o r e t i c a l  e f f o r t s  t o  provide  a d e s i g n  metl~od were comr~enced; and f l i g h t  demon- 
s t r a t i o n  p r o j e c t s  u s ing  t h e  T2-C and FCV-! a i r c r a f t  were i n s t i t u t e d .  The f i r s t  
dividends  from t h e s e  a c t i o n s  came i n  the  1970-71 t ime pe r iod  when f l i g h t  t e s t s  
, c l e a r l y  v a l i d a t e d  t h e  a i r f o i l  concept and t h e  Langley 6- by 19-inch t r a n s o n i c  
tunnel  became o p e r a t i o n a l .  The f i r s t  des ign  and a n a l y s i s  codes f o r  super- 
c r i t i c a l  a i r f o i l s  were publ ished i n  1972. These codes,  developed a t  t h e  NYU 
Courant I n s t i t u t e  by a  team of  s c i e n t i s t s  l e d  by P. R. Garabedian ( r e f .  7) ,  a r e  
now i n  u s e  a l l  over  t h e  world. 
The breakthrough i n  t h e  des ign of  a i r f o i l s  f o r  h igh subsonic a p p l i c a t i o n s  
p r e c i p i t a t e d  a  renewed e f f o r t  t o  develop improved a i r f o i l s  f o r  low speeds.  With 
the  a i d  of  a  computer code developed a t  Lockheed under Langley c o n t r a c t  by J. A. 
Braden, S. H. Goradia, and W. A. Stevens ( r e f .  8), R. T. Whitcomb designed t h e  
GA(W)-1 a i r f o i l .  It was t e s t e d  i n  1972 and showed a  p o t e n t i a l  f o r  b e t t e r  cl imb 
c h a r a c t e r i s t i c s  than a i r f o i l s  i n  common use .  Requests f o r  t 5 e  des ign  o f ,  and 
d a t a  on, s i m i l a r  a i r f o i l s  w i t h  d i f f e r e n t  t h i c k n e s s  r a t i o s  were numerous. 
By 1973, t h e  number of  Langley r e s e a r c h e r s  and o r g a n i z a t i o n s  engaged i n  
a i r f o i l  r e s e a r c h  t o  exp lo re  t h e  new concepts  had inc reased  i n  response t o  indus- 
t r y  p r e s s u r e s  f o r  more d a t a .  Informal communication and i n d i v i d u a l  planning no 
longer  provided t h e  coord ina t ion  requ i red  of such a  l a r g e  e f f o r t .  Consequently, + 
i n  1973, a i r f o i l - r e s e a r c h  a c t i v i t i e s  were programmized. Since  t h a t  t ime,  pro- 
g r e s s  i n  t h e  formulat ion of new a i r f o i l  des igns  and compuier codes wi th  improved 
c a p a b i l i t i e s  has  been remarkable. Some of t h e  major mi les tones  of  t h e  p a s t  
4 yea r s  a r e  as fol lcws:  
Langley 6- by 28-inch t r a n s o n i c  tunne l  and 0.3-meter t r a n s o n i c  cryogenic  
tunne l  became o p e r a t i o n a l .  
Low-speed, medium-speed, and new s u p e r c r i t i c a l  a i r f o i l  f a m i l i e s  were 
def ined.  
Low-drag genera l  a v i a t i o n  a i r f o i l s  were developed. 
i New a i r f o i l  des ign and a n a l y s i s  methods were formulated.  e I Theore t i ca l  and experimental  r e sea rch  on massive s e p a r a t i o n  began. I. 
i Theore t i ca l  and exper imenta l  s t u d i e s  on wa l l  i n t e r f e r e n c e  were i n i t i a t e d .  
t # 
C General a v i a t i o n  a i r f o i l  des ign and a n a l y s i s  s e r v i c e  was c r e a t e d .  
With t h e  except ion of  t h e  a i r f o i l  des ign s e r v i c e ,  these  i tems a r e  d iscussed i n  
the  subsequent s e c t i o n s .  The a i r f o i l  des ign  s e r v i c e ,  c r e a t e d  i n  1976 a t  Ohio 
S t a t e  Univers i ty ,  g i v e s  t h e  genera l  a v i a t i o n  i n d u s t r y  access  t o  the  l a t e s t  com- 
pu te r  codes f o r  a i r f o i l  des ign  and a n a l y s i s .  S c i e n t i s t s ,  e x p e r t  i n  t h e  a p p l i -  
c a t i o n  of  a l l  NASA-developed codes, a r e  a v a i l a b l e  t o  render  whatever l e v e l  of  
s e r v i c e  is required.  
TEST FACILITIES 
The NACA and i t s  successor ,  t h e  NASA, have always been i n  the  f o r e f r o n t  
of wind-tunnel technology and t e s t  techniques .  Tunnel f a c i l i t i e s  developed 
I 
over t h e  p a s t  few y e a r s  f o r  a i r f o i l  t e s t s  and those  being used i n  t h e  program 
t h a t  were const rn~cted many years  ago cont inue t o  p ~ ~ v i d e  a unique c a p a b i l i t y  
f o r  two-dimensional t e s t i n g .  The four  wind tunne l s  which a r e  used p r imar i ly  
f o r  a i r f o i l  r e sea rch  a r e :  
Langley l o r t u r b u l e n c e  p ressure  tunnel  
Langley 6- by 19-inch t ranson ic  tunnel  
Langley 6- by 28-inch t ranson ic  tunnel  
Langley 0.3-meter t r a n s o n i c  cryogenic tunne l  (20- by 60-cm t e s t  s e c t i o n )  
The L a n ~ l e y  8-foot t r anson ic  p ressure  tunnel  has  a l so  been used f o r  a i r f o i l  
t e s t s  hut  t h i s  was done p r i o r  t o  t h e  6- by 28-inch t r a n s o n i c  tunnel  and t h e  
0.3-meter t r anson ic  cryogenic tunnel  becoming a v s i l a b l e .  
The low-turbulence p ressure  tunnel  (LTPT), as noted e a r l i e r ,  began opera- 
t i o n  i n  1941 and is  s t i l l  i n  r e g u l a r  use  ( s e e  f i g .  3). It i s  st i l l  s u p e r i o r  
t o  most tunnels  i n  t h e  world over  i ts  opera t ing  range, which is  Mach numbers 
from 0.1 t o  0.4 and Reynolds numbers (based on a 0.6-m (2-f t )  chord) from 
1.0 x 106 t o  30 x lo6. New genera l  a v i a t i o n  a i r f o i l s  a r e  developed wi th  t h e  
eid of t h i s  f a c i l i t y ;  low-speed c h a r a c t e r i s t i c s  of s u p e r c r i t i c a l  a i r f o i l s  a r e  
a l s o  explored.  I n  a d d i t i o n ,  t h e  e x c e l l e n t  flow q u a l i t y  of t h e  LTPT makes i t  
i d e a l  t o  c a r r y  o u t  r esea rch  on a i r f o i l s  designed f o r  n a t u r a l  o r  c o n t r o l l e d  
laminar flow. Planned improvements f o r  t h i s  f a c i l i t y  w i l l  enable  i t  t o  o b t a i n  
eccura te  d a t a  f o r  very h i g h - l i f t  systems and f o r  a i r f o i l s  a t  higher  ang les  of 
a t t a c k  than i s  now poss ib le .  
The 6- by 19-inch t ranson ic  tunnel  came on-line i n  1971 and has  been u t i -  
l i z e d  f o r  both  r o u t i n e  a i r f o i l  t e s t s  and technique-development research.  A 
cross-sect ion drawing o f  t h i s  f a c i l i t y  i s  given i n  f i g u r e  4. It is a blowdown- 
type tunnel  wi th  no independent c o n t r o l  of Mach number and Reynolds number, A 
15-cm (6-in.) chord model can be t e s t e d  t o  Reynolds numbers of 4.5 x lo6 up t o  
a Mach number of 1.0. Future u t i l i z a t i o n  of t h e  6- by 19-inch tunnel  w i l l  be 
p r imar i ly  i n  the  a r e a  of technique development wi th  s p e c i a l  emphasis on wind- 
tunnel wal l  i n t e r f e r e n c e .  
The workhorse f a c i l i t y  of t h e  a i r f o i l  r e sea rch  is  t h e  6- by 28-inch 
t ranson ic  tunnel ,  depic ted i n  f i g u r e  5. Its normal Mach number range i s  from 
0.3 t o  1.0 wi th  Reypolds numbers up t o  13.5 x lo6 f o r  Mach numbers above 0.5. 
Independent c o n t r o l  of Mach number and Reynolds number i s  poss ib le .  The 6- by 
28-inch tunnel  is used f o r  resea rch  on every type of a i r f o i l ,  inc lud ing  high- 
speed genera l  a v i a t i o n ,  s u p e r c r i t i c a l ,  p r o p e l l e r ,  and r o t o r c r a i t .  I n  t h e  near  
f u t u r e ,  t h e  c a p a b i l i t i e s  of t h i s  f a c i l i t y  w i l l  be enhanced by ,the i n s t a l l a t i o n  
of a dynamic "rig" t o  c a r r y  o u t  unsteady o s c i l l a t o r y  and dynamic motion t e s t s .  
Sidewall  boundary-layer-control p l a t e s  w i l l  a l s o  be provided t~ increase  t h e  
maximum angle  of a t t a c k  a t  which u s e f u l  d a t a  can be obta ined.  
The most v e r s a t i l e  a i r f o i l  f a c i l i t y  is  t h e  0.3-meter t r anson ic  cryogenic 
tunnel. (TCT) equipped w i t h  i ts  20- by 60-?m t e s t  s e c t i o n .  A photograph o f  t h i e  
f a c i l i t y  i s  given i n  f i g u r e  6 and shows t h e  unusual g e o t e t r y  of t h e  tunnel  with 
t h e  t e s t  s e c t i o n  a t  t h e  top and t h e  r e t u r n  l e g  a t  t h e  bottom. The ske tches  
given i n  f t g u r e  7 i l l u s t r a t e  t h i s  f a c t  more c l e a r l y .  The bottom sketch shown 
is  t h e  o r i g i n a l  three-dimensional octagonal  t e s t  s e c t i o n ,  t h e  one i n  t h e  middle 
is the  two-dimeasional i n s e r t  with sch l ie ren  sjs'em i n  place,  and the  top sketch 
is  a self-s t reamlining two-dimensional sec t ion  soon to  be constructed. 
The use of ni t rogen a t  cryogenic temperatures gives  r i s e  t o  Reynolds num- 
bers  up t o  a fi ictor 5 l a rge r  than those of a conventional a i r  tunnel. It a l s o  
1 allows one t o  sont ro l  Mach number, Reynolds number, and dynamic pressure inde- 
pendently, a capab i l i t y  more important perhaps i n  three-dimensional than i n  
two-dimensionel t e s t i ng ,  s ince  a e r o e l a s t i c  and Reynolds number e f f e c t s  can be 
i so l a t ed ,  Reynolds numbers up t o  50 x 106 can be obtained f o r  a 15-cm (6-in.) 
chord model. Production t e s t i n g  i n  the  TCT should commence i n  the  f a l l  a f t e r  
completion of a number of minor improvements. 
Yurther d e t a i l s  on the c a p a b i l i t i e s  and p lans  f o r  Lannley's two-dimensional 
- - 
research facilities can be found i n  t he  paper- by E. J. Ray i n  these proceedings 
( r e f ,  9). 
Research a i r c r a f t  have been used a s  t e s t  f a c i l i t i e s  a s  wel l  a s  wind tunnels.  
An F8V-1 f i g h t e r  and a T2-C t r a i n e r  a i r c r a f t  were pzovided with new wings t o  
determine <;he performance of s u p e r c r i t i c a l  s ec t i ons  i n  f l i g h t .  I n  both applica- 
c t ions,  the s u p e r c r i t i c a l  wings proved superior  t o  the  o r i g i n a l  ones. 
i 
i Similar proof tests of t he  new general av i a t i on  a i r f o i l  s ec t i ons  have been 
i conducted. The GA(W)-1 was tes ted  on the Advanced Technology Light Twin-Engine 
\ (ATLIT) a i r c r a f t ,  o r i g i n a l l y  a Piper Seneca, and the GA(W)-2 on the  Beech 
i Sundowner. The l a t t e r  i s  shown i n  f l i g h t  near Columbus, Ohio, i n  f i gu re  8. 
t 
I NEW AIRFOIL DEVELOPMENTS 
I Langley's a i r f o i l  research program involves a va r i e ty  of a i r f o i l  types including 
i 
Low-speed general aviat ion* 
Low-speed na tu ra l  laminar flow 
Medium speed 
Transport-type supe rc r i t i c a l*  
Large cargo s u p e r c r i t i c a l  
Laminar.-flow cont ro l  (LFC) s u p e r c r i t i c a l  
~ e l i c o p  t e r*  
gigh t e r  
Prope l le r  
By f a r ,  the  most e f f a r t  has been expended on the th ree  a i r f o i l  types ind ica ted  
by the  a s t e r i s k s ,  and most of the subsequent discussion t r e a t s  the  accomplish- 
ments and plans f o r  these types, New designs f o r  the o the r  types of a i r f o i l s  
(except LFC supe rc r i t i c a l )  have i n  some cases  j u s t  been tes ted  and, i n  o thers ,  
a r e  a w ~ i t i n g  test o r  fabr ica t ion .  The LFC a i r f o i l  i o  being devel'lped under the  
NASA Energy Ef f i c i en t  Transport, Laminar Flow Control Pro jec t  and is l i s t e d  
above only f o r  completeness. 
Comparisons of experiment with ca lcu la ted  r e s u l t s  from the  best low-speed 
and supe rc r i t i c a l - a i r fo i l  p red ic t ive  methods have general ly  shown t h a t  the 
i l-a7-nv -"- n----"----7 7- i-r 
k- - - .',. 
t h e o r i e s  a r e  accura te .  T h e o r e t i c a l l y  determined p r e s s u r e  d i s t r i b u t i o n s  and 
l i f t  and moment c o e f f i c i e n t s  c o r r e l a t e  w e l l  wi th  experiment; absolute-drag 
l e v e l s  a r e  sometimes i n  poor agreement. However, p r e d i c t i o n s  of  r e l a t ive -d rag  
l e v e l  and d rag- r i se  Mach number can u s u a l l y  be r e l i e d  on. A r e s u l t  of t h e s e  
obse rva t ions  i s  t h a t  a philosophy h a s  been adopted t o  test only a f e v  repre-  
s d n t a t i v e  samples of  each type o f  a i r f o i l  t o  e s t a b l i s h  t h e  v a l i d i t y  of  t h e  
theory.  This phiiosophy has  been a p p l i e d  i n  t h e  c a s e  a f  t h e  new Langley low- 
speed a i r f o i l  family. Figure  9 shows t h e  range of th icknesses  and l i f t  c o e f f i -  
c i e n t s  of t h e  new des igns  a s  w e l l  a s  t h e i r  s t a t u s .  F ive  a i r f o i l s  have a l r e a d y  
been t e s t e d ,  and f o u r  o t h e r s  have been designed f o r  f u t u r e  t e s t i n g .  These t e s t  
r e s u l t s  coupled wi th  a v a i l a b l s  computer codes w i l l  enable  o t h e r  a i r f o i l s  of 
t h i s  type  t o  be designed w i t h  complete confidence.  Addi t iona l  informat ion on 
NASA's low- and medium-spesd air:!oils can b e  obta ined from the  McGhee-Beasley 
paper i n  t h e s e  proceedings ( r e f .  10). 
The mat r ix  of shapes  which c o n s t i t u t e  the NASA s u p e r c r i t i c a l  a i r f o i l  family  
i s  shown i n  f i g u r e  10. Design l i f t  c o e f f i c i e n t s  vary  from 0 t o  1.0, and th ick-  
ness  r a t i o s  from 0.02 t o  0.21. Th i s  family  is  based on improved des ign proce- 
dures  developed by R. T. Whitcomb and were def ined by us ing  t h e  t r a n s o n i c  
Bauer-Garabedian-Korn a n a l y s i s  code ( r e f .  7 ) .  Only two des igns  have been 
t e s t e d  t o  d a t e ;  f o u r  o t h e r s  a r e  i n  t h e  p lanning s t a g e s .  Many o t h e r  des igns  
a r e  a v a i l a b l e  f o r  test, a s  i n d i c a t e d  by t h e  s o l i d  d o t s ,  b u t  i t  is  l i k e l y  t h a t  
only  about ha l f  w i l l  be  s c  honored, 
R o t o r - a i r f o i l  r e sea rch  has  t h e  same o b j e c t i v e s  as those .  f o r  convent ional  
a i r f o i l s ,  t h a t  is, t h e  e v a l u a t i o n  of new a i r f o i l - d e s i g n  methodology by wind- 
tunnel  and f l i g h t  tests and development of improved s e c t i o n s .  Unfor tunate ly ,  
t h e i r  achievement is cons ide rab ly  more d i f f i c u l t  wi th  c u r r a n t  methods. Analys is  
t o o l s  which apply  f o r  two-dimensional s t eady  flow must, i n  some r a t i o n a l  way, 
be a p p l i e d  t o  the  r a p i d l y  changing, three-dimensional  environment of a r o t o r  
blade where r e l a t i v e  v e l o c i t i e s  may change from high subsonic  ,o low subsonic,  
o r  r e v e r s e  d i r e c t i o n  i n  one revo lu t ion .  R e s u l t s  conta'ned i n  the  proceeding 
papers hy G. J. Bingham, K. W. Noonan, and H. E. Jones and C.  E. Morris ,  Jr. 
would seem t o  i n d i c a t e  t h a t  p rogress  i s  being made i n  t h i s  a r e a  ( r e f s ,  11 
and 12). 
Three new r o t o r  a i r f o i l s  designed f o r  t e s t s  on t h e  AH-1G h e l i c o p t e r  a s  
we l l  a s  i n  Langley's two-dimensional wind tunne l s  a r e  shown i n  f i g u r e  11. Each 
has been designed by a d i f f e r e n t  method: t h e  f i r s t  us ing  a t r a n s o n i c  h ~ d o g r a p h  
equat ion s o l u t i o n  technique,  t h e  second us ing a linear-potentbal-equation 
method wi th  c o m p r e s s i b i l i t y  c o r r e c t i o n s  (parametr ic  c r r s t l i n e ) ,  and the  t h i r d  
us ing the  t r a n s o n i c  full-potentia$-equ?.tion method ( s u p e r c r i t i c a l  technology) 
of F. Bauer, P. Garabedian, and D. Korn ( r e f .  7 ) .  A l l  t h r e e  have beec t e s t e d  
i n  both the  Langley 6- by 19-inch and 6- by 28-inch t r a n s o n i c  tunne l s  a s  w e l l  
a s  i n  f l i g h t .  
The t o t a l  ro tor-a i r fo i l -development  e f f o r t  can b e s t  be ;udged by the  f a c t  
t h a t  a to ta l .  of 29 a i r f o i l s  havo been t e s t e d ,  21 i n  the  6- by 28-inch tunne l  
and 8 i n  t h e  6- by 19-inch tunnel .  Sose of the  p a r t i c i p a t i n g  o r g a n i z a t i o n s  
involved a r e  
6- by 1Y-inch t r a n s o n i c  tunnel  
NASA 
U. S . Army R&T Labora to r i es  (AVRADCOM) 
B e l l  He l i cop te r  Textron 
Nat ional  Aerospace Laboratory (NLR) , Netherlands 
6- by 28-inch t r a n s o n i c  tunne l  
B e l l  He l i cop te r  Textron 
Boeing Co. 
Hughes A i r c r a f t  Co. 
Sikorsky A i r c r a f t  
Wortmann 
THEORETICAL DEVELOPMENTS 
The a b i l i t y  t o  des ign a i r f o i l s  and t o  analyze  f lows about them has  grown 
by l e a p s  and bounds over :he p a s t  10 years .  Aided rind a b e t t e d  by a new genera- 
t i o n  of computers and improved s o l u t i o n  techniques ,  d e s i g n e r s  can now qu ick ly  
analyze  s u p e r c r i t i c a l  a i r f o i l s  wi th  and wi thout  shocks and multielement a i r -  
f o i l s ,  t ak ing  i n t o  account v iscous  e f f e c t s .  S i g n i f i c a n t  progress  h a s  a l s o  been 
made i n  the  t rea tment  of a i r f o i l s  wi th  reg ions  of separa ted  flcw. Many of the  
advancements c i t e d  have come o u t  of t h e  Langley a i r f o i l - r e s e a r c h  program and 
many more a r e  i n  s t o r e .  
Cpecif ic  a r e a s  where s i g n i f i c a n t  p rogress  h a s  been made and/or e f f o r t  i s  
being app l i ed  a r e  
Desiqn and a n a l y s i s  codes 
Shock/boundary-layer i n t e r a c t i o n  
Trail ing-edge i n  t d r a c  t i o n  
Leading-edge bubble i n t e r a c t i o n  
Separated f low 
Multielement a i r f o i l  a n a l y s i s  
Unsteady flow 
A s h o r t  d i s c u s s i o n  of each of these  t o p i c s  fo1lo:qs. 
Perhaps t h e  most s i g n i f i c a n t  development i n  a i r f o i l  theory i n  the  p a s t  
decade was t h e  formulat ion of the hodograph des ign  and "c i rc le-plane"  a n a l y s i s  
codes f o r  s u p e r c r i t i c a l  a i r f o i l s  by the  Garabedian-Korn-Bauer team a t  the  mU 
Courant I n s t i t u t e  ( r e f .  7). The o r i g i n a l  and improved ve r s ions  of these  two 
programs a r e  i n  us* around the  wor1.d and c o n s t i t u t e  one of  he key technology 
advances being u t i l i z e d  by the  a i r c r a f t  i n d u s t r y  i n  the  des ign  of  the  next  gen- I 
e r a t i o n  of commercial t r a n s p o r t s .  Figure 12  shows a n  a i r f o i l  which was desigued 
us ing  both the  des ign and a n a l y s i s  codes,  The top s i d e  geometry dep ic ted  was 
a r r i v e d  a t  through repeated runs  of the  des ign  code; t h e  bottom s i d e  r e s u l t i n g  
from these  same c a l c u l a t i o n s  was f u r t h e r  modified by us ing  the  a n a l y s i s  code t o  
make success ive  changes i n  the  bottom contour  u n t i l  the  d e s i r e d  p ressure  d l s -  
t r i b u t i o n  was obta ined.  The p ressure  d i s t r i b u t i o n  dep ic ted  i n  f i g u r e  15 was 
obta ined from the  a n a l y s i s  code f o r  a Mach number of 0.73 and a l i f t  c o c f f i -  
c i e n t  of 0.60. 
A second set of  programs capable  of s o l v i n g  both the  a n a l y s i s  and des ign  
problems was put  toge the r  by L. Car lson of l e x a s  A & M about 2 y e a r s  ago 
( r e f .  13). Carlson s o l v e s  t h e  f u l l  p o t e i i t i a l  equarioils  i n  t h e  phys ica l  p lane  
on a Car tes ian  coord ina te  system. H i s  method has  one advantage over tile hodo- 
graph approach of Garabedian i n  t h a t  i t  can des ign a i r f o i l s  For i n p u t  p r e s s u r e  
d i s t r i b u t i o n s  with shocks. An example of  t h i s  f e a t u r e  i s  given i n  f i g u r e  13. 
The des ign  program was given t h e  p r e s s u r e  d i s t r i b u t i o n  def ined L v  the  dashed 
l i n e  w i t h  a shock a t  approximately t h e  75-percent-chord s t a t i o n .  The computer 
program produced t h e  a i r f o i l  shown a t  the  bottom and the  s l i g h t l y  modified 
p ressure  d i s t r i b u t i o n  given by t h e  s o l i d  l i n e .  I n s e r t i n g  the  der ived a i r f o i l  
shape i n t o  t h e  a n a l y s i s  program produced t h e  c i r c l e s  and t r i a n g l e s  which a r e  i n  
nea r ly  p e r f e c t  agreement wi th  a c t u a l  des ign inpu t  ( t h e  s o l i d  l i n e ) .  
One of  t h e  most vexing problems i n  a i r f o i l  a n a l y s i s  i s  t h e  determinat ion 
of drag,  p a r t i c u l a r l y  a t  h igh subsonic speeds when imbedded shocks occur and 
under separa ted f low cond i t ions .  Moet of t h e  boundary-,layer r o u t i n e s  i n  use  
today f o r  c a l c u l a t i o n  of  boundary-layer displacement tk ickness  and s k i n - f r i c t i o n  
d rag  do n o t  apply  i n  r eg ions  where s t r o n g  i n t e r a c t i o n s  occur  with the  i n v i s c i d  
flow. Three of t h e s e  i n t e r a c t i o n  reg ions  a r e  being s t u d i e d  i n  t h e  Langley 
a i r f o i l - r e s e a r c h  program; these  a r e  shock/boundary-layer, t r a i l ing-edge ,  and 
leading-edge bubble i n t e r a c t i o n .  
The shocklboundary-iayer i n t e r a c t i o n  problem has  been s t u d i e d  under NASA 
g r a n t  a t  the  Univers i ty  of Michigan f o r  the  p a s t  3 o r  4 years .  The inves t iga -  
t i o n  s t a r t e d  wi th  an  i d e a l i z e d  laminar-boundary-layerloblique-shock c a s e  and 
proceeded through a  s e r i e s  of s t e p s  t o  t h ?  normal-shockl turbulent -b~~indary- layer  
problem discussed i n  these  proceedings i n  a  paper by A. F. Mess i ter  and T. C. 
Adamson ( r e f .  14) .  The next  s t e p  w i l l  be t o  cake t h i s  l o c a l i z e d  a n a l y s i s  and 
patch i t  i n t o  one of the  f u l l - p c t e n t i a l  a i r f o i l - a n a l y s i s  programs such a s  t h e  
one developed by F. Bauer, P. Garabedian, and D. Korn descr ibed e a r l i e r  
( r e f .  7) .  
The t r a i l ing-edge  i n t e r a c t i o n  may be even more important  from a  drag stand- 
po in t  s i n c e  the  l a s t  5 t o  10 percent  of the  a i r f o i l  i s  respons ib le  f o r  most of 
the  e r r o r  i n  d rag  p r e d i c t i o n s .  Empirical  f i x e s  c u r r e n t l y  employed i n  the  
boundary-layer r o u t i n e s  near  the c r a i l i n g  edge a r e  g e n e r a l l y  r e l i a b l e  i n  terms 
of ~ r e s s u r e - d i , t r i b u t i o n  p r e d i c t i o n s  bu t  a r e  no t  c o n s i s t e n t  f o r  drag es t ima tes .  
R. E. Melriik of Grumman Aerospace Corporation has  c a r r i e d  o u t  a  deb.a i led  ana ly t -  
i c a l  t r e a t s e n t  of the  trail ' . ;-edge i n t e r a c t i o n  whiclr holds  promlse of  improved 
d r a g  p r e d i c t i o n ,  H e  has found t h a t  accounting f o r  the  e f f e c t  of wak? curva tu re  
i s  c r u c i a l ,  and an a i r f o i l  a n a l y s i s  computer code, due to  A. Jameson. has been 
modified t o  inc lude  t h i s  e f f e c t .  A p r e s s u r e  d i s t r i b u t i o n  made us ing t h i s  code 
i s  shown i n  f i g u r e  14. l c  i s  f o r  t h e  Korn 0.75 a i r f o i l  a t  a  Mach number of 0.7 
and a  s e c t i o n  l i f t  coefficient of  0.669. Theore t i ca l  and exper imenta l  pres-  
s u r e s  a r e  c l e a r l y  i n  e x c e l l e n t  agreement; the  d rags  a r e  no t .  The t h e o r e t i c a l  
drag was 0.0082 a s  compared t o  an  experimental  value  of 0.0107. There is some 
opinion t h a t  the  experimental  value  i s  too high by about 20 coun t s ,  but  t h i s  
cannot be v e r i f i e d ,  (There is a  genera l  concern about most experimental  d r a g  
da ta . )  Drag c o r r e l a t i o n s  made us ing  d a t a  on a GA(W)-2 a i r f o i i  a t  s u p e r c r i t i c a l  
speeds obta ined i n  a n  Ohio S t a t e  Univers i ty  wind tunnel  wi th  a  d ivided plenum 
a r e  q u i t e  good. More resea rch  is requ i r sd  t o  obLa in  o r  i d e n t i f y  " i n t e r f e r e n c e  
t ' I free" zxper inen ta l  da ta .  Fur ther  d & : ~ i l s  of  t h e  t r a i l z r  -edge- in teract ion methodology can be found i n  the  paper by R. E. Me.': zbesc proceedings j ( re f .  15). Theore t i ca l  t rea tment  of t h e  leading-edge bubble i n t e r a c t i o n  has  been 
L attempted by W. R. Br i l ey  and H. McDonald ( r e f .  16) us ing an i t e r a t i v e  tech- 
! nique whereby t h e  p ressure  is  presc r ibed  and boundary-layer p r o f i l e s  and d i s -  
I placement th icknesses  a r e  determined. The p ressure  is r e c a l c u l a t e d  f o r  t h e  
I e f f e c t i v e  shape, and a new p r e s s u r e  inpu t  is  formulated based on d i f f e r e n c e s  f between the  o l d  and new pressures .  I n  a low-level e f f o r t ,  t h e  same type of  
I 
I problem is  being at tempted a t  Langley us ing  a d i f f e r e n t  procedure whereby t h e  
displacement th ickness  is  prescr ibed.  This procedure, which has  been developed 
by J. E. Car te r  and S. F. Wornom of Langley ( r e f .  17), is thought t o  have cer-  
t a i n  advantages over  t h e  pressure-prescr ibed method. It h a s  been s u c c e s s f u l  i n  
5 c a l c u l a t i n g  separated-flow bubbles i n  a depress ion  and a t  t h e  junc tu re  of a n  
i af terbody-s t ing combfnation. 
A i r f o i l  f lows wi th  l a r g e  amounts of  s e p a r a t i o n  have been c a l c u l a t e d  f o r  a 
number of y e a r s  using l i n e a r  methods and empi r i ca l  assumptions r e l a t e d  t o  t h e  
p c i n t  of s e p a r a t i s n  and t h e  separa ted  reg ion  i t s e l f .  More r e c e n t l y ,  these  flow 
problems have been a t t acked  us ing both  numerical  time-asymptotic methods f o r  
the  Navier-Stokes equat ion and £3-nite-difference r e l a x a t i o n  methods f o r  v a r i o u s  
forms of t h e  nonlinear-potential-f low equhtion.  The l a t t e r  a r e  used w i t h  a 
boundary-layer r o u t i n e  which is app l i ed  up t o  t h e  po in t  of separa t ion .  
K. W. Barnwell of Langley was t h e  f i r s t  t o  extend tlie i d e a s  developed 
using l i n e a r  p o t e n t i a l  equat ions  t o  t h e  f i n i t e  d i f f e r e n c e  approach ( r e f .  18).  
I n  Barnwell 's c a l c u l a t i o n  t h e  s e p a r a t i o n  ? o i n t  was not  solved f o r ;  i t  was pre- 
scr ibed.  An extension of h i s  approach, whereby t h e  separa t ion  p o i n t  is  de te r -  
mined i n  t h e  c a l c u l a t i o n ,  has  been undertaken by L. Car lson of Texas A & M 
under NASA g r a n t  ( r e f .  19). Some pre l iminary  r e s u l t s  have been obtaFned and a n  
example i s  shown i n  f i g u r e s  15 and 16. These f igurer ;  show the  p ressure  d i s t r i -  
but ion a t  a n  angle  of a t t a c k  of 18' and l i f t  vs. angle  of a t t a c k  f o r  :he Gk.(W!-2 
a i r f o i l  a t  a free-stream Mach number of 0.15. Note i n  f i g u r e  15 t h a t  t h e  £lo\.. 
s e p a r a t e s  a t  about 69 percent  of t h e  chord. Also, i t  should be recognized r i ~ a t  
a t  a n  angle  of a t r a c k  of 18O, t h e  a i r f o i l  i s  beyond i t s  maxim~im l i f t .  Fur the r  
exp lo ra t ion  of t h i s  technique is  underway. 
So f a r  t h e  d i scuss ion  of t h e o r e t i c a l  developmerts has been cons t ra ined  t o  
single-element a i r f o i l s .  Progress  has  a l s o  ?wen made i n  the  a n a l y s i s  of - l t i -  
element systems. Several  a n a l y t i c a l  methods have been developed around che 
country over t h e  p a s t  6 years ,  and t h e i r  capaJi! l t i e s  a-id 1 i m i t a t i o n s  a r e  f a i r l y  
we l l  known. The f e a t u r e s  of the  mu1tit:leroellt program developed by Lockheed f o r  
Langley (ref, 8),  and l a t e r  modified by Boeing t o  make i t  mure e f f i c i e n t  
( r e f .  20), a r e  l i s t e d  i n  f i g u r e  17. This i s  t h e  same program desc r ibed  e a r l i e r  
i n  the  "His to r i ca l  Perspect ive"  s e c t i o n  a s  having been used by k'hitcomb t o  
des ign t h e  GA(W)-1 low-speed a i r f o i l .  A s  can be seen i n  f i g u r e  17, the  Drogram 
computes a l l  t h e  q u a n t i t i e s  of  i n t e r e s t  f o r  a s  many a s  7 elements.  C o r r e l a t i o n s  
of theory wi th  experiment shcw t h a t  t h i s  computer code y i e l d s  r e s u l t s  of good 
accuracy up t o  t h e  po in t  of f low separa t ion .  Fur ther   improvement^ a r e  contern- 
p la ted  t o  improve t h e  accuracy ok the  drag p r e d i c t i o n ,  lnc lud ing  an improved 
slot--flow analysis and a trailing-edge-interaction patch. The former would be 
attempted by app'lying operator splitting methods to the Navier-Stokes equations. 
A c,ompanion study using the time-averaged Navier-Stokes equations is being 
carried out under NASA grant at Mississippi State University (ref. 21). It has 
reached the point where a two-element, compressible, turbulent flow code is now 
being debugged. A mapping procedure is used to transform the airfail elements 
and the external flow field onto the interior of a rectangle where the equa- 
tions are solved. The coc -dinate system in the physical plane is shown i i i  
figure 18. Note that the coordinate grid seems to compress in regions where 
the most resolution is required. It is expected that this computer pr~gram 
when fully developed will provide an excellent bench mark by which more approxi- 
mate and faster techniques can be judged, including those treating separated 
flows. 
The ability to analyze two-dimensional unsteady transonic flows is very 
much inferior to what one can do with steady flows. This is natural since the 
unsteady nonlinear potential equation is much more difficult to solve. A num- 
ber of procedures have Seen tried; the two developed under the Langley program 
which have had the most success are the nonlinear, small-disturbance solution 
of Weatherill, Ehlers, and Sebastian (Boeing) (ref. 22) and the full-potential- 
equation solution of Isogai at Langley. An exanple calculation from the Isogai 
code is given in figure 19. It is for a steady, high Mach number flow where data 
are available. Theoretical results' from a purely inviscid calculation and one in 
which the boundary-layer displacenent effect is iucluded are plotted. The lack 
of a proper accounting of the shockiboundary-layer interaction is the probable 
cause for much of the disagreement. 
An extension of the Isogai code to include the effect of an oscillating 
flap is discussed in a paper by R. M. Bennett and S . . R .  Bland in t.ilese pro- 
ceedings (ref. 23). 
TUNNEL-WALL INTERFERENCE 
The discussion of wind-tunnel-wall interference research has been isolated 
in a separate section, apart from theoretical developments and facilities, 
because of its special character and importance. Langley research in this area 
involves both theoretical and experimental studies for the assessment and elimi- 
nation of wall interference. A list of many of these activities follows: 
Slotted walls 
Barnwell correction of slot parameter 
Parametric slotted wall study in 5- by 19-inch transonic tunnel 
Slot flow diagnostic surveys in 8-foot transonic pressure tunnel 
Adaptive walls 
Flexible wall experiment in 6- by 19-inch transonic tunnel 
Flexible wall theoretical prediction 
Two-dimensional adaptive walls for 0.3-meter transonic cryogenic tunnel 
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Transonic assessment us ing experimental  boundary cond i t ions  
1 i Some of t h e s e  a r e  dificussed i n  t h e  fol lowing paragraphs. 
i 
R. W, Barnwell has  done a n  exhaust ive  s tudy  o f  s lo t t ed-wal l  boundary coc- 
d i t i o n s  and has  provided new i n s i g h t s  i n t o  t h e  d e f i c i e n c i e s  of o l d e r  methods. 
With t h e  a i d  of e x i s t i n g  d a t a ,  he h a s  der ived a semiempirical  des ign method f o r  
! 
s locted-wal l  tunnels .  Sore. of t h e  d a t a  u t i l i z e d  came o u t  o f  a parametr ic  
I experimental  s tudy conducted i n  t h e  6- by 19-inch t r a n s o n i c  tunnel  by Everhar t  
and Esrnwell and repor ted elsewhere i n  these  proceedings ( r e f .  24). 
1 
Very l i t t l e  d a t a  are a v a i l a b l e  on t h e  d e t a i l s  of t h e  f low it, and s d j a c e n t  
to ,  tunnel  w a l l  s l o t s .  More is needed t o  enable  a b e t t e r  assessment of v i scous  
e f f e c t s  and homogeneous boundary-condition assumptions. An experimental  inves- 
t i g a t i o n  is being c a r r i e d  o u t  i n  t h e  8-foot t r a n s o n i c  p ressure  tunne l  t o  pro- 
v i d e  some of t h e  needed da ta .  ,' 
Langley has had a cooperat ive  e f f o r t  i n  adap t ive  w a l l  r e sea rch  wi th  t h e  
Univers i ty  o f  Sollthampton, England, f o r  s e v e r a l  yea rs  ( r e f .  25). In-house t h e  
6- by 19-inch t ranson ic  tunnel  has  been used t o  exp lore  t h i s  technique.  Calcu- 
l a t i o n s  c a r r i e d  o u t  by Newman (LaRC) and Anderson (DCW I n d u s t r i e s )  f o r  compari- 
son w i t h  t h e  6- by 19-inch tunne l  t e s t s  a r e  discussed i n  t h e i r  paper included 
i n  these  cofiference proceedings ( r e f .  26). A l l  of these  a c t i v i t i e s  have con- 
t r i b u t e d  t o  tl-e des ign of an  adaptive-wall  two-dimensional s e c t i o n  f o r  t h e  
0.3-meter t r anson ic  cryogenic tunnel.  
A t h i r d  approach t o  the  wal l  i n t e r f e r e n c e  problem has  been proposed i n  t h e  
proceedings papsr by W. B. Kemp, Jr. ( r e f .  27) .  Through tbe  use of p ressures  
measured near  t h e  tunnel w a l l s  a s  bcundsry cond i t ions  i n  a tunnel  flow a n a l y s i s  
program, he is a b l e  t o  determine whether a f l a w  i s  c o r r e c t a b l e  and, i f  so ,  what 
t h e  c o r r e c t i o n s  should be. The method, i n  e f f e c t ,  e l i m i n a t e s  t h e  need f o r  a 
d e t a i l e d  knowledge ~f s l o t  f lows,  porous wa l l  flows, and s o  f o r t h .  
FUTURE RESEARCH REQUIREMENTS 
A r e c u r r i n g  theme i n  much of the  researcn discussed was the  need t o  improve 
the  accuracy of drag p red ic t ions .  Ex i s t ing  codes must he modified o r  new codes 
c rea ted  t o  inc lude  the  e f f e c t s  of s t r o n g  i n t e r a c t i o n s  and flow separa t ion .  
Although not d iscussed previously ,  turbulence models a r e  a l s o  a source of drag 
e r r o r  and a s t r o n g  e f f o r t  i s  needed t o  imp~bve  them. 
Good progress  i n  the  p r e d i c t i o n  of flows wi th  l a r g e  s e p a r a t i o n  was ind i -  
ca ted ,  but  many of the  techniques a r e  new anJ r e q u i r e  f u r t h e r  exp lora t ion .  In  
order  t o  o b t a i n  a c c u r a t e  d a t a  t o  v a l i d a t e  these  t h e o r i e s ,  i t  i s  mandatory t h s t  
s idewal l  t rea tments  i n  two-dimensional f a c i l i t i e s  be implemented and re f ined .  
There i s  a d e a r t h  of unsteady pressure  d a t a  a t  s u p e r c r i t i c a l  speeds. In 
a d d i t i o n  t o  c l a s s i c a l  o s c i l l a t o r y  d a t a ,  dynamic-stal l  and buffe t - type flows 
must be simul.ated. Wall i n t e r f e r e n c e  c o r r e c t i o n s  f o r  unsteady motions i s  a n  
a r e a  t h a t  has hardly  been scra tched.  
Improved wal l  cqr rec t ion  procedures f o r  steady flow are st i l l  a require- 
ment; t h e  use of measured wal l  pressures  should be pushed. Streamline-wall 
test s ec t ions  should be "herd wired" t o  computers so t ha t  the  wal l  adjustments 
I can be automated. 
As knowledge of flow s t a b i l i t y  improves, more research w i l l  be ca r r i ed  ou t  
on na tu ra l  laminar flow ~ n d  laminar flow with suction. This  w i l l  r equi re ,  i n  
many cases, improvements i n  tunnel flow q u a l i t y  and reduced- tunnel noise.  Con- 
tinued improvement i n  ana lys i s  t oo l s  t o  account f o r  new s t a b i l i t y  t heo r i e s  and - 
data  w i l l  al-so be necessary. 
Full-scale Keynolds number da t a  a r e  always desired.  Only a few f a c i l i t i e s  
around the  world can obta in  t he  l e v e l s  required f o r  large- t ransport  a i r f o i l  
sect ions.  Detailed cosparisons of the da t a  from these  f a c i l i t i e s  are required 
t o  f e r r e t  ou t  e r r o r  sources; e f f o r t s  t o  ob ta in  boundary-layer d iagnos t ic  da ta  
should be increased. 
1 Fina l ly ,  it should be recognized t h a t  a i r f o i l s  a r e  used i n  a three- 
dimensional environment. Considerably more e f f o r t  t o  include the  e f f e c t s  of 
sweep and taper  i n  the  design of a i r f o i l  s ec t i ons  is  needed. I n  addi t ion ,  the  
d i f f e r e n t  eavlronments of the  wing root ,  midspan region, and t i p  should be 
b e t t e r  defined so t h a t  a i r f o i l  sec t ions  can be designed taking i n t o  account 
these differences.  
t 
Clearly,  there  a r e  a n y  research oppor tun i t ies  and challenges i n  a i r f o i l  
aerodynamics. I f  they a r e  undertaken with the  same enthusiasm a s  t h a t  applied 
during the pas t  decade, then another quantum leap  i n  airfoil-aerodynamics 
c a p a b i l i t i e s  can be expected. 
APPENDIX 
SYMBOLS 
In this appendix, symbols which are used on the figures are defined. 
P - P, 
pressure coefficient,  
%a 
P* - P, 
sonic pressure coefficient, 
qw 
c airfoil chord 
Drag force 
section drag coefficient, 
L C  
Lift 
Z section lift coefficient, -qwc 
section pitching-moment coefficient, Pitching moment 
qwc 
2 
M, free-stream Mach number 
P local static pressure 
p, frea-stream static pressure 
P* static pressure at sonic velocity 
goo . free-stream dynamic pressure 
R unit Reynolds number 
Kc Reynolds number based on airfoil chord 
t maximum airfoil thickness 
"a, free-stream velocity 
a angle of attack 
6* boundary-layer displacement thickness 
Pw free-stream density 
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Figure 2. -  Comparison of o l d e r  NACA a i r f o i l s  wi th  
t h e  NASA GA(W)-2 a i r f o i l ,  
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Figure  4 .- Cross-sec t i o n  drawing of Langley 
6- by 19-inch t r a n s o n i c  tunne l .  
F i g u r e  3.-  The Langley low-turbulence p r e s s u r e  tunne l .  
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j 1 -  ENCLOSURE 
Figure 5.- Photograph of the Langley 6- by 28-inch 
transonic tunnel. 
Figure 6.-  Photograph of the Langley 0.3-meter transonic 
cryogenic tunnel with 20- by 60-cm two-dimensional 
t e s t  section. 
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Figure 7 . -  Interchangeable t e s t  sect ion capability 
of 0.3-meter transonic cryogenic tunnel. 
Figure 8.- GA(W)-2 a i r f o i l  on Beech Sundowner. 
SHAPE DEFINED 
TESTS PLANNED 
T E S T S  COMPLETED 
D N E W  LS(2) AIRFOILS 
0 i k + d d & 2  C ~ ,  design 
Figure 9.- Langley low-speed airfoil family. 




Figure 10.- NASA supercritical airfoil family. 
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Figure 11.- A i r f o i l s  f o r  AH-1G t l i g h t  t e s t .  
Figure 12 . -  Pressure d i s t r i b u t i o n  over an 
LFC a i r f o i l  calculated by the Korn- 
Carabedian a n a l y s i s  program. 
Moo = 0.73;  c1 = 0.60. 
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Figure 13.- Comparison of direct  and inverse 
Cp distributions calculated by Carlson 
computer codes. MoD = 0.80; a = - 0 . 5 ~ .  
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Figure 14.- Theoretical pressure distribution on 
Korn 0.75 a i r f o i l  including trailing-edge 
interaction. M, = 0.7;  c2 = 0.669. 
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Figure 15.- Theoretical and experimental pressure 
distribution comparisons for GA(W)-2 a i r f o i l  
with lerge separated flow region. M, = 0.15; 
a! = 180. 
Figure 16.- Experimental and theoretical 
variations of c t  with a! for 
GA(V)-2 a i r f o i l .  
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Figure 17.- Two-dimensional viscous-flow multielement 
airfoil program features. 
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Figure 19.-  Steady flow calculation for the 
NACA 648006 a i r f o i l  using Isogai unsteady 
potential flow code. Mm = 0.875; cx = 0 .  
- 
a .  .t 
3 4 4 
OVERVIEW OF TWO-DIMENSIONAL AIRFOIL RESEARCH 
AT .IIMES RESEARCII CENTER 
Gary T. Chapman 
NASA Ames Research Center 
INTRODUCTION 
The f i v e  b a s i c  elements of t h e  two-dimensional a i r f o i l  r e s e a r c h  program 
a t  Ames Research Center are i l l u s t r a t e d  i n  f i g u r e  1. These elements a r e  
experimental ,  t h e o r e t i c a l  ( inc lud ing  computational) ,  v a l i d a t i o n ,  d e s i g n  
op t imiza t ion ,  and i n d u s t r y  i n t e r a c t i o n .  The f i g u r e  a l s o  shows t h e  d i r e c t i o n  
of f low of t h e  informat ion,  s t a r t i n g  v i t h  exper imental  and t h e o r e t i c a l  and 
moving t o  v a l i d a t i o n ,  des ign  op t imiza t ion ,  and i n d u s t r y  i n t e r a c t i o n .  A s  i n  
any good program, t h e  informat ion a l s o  f lows i n  t h e  r e v e r s e  d i r e c t i o n  t o  
provide t h e  needs and guides  f o r  t h e  reseav-h. The fol lowing m a t e r i a l  t r e a t s  
each a r e a  b r i e f l y  and n o t e s  o t h e r  Ames papsrs  presented a t  t h i s  conference 
t h a t  cover t h e  t o p i c s  more completely. I n  o t h e r  t o p i c  a r e a s ,  r e c e n t  
p u b l i c a t i o n s  a r e  c i t e d  t o  provide more complete d e t a i l s .  
THEORETICAL RESEARCH 
The t h e o r e t i c a l  work can be divided i n t o  two major a r e a s :  computational 
aerodynamics computer codes and tu rbu lence  modeling. 
Computational Codes- The primary work f a l l s  i n t o  t h r e e  a reas :  Navier- 
Stokes codes, Euler  codes, and multielement a i r f o i l  codes. Deiwert and 
Ba i ley ' s  paper,  presented a t  t h i s  conference,  reviews t h e  work on time-averaged 
Navier-Stokes p r e d i c t i o n  of two-dimensional a i r f o i l  aerodynamics a t  Ames. A s  
ana lyses  t o o l s ,  t h e s e  ccdes a r e  becoming very u s e f u l ,  but  they a r e  s t i l l  too 
time-consuming (15-30 min on a CDC 7600) t o  be u s e f u l  f o r  des ign work. Some 
very good r e s u l t s  have been obtained wi th  t h e s e  codes when used f o r  t r a r s o n i c  
b u f f e t ,  an a r e a  t h a t  cannot be p red ic ted  by l e s s  s o p h i s t i c a t e d  codes. 
The paper by Olson provides a good example of work i n  progress  on 
p r e d i c t i o n  of complex multielement a i r f o i l s  a t  low speeds.  Although t h e  
technology is  s u f f i c i e n t l y  we l l  advanced t o  a l low determinat ion of optimum 
s l a t  and f l a p  s e t t i n g s ,  t h e  codes do no t  g ive  good a b s o l u t e  v a l u e s  of t h e  
aerodynamic c h a r a c t e r i s t i c s ,  p a r t i c u l a r l y  t h e  d rag  c o e f f i c i e n t .  
F i n a l l y ,  J.  Steger  has developed a time-dependent Euler code t h a t  has 
been modified f o r  easy use  wi th  an  assortmeut of a i r f o i l  problems by W. Chyu. 
This code t r e a t s  p i t c h i n g  and/or plunging a i r f o i l s  wi th  a time-varying f r e e -  
stream v e l o c i t y .  I n  a d d i t i o n ,  t h e  code can t r e a t  a s p a t i a l l y  varying upstream 
boundary cond i t ion  t o  a l low cons idera t ion  of a two-dimensional a i r f o i l  i n  a 
shear  flow. Th is  can be considered as a n  approximation of a r o t o r  b lade 
encountering a wake from a previous blade.  
Turbulence Modeling- Turbulence modeling is  a c r u c i a l  a r e a  of r2search  
f o r  t h e  success  of any conputa t iona l  method t h a t  a t t empts  t o  p r e d i c t  v i scous  
d rag  and/or s t r o n g l y  i n t e r a c t i n g  v i scous  flows such a s  s e p a r a t i o n  o r  shock 
boundary-layer i n t e r a c t i o n .  A major e f f o r t  is under way a t  Ames, p r imar i ly  
under t h e  d i r e c t i o n  of M. Rubesin. Th is  is a highly  complex s u b j e c t ,  and I 
w i l l  n o t  d e a l  wi th  it i n  d e t a i l .  The simple a l g e b r a i c  turbulence models of 
t h e  eddy v i s r o s i t y  type do an  adequate job f o r  f u l l y  a t t ached  flows, w i t h  
more s o p h i s t i c a t e d  one- and two-ec, - .at ion models being requ i red  as t h e  v i scous  
i n t e r a c t i o n  becomes more important.  However, computational time a l s o  i n c r e a s e s  
s i g n i f i c a n t l y .  The simple eddy v i s c o s i t y  models, however, do n o t  p r e d i c t  
drag b e t t e r  than about 5%. This  m-y be s u f f i c i e n t  f o r  two-dimensional a i r f o i l s  
s i n c e  w e  normally wish on ly  t o  s e l e c t  good candidate  a i r f o i l s  t o  use  i n  three-  
dimensional wing design.  
A primary requirement f o r  good turbulence modeling is  good experimental  
d a t a .  This  is t h e  a r e a  where much work needs t o  be done. 
EXPERIMENTAL RESEARCH 
For d i s c u s s i o n  purposes, experimental  r e s e a r c h  is divided i n t o  two a r e a s  : 
methodclogy and d a t a  base. 
Experimental Methodology- Th is  a r e a  d e a l s  b a s i c a l l y  wi th  t h e  development 
of new experimental  methods, p a r t i c u l a r l y  those  t h a t  have a p p l i c a t i o n  i n  
two-dimensional a i r f o i l  r e s e a r c h ,  Four new experimental  methods a r e  of 
i n t e r e s t :  l a s e r  velocimetry ,  holography, s k i n  f r i c t i o n  gages, and an a i r f o i l  
o s c i l l a t o r y  apparatus .  
Laser velocimetry is covered i n  two papers - one from Ames and one 
sponsored by Ames. These a r e  t h e  papers by Johnson (Ames) and Owens, respec- 
t i v e l y .  Johnson (Ames) shows t h e  high degree of accuracy t h a t  has  been 
obtained i n  both p o t e n t i a l  and v i scous  flows wi th  t h e  l a s e r  velocimeter .  
These included very a c c u r a t e  Reynolds shear  stress measurements i n  a shock- 
induced separa t ion  on an a i r f o i l  a t  Mach number 0.8. The Owens paper shows 
t h e  a p p l i c a t i o n  of c o n d i t i o n a l  sampling techniques t o  provide temporal a s  we l l  
a s  s p a t i a l  r e s o l u t i o n  of time p e r i o d i c  f lows. The l a s e r  velocimeter  has  
reached the  s t a g e  of a h igh ly  a c c u r a t e  resea rch  t o o l .  However, a t  t h i s  po in t  
i t  is no t  a production test device  i n  the  sense  t h a t  a h ighly  t r a i n e d  i n d i v i -  
dual  i s  s t i l l  required f o r  opera t ion  and d a t a  i n t e r p r e t a t i o n .  
The use  of holography i n  two-dimensional t e s t i n g  is  a l s o  discussed i n  t h e  
paper by Johnson (Ames). Although t h i s  technique i s  much never than the  l a s e r  
velocimeter ,  i t  a l ready  shows e x c e l l e n t  promise. The p o t e n t i a l  f o r  completely 
mapping t h e  d e n s i t y  f i e l d  i n  a s i n g l e  p i c t u r e  makes f o r  much more r a p i d  data-  
ga ther ing  than t h e  l a s e r  velocimeter .  Holography has  been shown t o  be ve ry  
accura te ,  both by comparison wi th  l a s e r  velocimetry  d a t a  and wi th  s u r f a c e  
s t a t i c  p ressures .  This  l a t t e r  comparison sugges t s  t h e  p o s s i b i l i t y  of t e s t i n g  
nonpr essure- instrumented models and hence c u t t i n g  manufacturing c o s t s  
considerably .  
A new experimental apparatus t h a t  provides new d a t a  f o r  unsteady 
aerodynamics has been developed. This new two-dimensional a i r f o i l  o s c i l l a t i n g  
apparatus f o r  t he  Ames 11-Ft Transonic Tunnel is reported i n  a paper by Davis 
and Malcolm a t  t h i s  conference. The t e s t  apparatus allows f o r  a wide range # 
of t e s t  conditions: reduced frequencies  t o  0.35; Mach numbers from 0.4 t o  1.2; 
Reynolds numbers t o  12 mil l ion;  cen te r  of r o t a t i o n  from p lus  i n f i n i t y  t o  minus 
i n f i n i t y  (pure plunge t o  o s c i l l a t i o n  about any poin t  on o r  off t he  a i r f o i l ) ;  
s t a t i c  angles  of a t t a c k  t o  16'; and pi tching amplitude of 42'. The apparatus  
has automated real-t ime d a t a  acqu i s i t i on ,  f i r s t  harmonic ana lys i s ,  and d i sp l ay  
capab i l i t y  provided by a dedicated minicomputer. The apparatus is opera t iona l  
and has a l ready g rea t ly  expanded the  d a t a  base i n  t h i s  area.  
A s i g n i f i c a n t  amount of work is going on a t  Ames t o  develop simple and 
accura te  sk in  f r i c t i o n  gages. Two types a r e  under development: the  "buried" 
wire  gage and a very s-11 f l o a t i n g  element mounted on a c r y s t a l  gage. The 
"buried" wire gage development is near ly  complete and has  been reported by 
Murthy and Rose ( r e f .  1). This gage is  s imi la r  i n  p r inc ip l e  t o  most heated 
wire  o r  f i lm  sk in  f r i c t i o n  gages but d i f f e r s  i n  construct ion.  The heated 
w i r e ,  a f t e r  being soldered t o  t he  leads,  is  pulled snuggly t o  the  sur face  of 
a p l a s t i c  button ( leads pass through holes  ir. the  button).  A drop of solvent  
is  placed on the  sur face  around the  wire,  bringing the  subs t r a t e  (button) 
mater ia l  i n t o  suspension. When t h e  solvent  evaporates,  a smooth, very t h i n  
coa t  is deposited over t he  wire. Gages constructed i n  t h i s  manner a r e  
inexpensive, simple t o  use,  repeatable ,  and f a i r l y  accurate .  
The f l o a t i n g  element gage is nearing the  point  of f i r s t  t e s t .  The bas ic  
idea is  s imi la r  t o  a l l  f l o a t i n g  element gages. The major d i f fe rence  i s  tha t  
the  c r y s t a l  mount ( the  de f l ec t i ng  beam) is  very r i g i d ,  allowing movement of 
only a few mi l l ion ths  of an inch. This r equ i r e s  a spec i a l  sensing method. 
The technique used bere  is a sur face  acous t ic  wave de t ec t i on  method - t he  
sur face  acous t ic  wave speed being l i n e a r l y  proport ional  t o  t he  s t r e s s  i n  the 
beam sur faces  caused by de f l ec t i on  of the beam. This device is  much more 
exper~sivs  t h a t  a "buried" wire gage but has the po t en t i a l  f o r  much higher 
accuracy and does not r equ i r e  in-placc ca l i b r a t i on .  
Data Base- The da ta  base work covers th ree  primary a reas :  s teady,  
unsteady, and turbulence. Data base information is seldom i so l a t ed  from some 
other  a c t i v i t y  because i t  is normally acquired t o  va l ida t e  a theory o r  develop 
a b e t t e r  understanding on which a more complete theory can be developed. This 
is p a r t i c u l a r l y  t r u e  of the  two-dimensional a i r f o i l  research a t  Ames. Examples 
of s teady da ta  base can be found i n  t he  papers by Lores, Burdges, Shrewsbury, 
and Hicks, and by Johnson (Vought) and Hicks. Examples of unsteady da ta  can be 
found i n  the  paper by Davis acd Malcolm and f o r  turbulence i n  t he  paper by 
Johnson (Ames) . 
VALIDATION 
I Validation is the s t ep  whereby theory and experiment aye brought together  f o r  comparison. I t  can be used both t o  va l ida t e  t h e  theory or  point out e r r o r s  i n  the experiment. This is a cont inual  area of acitivity tha t  is  never I 
r e a l l y  f i n i s h e d .  I would l i k e  t o  d e s c r i b e  b r i e f l y  one example i n  t h e  a r e a  of I 
wind-tunnel w a l l  i n t e r f e r e n c e .  Much has  been s a i d  about t h e  need f o r  a good 1 
s e t  of in te r fe rence- f ree  wind-tunnel d a t a  on an  a i r f o i l  a t  r"ansonic speed. 
I n  an  a t tempt  t o  a s s e s s  w a l l  i n t e r f e r e n c e  i n  t h e  2 by 2 f t  t r anson ic  wind 
tunnei  a t  Ames ( t h i s  i3 a s l o t t e d  t e s t  s e c t i o n  f a c i l i t y ) ,  some i n t e r e s t i n g  
po in t s  have been discovered.  This  d i scovery  r e s u l t s  from a more complete 
comparison of experiment and theory.  The experiment was wi th  an  NACA 64A010 
a i r f o i l .  Both p ressure  d i s t r i b u t i o n  and flow f i e l d s  were measured ( t h e  l a t t e r  
wi th  t h e  laser ve loc imete r ) .  Compu~ations were made wi th  a small dis turb-ce  
t r anson ic  code under cond i t ions  f o r  which t h e  theory would be expected t o  be 
v a l  i d .  
F i r s t ,  c a l c u l a t i o n s  were made a t  t h e  s e t  a n g l e  of a t t a c k .  A t  t h i s  
condi t ion,  t h e  l i f t  and p r e s s u r e  d i s t r i b u t i o n  were missed badly,  but  t h e  flow 
angle  measurement (one chord h e i g h t  above t h e  model) was predic ted very  w e l l  
upstream and over t h e  l ead ing  edge b u t  dev ia ted  dawnstream of t h e  l ead ing  
edge. A second c a l c u l a t i o n  was performed a t  a n  ang le  of a t t a c k  t h a t  r e s u l t e d  
i n  t h e  c o r r e c t  l i f t  c o e f f i c i e n t  . A t  t h i s  cond i t ion ,  t h e  p ressure  d i s t r i b u t i o n ,  
while no t  e x a c t ,  was r e a l i s t i c ;  however, t h e  s t ream a n g l e  was n o t  c o r r e c t  
anywhere although t h e  agreement improved i n  t h e  downstream p o r t i o n  of t h e  
flow. This sugges t s  t h a t  t h e  c l a s s i c a l  angle-of-attack c o r r e c t i o n  method used 
f o r  ~ r a ~ l = m i c  w a l l  e f f e c t  is n o t  v a l i d  i n  genera.1. 
0 
DESIGN OPTIMIZATION 
The a p p l i c a t i o n  of numer2cal op t imiza t ion  procedures - with  e x i s t i n g  
a i r f o i l  computational methods - t o  t h e  problem of a i r f o i l  des ign  has  been 
a c t i v e l y  researched a t  Arne&. Work has  been under way i n  t h r e e  d i f f e r e n t  a r e a s :  
t r anson ic  a i r f o i l s ,  low-speed improved CLmax a i r f o i l s ,  and r o t o r  a i r f o i l s .  
There a r e  two papers  on t r a n s o n i c  a i r f o i l  des igns  t h a t  a r e  t h e  r e s u l t  of 
cooperat ive  programs wi th  i n d u s ~ r y .  These a r e  t h e  papers by -- Lores - - (Lockheed- 
Georgia) e t  a l ,  , and Johnson (Vought) and Hicks. ~ h i s e -  tqo papers i l l u s t r a t e  
the  power, a s  we l l  a s  t h e  l i m i t a t i o n s ,  of t h i s  method of des ign.  
I n  t h e  area of low-speed a i r f o i l s  designed t o  improve CLmax, t h e r e  has 
been cons iderab le  success .  A r e c e n t  l ead ing  edge modi f i ca t ion  (30% of upper 
su r face)  of an NACA 63*215 r e s u l t e d  i n  a 20% improvement I n  C L ~  a t  l and ing  
condi t ions .  Other cases  have a l s o  been designed and t e s t e d .  A gesign meth- 
odology has evolved and been v e r i f i e d ,  and a handbook of l ead ing  edge 
modif icat ions  ( t h e o r e t i c a l l y  def ined)  f o r  t h e  most widely u ~ e d  NACA a i r f o i l s  
is underway. 
The r o t o r  a i r f o i l  s e c t i o n  work is  unique i n  t h a t  t h e s e  sect io i rs  r e q u i r e  
mul t ipo in t  des igns .  The r e t r e a t i n g  blade (shock-induced s t a l l  a t  M = 0.4 
and 0.5) and advancing blade t ranson ic  e f f e c t s  must be  considered,  A r e c e n t  
three-point  des ign  has been t e s t e d  and found s a t i s f a c t o r y  a l though not  t h e  
b e s t  poss ib le .  This  a r e a  of mul t ipo in t  des ign  w i l l  cont inue t o  r e c e i v e  
g r e a t e r  a t t e n t i o n .  
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INDUSTRY INTERACTION 
Indus t ry  i n t e r a c t i o n  is n o t  an  area of r e s e a r c h  but r a t h e r  a  mode of 
o p e r a t i o n  t h a t  is e s s e n t i a l  t o  good app l ied  resea rch .  The two papers  descr ibed 
i n  t h e  foregoing s e c t i o n  regarding t r a n s o n i c  a i r f o i l  des ign  op t imiza t ion  (Lores 
e t  a l . ,  and Johnson (Vought; and Hicks) a r e  examples of t h i s  i n d u s t r y  i n t e r a c -  
t i o n .  The importance of t h e  two-way n a t u r e  of t h i s  i n t e r a c t i o n  i s  c r u c i a l  t o  
t h e  foregoing work. NASA g e t s  d i r e c t  inpu t  of i n d u s t r y ' s  needs a s  we l l  a s  
a c t i v e  eva lua t ion  of t h e  v a l i d i t y  of t h e  resea rch  i t  is  conducting.  Indus t ry  
g e t s  t h e  f a s t e s t  p o s s i b l e  t r a n s f e r  of new technology, o f t e n  long before  
complete pub l ica t ion  o r  documentation i s  a v a i l a b l e .  This  i s  a  cont inuing a r e a  
of a c t i v i t y  wi th  a s h i f t  towards i n t e r a c t i n g  f o r  complete three-dimensional 
wing design problems. 
CONCLUDING REMARKS 
I n  conclus ion,  t h e  two-dimensional a i r f o i l  aerodyn&zics r e s e a r c h  a t  
Ames Research Center has  been b r i e f l y  desc r ibed .  Although in many r e s p e c t s  
it  is a  small  program, t h e  c o n t r i b u t i o n s  are s u b s t a n t i a l .  
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Figure 1.- Two-dimensional airfoil research at Ames Research Center. 
TRANSONIC AIRFOIL CODES* 
P.R. Garabedian 
New York University 
! SUMMARY 
Three books on supercritical wing sections have been pub- 
lished recently that document and list codes for the design and 
analysis of transonic airfoils. The codes have had a significant 
impact on the development of supercritical wing technology. Thi? 
paper is devoted to several new contributions to the theory on 
5 which the ccdes are based. It has become possible to prescribe 
I 
the pressure distribution within a reasonabl~ tolerance even over 
the supersonic portion of a shockless ajrfcil. The purely sub- 
sonic problem of modeling the flow near the trailing edge has 
been handled in a way that eliminates any appreciable loss of 
lift in practice. Boundary layer effects are taken into account 
in an empirically satisfactory fashion. The work has been ex- 
tended to the case of cascades of airfoils appropriate for the 
design of compressor and turbine blades. These methods cf com- 
putational fluid dynamics have produced a family of airfoils that 
deliver outstanding performance over a wide range of conditions. 
INTRODUCTION 
In the last few years three books have appeared that list 
computer codes for the design and analysis of trans~nic airfoils 
(refs. 1,2,3). The design code relies on the motiiod of complex 
~haracteristics in the hodograph plane to construct shockless 
airfoiis. The analysis code uses artifical viscosity to calcu- 
late flows with weak shock waves at off-design conditions. Com- 
parisons with experiments show that an excellent simulation of 
two-dimensional wind tunnel tests is obtained. The codes have 
been widely adopted by the aircraft inuustry as a tool for the 
development of supercritical wing technology. 
SYMBOLS 
f complex analytic function 
h real func t.ion 
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i s q u a r e  r o o t  o f  -1 
k r e a l  c o n s t a n t  
M Mach number 
q  speed 
u f u n c t i o n  o f  x and y 
u  1 even f u n c t i o n  o f  y 
o2 even f u n c t i o n  o f  y  
x c a ~ l o n i c a l  c o o r d i n a t e  
Y c a n o n i c a l  c o o r d i n a t e  
5 c h a r a c t e r i s t i c  c o o r d i n a t e  
rl c h a r a c t e r i s t i c  c o o r d i n a t e  
8 f low a n g l e  
P d e n s i t y  
9 v e l o c i t y  p o t e n t i a l  
$ s t r e a m  f u n c t i o n  
ANALYSIS AND DESIGN 
For a n a l y s i s ,  d i f f e r e n c i n g  of t h e  p a r t i a l  d i f f e r e n t i a l  
e q u a t i o n s  o f  q a s  dynamics t h a t  do n o t  adhe re  t o  s t r i c t  con- 
s e r v a t i o n  form t u r n s  o u t  t o  g i v e  t h e  b e s t  r e p r e s e n t a t i o n  of  
boundary layer-shock wave i n t e r a c t i o n  o v e r  a  broad r ange  o f  
c o n d i t i o n s  ( r e f .  2 ) .  An improved formula  f o r  t h e  wave d r a g  
compensates f o r  e r r o r s  i n  t h e  c o n s e r v a t i o n  of  mass a c r o s s  shocks  
t h a t  a r e  of t h e  t h i r d  o r d e r  i n  t h e  shock s t r e n g t h .  Modern t e c h -  
n iques  o f  c o n f ~ r m a l  mapping and f a s t  F o u r i e r  t r a n s f o r m  have l e d  
t o  an upgraded a n a l y s i s  code t h a t  h a s  unusua l  speed and accu racy  
( ref .  3 ) .  
Correc t i .ons  f o r  t h e  d i sp l acemen t  t h i c k n e s s  o f  t h e  t u r b u l e n t  
boundary l a y e r  have been made i n  b o t h  t h e  d e s i g n  and t h e  a n a l y s i s  
codes .  Even more impor t an t  i s  an adequa t e  model o f  t h e  f l ow  n e a r  
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-2he t r a i l i n g  edge of  t h e  a i r f o i l .  I t  s u f f i c e s  t o  r e p r e s e n t  t h e  
wake by a p a i r  of  p a r a l l e l  s t r e a m l i n e s  a c r o s s  which t h e  p r e s s u r e  
ba lances .  Large f a v o r a b l e  p r e s s u r e  g r a d i e n t s  can be t o l e r a t e d  on 
t h e  lower s u r f a c e  t o  provide  f o r  heavy a f t  loading.  However, a  
S t r a t f o r d  d i s t r i b u t i o n  should be used a t  t h e  r e a r  of  t h e  upper 
s u r f a c e  t o  l i m i t  t h e  adverse  p r e s s u r e  g r a d i e n t  t h e r e  s o  a s  t o  
avoid s e p a r a t i o n .  A i r f o i l s  des igned wi th  t h i s  i n  mind perform 
w e l l  ove r  a  wide range o f  c o n d i t i o n s .  
Shockless  a i r f o i l s  s e r v e  a s  an a c c e p t a b l e  mathematical 
model f o r  t h e  d e s i g n  of  s u p e r c r i t i c a l  wing s e c t i o n s .  Drag c r e e p  
can be reduced by r e s t r i c t i n g  t h e  s i z e  o f  t h e  superson ic  zone i n  
t h e  shock less  flow. The d e s i g n  method h a s  been extended t o  in-  
c lude  cascades  of  a i r f o i l s  such a s  occur  i n  compressors and t u r -  
b i n e s .  P r e s e n t  codes can handle  gap-to-chord r a t i o s  down to  
u n i t y  (see f i g u r e s  1 and 2 ) .  The concept  o f  a  s u p e r c r i t i c a l  com- 
p r e s s o r  b lade  h a s  been t e s t e d  s u c c e s s f u l l y  by Harry Stephens o f  
P r a t t  and Whitney A i r c r a f t  i n  a  cascade wind t u n n e l  o f  t h e  DFVLR 
i n  Germany (see f i g u r e  3) . 
The latest v e r s i o n  o f  t h e  des ign  cs2e enab les  one t o  a s s i g n  
t h e  p r e s s u r e  d i s t r i b u t i o n  w i t h  a  c e r t a i n  t o l e r a n c e  and s t i l l  ob- 
t a i n  shock less  flow when it e x i s t s  ( r e f .  3 ) .  This  is  achieved 
by formula t ing  a  new boundary va lue  problem i n  t h e  u n i t  circle 
of  t h e  complex p lane  of  one o f  t h e  c h a r a c t e r i s t i c  c o o r d i n a t e s  f o r  
t h e  gas  dynamics equa t ions .  It is worthwhile t o  review b r i e f l y  
t h e  theory  under ly ing t h e  new code, which seems t o  be  q u i t e  suc- 
c e s s f u l  i n  p r a c t i c e .  
I n  terms of  c h a r a c t e r i s t i c  coord ina tes  5 and n , t h e  p a r t i a l  
d i f f e r e n t i a l  equa t ions  f o r  t h e  v e l o c i t y  p o t e n t i a l  + and stream 
f u n c t i o n  $J of p lane  compress ib le  flow can be expressed  i n  t h e  form 
where M is t h e  l o c a l  Mach number and p is  t h e  d e n s i t y .  Through 
a n a l y t i c  c o n t i n u a t i o n  t h e  equa t ions  remain v a l i d  i n  t h e  complex 
domain. The speed q and ang le  8 of t h e  flow a r e  r e l a t e d  t o  5 
and q by t h e  formulas 
log  f ( ~ )  = i e  , 
log  == /,/S%+ 9 i e  , 
where f  i s  an a n a l y t i c  f u n c t i o n  mapping t h e  flow on to  a  region 
t h a t  can be taken a s  t h e  u n i t  c i r c l e  151 < 1. Ana ly t i c  con t in -  
u a t i o n  around t h e  s o n i c  l i n e  can be performed along pa ths  on 
2 
which 1 - M  does n o t  v a n i s h .  
The problem o f  f i n d i n g  a n  a i r f o i l  on which t h e  p r e s s u r e  is a 
p r e s c r i b e d  f u n c t i o n  o f  t h e  arc l e n g t h  is e q u i v a l e n t  t o  t h e  prob- 
l e m  o f  f i n d i n g  a p r o f i l e  on which t h e  speed i s  a s s i g n e d  a s  a 
f u n c t i o n  q =q(@) of  t h e  v e l o c i t y  p o t e n t i a l .  I n  t h e  u n i t  c i rc le  
161 < 1 t h i s  r educes  t o  t h e  q u e s t i o n  o f  d e t e r m i n i n g  t h e  nap  func.  
t i o n  f and t h e  s t r e a m  f u n c t i o n  JI froin boundary c o n d i t i o n s  of  t h e  
form 
where h is  known i n  ternis o f  q and k is a giver,  real c o n s t a n t .  
T h i s  n o n l i n e a r  boundary v a l u e  problem can  be s o l v e d  i t e r a t i v e l y  
by f i r s t  gues s ing  @ so t h a t  f c a n  be c a l c u l a t e d  and t h e n  com- 
p u t i n g  $ and @ so t h a t  t h e  p r o c e s s  can  b e  r e p e a t e d .  For  an ap- 
p r o p r i a t e  c h o i c e  o f  h and k t h e  i t e r a t i o n s  converge  even  i n  t h e  
t r a n s o n i c  c a s e  t o  a s h o c k l e s s  s o l u t i o n  t h a t  y i e l d s  t h e  p r e s c r i b e d  
p r e s s u r e  d i s t r i b u t i o n ,  e x c e p t  f o r  minor d e v i a t i o n s  t h a t  must b e  
expec ted  i n  t h e  s u p e r s o n i c  zone.  (See f i g u r e s  4 and 5.) 
Nuae r i ca l  computa t ions  s u g g e s t  t h a t  t h e  boundary v a l u e  
problem t h a t  h a s  been formula ted  i n  t h e  complex domain is w e l l  
posed. T h i s  h a s  been proved i n  a v e r y  s p e c i a l  c a s e  by Sanz 
( r e f .  4 ) .  H e  c o n s i d e r s  t h e  Euler-Poisson-Darbow e q u a t i o n  
o b t a i n e d  by b r i n g i n g  t h e  Tricomi e q u a t i o n  i n t o  c a n o n i c a l  form. 
The problem becomes t o  f i n d  a s o l u t i o n  u i n  t h e  u n i t  c1rc l .e  w i t h  
p r e s c r i b e d  v a l u e s  o f  ~ e ( u )  on t h e  boundary.  Sanz i n t r o d u c e s  a 
decomposi t ion 
of  u i n t o  two s o l u t i o n s  t h a t  a r e  e a s i l y  r e f l e c t e d  a c r o s s  t h e  x-  
a x i s .  H e  i s  l ed  t o  boundary v a l u e  problems f o r  u l  and u2 i n  t h e  
upper  u n i t  semicircle t h a t  can  be so lved  i n  c l o s e d  form. 
Numerous examples of  s h o c k l e s s  a i r f o i l s  have been c a l c u l a t e d  
by t h e  method of complex c h a r a c t e r i s t i c s  u s i n g  t h e  code with pre -  
s c r i b e d  q($). These i n c l u d e  symmetric a i r f o i l s  w i t h  t w c  super -  
s o n i c  zones ( f i g s .  4 and 5 1 ,  compressor a i r f o i l s  s u i t a b l e  f o r  
s t a t o r s  (fig. l ) ,  and t u r b i n e  a i r . - f o i l s  w i t h  l a r g e  t u r n i n g  a n g l e s  
( f i g .  4 ) .  The procedure  i s  1argcl.y a u t o m a t i c ,  tind it is r e l a -  
tively easy to implement new ideas ab~ut design that depend on 
the pressure distribution. However, further conformal trans- 
formation of the characteristic coordinates will be required if 
gap-to-chord ratios significantly lower than unity are desired. 
It would be of interest to generalize the method a£ designing 
shockless airfoils based on giving a pressure distribution to the 
case of three-dimensional transonic flow past a swept wing. This 
might be achieved by modifying the analysis code appropriately 
and introducing an artifical viscosity that smears shocks. To 
start with it would be helpful to have a fast STAR version of the 
swept wing code published recently by Jameson and Caughey (refs. 
2 and 5). Wozk on these proposals is in progress at the Courant 
Mathematics and Computing Laboratory. 4, 
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- INPUT 
+ OUTPUT 
M2= .53q DEL TH= 35 -00 G / C =  .99 
Figure 1.- Stephens stator blade. 
- INPUT 
+ OUTPUT 
M2= - 762 DEL TH= 99.26 
Figure 2.- Sanz turbine blade. 
PRRTT RND WHITNEY COMPRESSOR AIRFOIL R=l * l  MILLION 
- THEORY MI=-780 M2=.Y80 DEI, TH=25.0 
A EXPER I MENT M 1 = 775 M2- SLI4 DEL THz25.5 LOSS;. 0 196 
Figure 3.- Supercritical compressor test data. 
- INPUT 
+ OUTPUT 
MI-831 CL; -000 O X = - . O O O  DYz .021 
Figu re  4.- Symmetric s1lor:kless air-oil. 
M=-831 CL= .000 O X = - . O W  DY= ,021 T/C=.110 
Figure 5 . -  Complex hodograph plane. 
APPLICATION OF DIRECT-INVERSE TECHNIQUES 
TO AIRFOIL ANALYSIS AND DESIGN* 
Leland A. Carlson 
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SUMMARY 
During t h e  pas t  few years ,  t h e  direct- inverse technique has been de- 
veloped i n t o  a numerical method, c a l l e d  TRANDES, t h a t  i s  s u i t a b l e  f o r  the 
ana lys i s  and design of subsonic and t ransonic  a i r f o i l s  and f o r  t h e  evaluat ion 
of design concepts. This paper provides a general  descr ip t ion  of t h e  method, 
demonstrates its appl ica t ion  t o  a design-analysis type of problem, and 
f i n a l l y ,  discusses  a new usage of t h e  method f o r  t h e  low speed high l i f t  case.  
INTRODUCTION 
The bas i c  concept of t h e  present  method ( r e f s .  1-4) is t o  have a tech- 
nique which can be used i n  e i t h e r  t h e  d i r e c t  (ana lys i s )  mode i n  which the  
a i r f o i l  shape is  prescribed and t h e  f lowf ie ld  and sur face  pressures  a r e  de- 
termined, o r  i n  t he  direct- inverse (design) mode i n  which an i n i t i a l  nose 
shape is  given along with t he  pressure d i s t r i b u t i o n  on the  remainder of t h e  
a i r f o i l .  I n  t he  l a t t e r  case,  t h e  f lowf ia ld  and ac tua l  a i r f o i l  shape a r e  
computed. 
The r e s u l t a n t  computer program, ca l l ed  TRANDES, ( r e f .  5) ,  has severa l  
unique f ea tu re s .  I n  order t c  achieve accuracy, the method u t i l i z e s  t h e  f u l l  
i nv i sc id  p o t e n t i a l  flow equation; and i n  order t o  remain simple, i t  solves  
t h e  problem i n  a s t re tched  Cartesian g r id  system t h a t  maps t h e  i n f i n i t e  
physical  plane t o  a rectangular  computational box. Further ,  t o  avoid a t  
supersonic po in t s  d i f f i c u l t i e s  associated with nonalignment of t h e  coordinates  
and t h e  f lowf ie ld ,  a ro ta ted  f i n i t e  d i f fe rence  scheme i s  used i n  t h e  so lu t ion ;  
and the  r e s u l t i n g  transformed f i n i t e  d i f fe rence  equations a r e  solved i t e r a -  
t i v e l y  by column r e l axa t ion  sweeping from upstream t o  downstream. F ina l ly ,  
t h e  method does include t h e  e f f e c t s  of weak viscous i n t e r ac t i on .  The bas ic  
idea i n  t he  design case is  t o  t r e a t  t h e  a i r f o i l  determined by t h e  inverse  
method a s  t h e  displacement sur face  and t o  subt rac t  from it a displacement 
thickness  determined by a Naah-Macdonald ( r e f .  6) turbulent  boundary l aye r  
computation i n  order  t o  ob ta in  t he  a c t u a l  a i r f o i l  coordinates.  It should be 
noted t h a t  t he -p re sen t  program determines t h e  a i r f o i l  shape simgitaneously 
*Supported by NASA Grant NSG 1174 
**Presently wi th  t he  Boeing Co,, S e a t t l e ,  WA 
with t h e  f l o w f i e l d  r e l a x a t i o n  s o l u t i o n .  For t h e  a n a l y s i s  case ,  t h e  approach 
is t o  c a l c u l a t e  a boundary l a y e r  displacement th ickness  and t o  u s e  i t  t o  
c o r r e c t  t h e  l o c a t i o n  of t h e  displacement s u r f a c e  ( i . e .  a i r f o i l  o r d i ~ a t e  p l u s  
6*). The f l o w f i e l d  is then solved i t e r a t i v e l y  wi th  t h e  displacement s u r f a c e  
being updated e+,rery t e n  r e l a x a t i o n  cyc les .  
Now, i n  t h e  des ign  mode, t h e  shape of t h e  nose reg ion  ( t y p i c a l l y  6-10% 
chord) is s p e c i f i e d  and a p ressure  d i s t r i b u t i o n  is  prescr ibed over t h e  re -  
mainder of t h e  a i r f o i l .  Thus, t h e  a p p r o p r i a t e  a i r f o i l  boundary cond i t ion  i n  
t h e  d i r e c t  r eg ion  near  t h e  l ead ing  edge i s  t h e  s u r f a c e  tangency requirement 
and i n  t h e  i n v e r s e  region,  where t h e  p ressure  is  s p e c i f i e d ,  i t  is e s s e n t i a l l y  
t h e  s p e c i f i c a t i o n  of t h e  der ivat iv 'e  of t h e  p e r t u r b a t i o n  p o t e n t i a l  i n  t h e  x- 
d i r e c t i o n .  I n  o rder  t o  s a t i s f y  t h e s e  a t  t h e  a i r f o i l  boundary, which i n  
genera l  w i l l  no t  co inc ide  wi th  t h e  C a r t e s i a n  g r i d  p o i n t s ,  t h e  d e r i v a t t q e s  i n  
t h e  boundary cond i t ions  a r e  expanded a s  two term Taylor s e r i e s  about a dummy 
po in t  i n s i d e  t h e  a i r f o i l .  The d e r i v a t i v e s  i n  t h e s e  s e r i e s  a r e  then w r i t t e n  
i n  f i n i t e  d i f f e r e n c e  folm using second order  formulas f o r  a l l  f i r s t  
d e r i v a t i v e s  and a t  l e a s t  f i r s t  o rder  ones f o r  h i g r ~ e r  d e r i v a t i v e s .  I n  t h e  
d i r e c t  region,  c e n t r a l  d i f f e r e n c e s  a r e  used f o r  :[-derivatives and forward 
(on t h e  upper s u r f a c e )  f o r  t h e  y-der ivat ives .  However, t o  prevent  numerical  
i n s t a b i l i t y ,  t h e  i n v e r s e  reg ion  uses  a second order  backward d i f f e r e n c e  
formula f o r  t h e  f i r s t  term of t h e  Taylor s e r i e s  represen t ing  t h e  x-decivat ive .  
For d e t a i l s  concerning t h e  f i n i t e  d i f f e r e n c e  formulat ion,  boundary cond i t ions ,  
e t c . ,  s e e  re fe rences  2-5, and 7 .  
Cur ren t ly ,  t h e  program can b e  e a s i l y  used t o  des ign o r  ana lyze  a n  a i r -  
f o i l  a t  a s p e c i f i c  f l i g h t  condi t ion.  Figure  1 s h ~ w s  such a r e s u l t  f o r  t h e  
des ign of a low l i f t  a i r f o i l  having a son ic  roof top  followed by a l i n e a r  
recovery. S u p e r c r i t i c a l  shockless  a i r f o i l s  have a l s o  k e n  designed and 
cxamples a r e  presented i n  re fe rence  7 .  
Now any numerical. method needs t o  have i t s  accur,?cy v e r i f i e d .  A s  a 
r e s u l t ,  comparisons wi th  o t h e r  methods ( r e f s .  8 , 9 )  have been conducted f o r  
a i r f o i l s  ranging from 4 t o  16% t h i c k  and Mach numbers up t o  0.85. Some of 
these  r e s u l t s  a r e  presented i n  r e f e r e n c e s  2 ,  4, and 10; and, i n  genera l ,  
t h e  agreement is e x c e l l e n t .  I n  a d d i t i o n ,  comparisons have been made wi th  
t r anson ic  experimental  d a t a  obtained a t  t h e  NAE (Ottawa) ( r e f .  7 )  and a t  t h e  
Ohio S t a t e  Univers i ty .  A t y p i c a l  comparison wi th  t h e  OSU d a t a  is  shown Eo-- 
t h e  GA(W)-2 a i r f o i l  i n  f i g u r e  2. I n  genera l ,  t h e  agreement f o r  C 
CD, and C i s  q u i t e  accep tab le .  P' C ~ '  M 
Symbol d e f i n i t i o n s  a r c  given i n  an appendix. 
ATPLICATION TO DESIGN 
To d e m o n s t l ~ t e  t h e  use fu lness  of t h e  p resen t  combined design-analys is  
method, consider  che problem of des igning a n  a i r f o i l  having a roof top  p la teau  
followed by a S t r a t f o r d  recovery ( r e f .  11).  ( I t  should be noted t h a t  a S t r a t -  
fo rd  recovery is  used h s r e  only f o r  example purposes. While such a p r e s s u r e  
d i s t r i b u t i o n  h a s  t h e  advantage t h a t  i t  mainta ins  t h e  Loundary l a y e r  a t  a 
constant  margin from s e p a r a t i o n ,  i t  a i s o  hLs s e v e r a l  d isadvantages  which w i l l  
be mentioned l a t e r ) .  I n  a d d i t i o n ,  two des ign  concepts  w i l l  be  compared. I n  
t h e  f i r s t  case ,  t h e  a i r f o i l  w i l l  be designed a t  a  low C wi th  a son ic  upper 
s u r f a c e  roof top  p ressure  p la teau ;  while i n  t h e  second case ,  t h e  a i r f o i l  
w i l l  be designed wi th  a  s u p e r c r i t i c a l  p l a t e a u  a t  a  moderate CL. The a i r f o i l s  
w i l l  t hen  be analyzed and compared a t  c o n d i t i o n s  o t h e r  than t h e  des ign  
po in t  t o  see  which one has t h e  b e t t e r  c h a r a c t e r i s t i c s .  
The r e s u l t s  f o r  t h e  c r i t i c a l  roof top  design,  which had a  t a r g e t  C of 
0.35, a r e  shown i n  f i g u r e  3. The s o l i d  l i n e  is t h e  des ign C d i s t r i -  L  P but ion,  and t h e  f i n a l  a i r f o i l  shape a f t e r  accounting f o r  t h e  boundary l a y e r  
is  t h e  one shown. Notice t h e  r e v e r s e  curva tu re  on t h e  upper su r face  and t h e  
r e s u l t a n t  a i r f o i l  th inn ing .  Th is  behavior is  t y p i c a l  of a i r f o i l s  employing 
S t r a t f o r d  d i s t r i b u t i o n s ,  and f reqnen t ly  i t :  l e a d s  t o  shapes t h a t  a r e  s t r u c -  
t l i r a l l y  too  t h i n  9.n t h e  v i c i n i t y  of t h e  t r a i l i n g  edge. 
How was t h i s  shape obta ined? Since t h e  method r e q u i r e s  t h e  s p e c i f i c a t i o n  
of t h e  l ead ing  edge region,  t h e  nose shape can be used t o  c o n t r o l  t h e  t r a 2 l i n g  
edge th ickness .  This  approach is demonstrated i n  f i g u r e  4 and works e a s i e s t  
i f  an  a n a l y t i c a l  nose shape c o n t r o l l e d  by a  s i n g l e  parameter is u t i l i z e d .  
Here t h e  nose shapes a r e  those  a s s o c i a t e d  wi th  NACA OOXX a i r f o i l s .  Notice 
t h a t  as t h e  shape parameter inc reases ,  t h e  t r a i l i n g  edge th ickens .  I n  ad- 
d i t i o n ,  i t  should be noted t h a t  a l l  t h e  r e s u l t s  i n  f i g u r e  4 were obta ined 
us ing t h e  same Cp boundary cond i t ions  and t h a t  each case  is completely 
independent. Thus, obvious phys ica l  u n r e a l t t i e s  such au t r a i l i n g  adge 
c ross ing  do n o t  affect: t h e  f i n a l  des ign shape. Also, a~ynnne t r i c  nose shapes  
may be used. 
A s  ind ica ted  by f i g u r e  4 and shown s p e c i f i c a l l y  i n  f i g u r e  5, t h e r e  is a  
unique r e l a t i o n s h i p  t ~ t w e e n  t h =  v a l u e s  of t h e  nose shape parameters and t h e  
t r a i l i n g  edge o r d i a a t e s .  Usually the v a r i a t i o n  i s  e s s e n t i a l l y  l i n e a r ;  and 
thus ,  a f t s r  ob ta i l i ing  t h e  r e s u l t s  f o r  two c a s e s ,  t h e  d e s i r e d  t r a i l i n g  edge 
o r d i n a t e s  can be obta ined on t h e  t h i r d  t r y .  
Sometimes i n  an aft-camber des ign  c a s e  i f  t h e  computed upper and lower 
s u r f a c e s  a r e  no t  almost p a r a l l e l  near  t h e  t r a i l i n g  edge, t h e  flow i n  t h a t  
v i c i n i t y  w i l l  d e v i ~ t e  from t h e  des i red  p ressure  d i s t r i b u t i o n  and t r y  t o  
s t a g n a t e ,  wi th  r e s u l t a n t  s e p a r a t i o n .  Usually by s l i g h t l y  a d j u s t i n g  back 
and f o r t h  t h e  s t a r t i n g  poinz of t h e  upper s u r f a c e  recovery,  a  l o c a t i o n  can be 
found which w i l l  y i e l d  accep tab le  t r a i l i n g  edge s lopes  and p r e s s u r e s .  Th i s  
procedure may r e q u i r e  a few e x t r a  i t s r a c i o n s  and some adjustment i n  nose 
shape,  but  i t  i s  normally not  d i f f i c u l t .  
Figure 6 shows ti.0 des ign p ressure  d i s t r i b u t i o n  and r e s u l t a n t  a i r f o i l  
shape obtained when tkr d i r f o i l  was designed f o r  a  h igher  C and wi th  a Mach 
1.1 s u p e r c r i t i c s l  r ~ o f t o p .  Since  t h i s  a i r f o i l  was designedL a t  h igher  l i f t  
(CL = .55),  t h e  l o a e r  s u r f a c e  p ressure  d i s t r i b u t i o n  had a  l a r g e r  a f t  bucket.  
This c a s e  demonstrates t h e  disadvantage of us ing  a S t r a t f o r d  recovery on a  
highly  aft-cambcred a i r f o i l  i n  t h a t  t h e  a i r f o i l  th ickness  i s  l e s s  than 2% a f t  
of 80% chord. 
Now an e s s e n t i a l  requirement of a des ign method, from an engineer ing 
s tandpoin t ,  i s  t h a t  when t h e  designed a i r f o i l  is  analyzed a t  t h e  des ign 
cond i t ion ,  t h e  computed C d i s t r i b u t i o n  should agree  wi th  t h e  C d i s t r i b u t i o n  P P 
used f o r  t h e  design.  Such a n a l y s i s  r e s u l t s  a r e  shown iil f i g u r e s  1, 3,  and 6 
and were obtained us ing t h e  present  method wi th  v i scous  i n t e r a c t i o n  included. 
As can be  seen,  t h e  agreement is  e x c e l l e n t .  It :.J bel ieved t h a t  t h e s e  com- 
par isons  v e r i f y  t h e  engineering consis tency of t h e  method and, s i n c e  t h e  
a n a l y s i s  r e s u l t s  u s u a l l y  agree  with experimental  d a t a ,  t h a t  +he a i r f o i l s  
designed by t h i s  method should perform a s  p red ic ted .  
APPLICATION TO ANALYSIS 
One of t h e  d i f f i c u l t i e s  a s s o c i a t e d  wlth us ing a Car tes ian  g r i d  f o r  an 
a n a l y s i s  computation is  t h a t  such a g r i d  does r.ot p l a c e  a l a r g e  number o r  
p o i n t s  near t h e  l ead ing  edge. Thus, t h e  wave drag c o e f f i c i e n t ,  which is  
detenrdned by i n t e g r a t i o n  of t h e  p ressure  c o e f f i c i e n t ,  has  a n  inheren t  e r r o r .  
Previous s t u d i e s  have determined t h i s  e r r o r  is c o n s i s t e n t  and p r i m a r i l y  a 
func t ion  of a i r f o i l  shape and g r i d  spacing; and thus ,  c o r r e c t i o n  f a c t o r s  
can be determined from c a l c u l a t f o n s  a t  s u b c r i t i c a l  speeds where t h e  wave 
drag should be zero.  Unfor tunate ly ,  t h e  c o r r e c t i o n  procedure suggested i n  
r e f e r e n c e  5 may be  p a r t i a l l y  i n  e r l o r ;  and whi le  resea rch  i s  con t inu ing ,  
t h e  r e s u l t s  presented i n  t h i s  s e c t i o n  have been obta ined us ing  t h e  fol lowing 
techniqse .  
A t  a Mach number, bsub, f o r  which t h e  f low is e n t i r e l y  s u b c r i t i c a l ,  
determine f o r  each angle  of a t t a c k ,  a ,  the  normal, CNsUbsa, and a x l a i ,  
c ~ s u b ,  a s  f o r c e  c o e f f i c i e n t s .  Then f i n d  t h e  drag c o r r e c t i o n  from 
AC 
= c~ + C~ t ana  DWsub, a  sub,^; sub ,a 
Next f i n d  t h e  c o r r e c t i o n  a t  t h e  d e s i r e d  s u p e r c r i t i c a l  Mach number, M, by 
Then c o r r e c t  CA a t  M, by 
C~ 
c o r r  
= c~ 
o r i g  - A C ~ ~  M, a 
and f i n d  
'DW I C~ s i n a  + C cosu 
M-, a M-,U Acorr  
The t o t a l  drag is then given by 
where C is t h e  s k i n  f r i c t i o n  drag determined by t h e  Squire-Young method. 
While DF not  p e r f e c t ,  t h i s  approach seems t o  y i e l d  good e s t i m a t e s .  Also, t h e  
i n v e s t i g a t i o n  is  continuiz;, and t h e  method does not  a s  y e t  inc lude  a correc-  
t i o n  f o r  non-consenrative d i f f e r e n c i n g .  F i n a l l y ,  
%sub used t o  determine t h e  c o r r e c t i o n  f a c t o r s  should be  as h iqh  a s  poss ib le .  
Some t y p i o a l  a n a l y s i s  r e s u l t s  a r e  shown i n  f i g u r e s  7-9, Figure  7  shows 
t h e  e f f e c t  of varying ang le  of  a t t a c k  a t  t h e  des ign Mach number f o r  A i r f o i l  
109B ( c r i t i c a l  roof top des ign) ,  whi le  f i g u r e  8  p o r t r a y s  v a r i a t i o n s  due t o  
changes i n  M,. A s  a i n c r e a s e s ,  t h e  f low on t h e  upper s u r f a c e  goes s a p e r c r i t -  
i c a l  and a shock forms. However, t h e r e  is a  d e s i r a b l e  p r e s s u r e  p l a t e a u  a f t  
of t h e  shock wave ( r e f .  12)  which w i l l  permit  boundary l a y e r  recovery.  While 
t h e  a n a l y s i s  r e s u l t s  i n d i c a t e  no s e p a r a t i o n  f o r  t h e  c o n d i t i o n s  shown, t h e r e  
probably would be  shock induced s e p a r a t i o n  a t  h igher  a's. Because of t h e  
S t r a t f o r d  recovery,  such s e p a r a t i o n  would probably l ead  t o  a  l a r g e  s e p a r a t e d  
region and a  very  sha rp  break i n  t h e  C (a) curve.  L 
A s  can b e  seen i n  f i g u r e  8,  a s  kt,., i n c r e a s e s  a  superson ic  bubble forms 
and grows and even tua l ly  t e rmina tes  i n  a  shock wave f o r  M, r 0.79. Aft  of  
t h e  supersonic  zone, t h e  p r e s s u r e s  c l o s e l y  fo l low t h e  o r i g i n a l  des ign  d i s -  
t r i b u t i o n  wi th  no s e p a r a t i o n .  These, and o t h e r  s t u d i e s ,  showed t h a t  a t  a  C 
of 0.35, drag divergence occurs  a t  Mm of 0.78. L 
Simi la r  s t u d i e s  were performed f o r  A i r f o i l  209 ( s u p e r c r i t i c a l  roof top  
des ign) ,  and the  ang le  of a t t a c k  v a r i a t i o n  is shown i n  f i g u r e  9 .  Note t h a t  
t h e  p ressure  d i s t r i b u t i o n  v a r i a t i o n  a t  p o s i t i v e  ang les  of a t t a c k  i s  consid- 
e r a b l y  d i f f e r e n t  from t h a t  of A i r f o i l  109B ( f i g .  7) i n  t h a t  a  shock wave 
fo rms  immediately and C i n c r e a s e s  r a p i d l y ,  I n t e r e s t i n g l y ,  t h e  upper s u r f a c e  D .  p ressure  cont inues  t o  ro l low t h e  o r i g i n a l  St ra tZord recovery a f t  of t h e  
shock wave. Also, o t h e r  s t u d i e s  i n d i c a t e  p o s s i b l e  shock induced sc_?aration 
f o r  Mm 2 0.77 even a t  zero angle  of a t t a c k .  
A .~a lys i s  r e s u l t s  such a s  t h e s e  can a l s o  be used t o  compare a i r f o i l s  ob- 
t a ined  using l i f f e r e n t  des ign ph i losoph ies .  An example f o r  t h e  two des igne 
being considered he re  is  shown i n  f i g u r e  10. Notice t h a t  f o r  A i r f o i l  109B, 
CD is  r e l a t i v e l y  constant  up t o  C Z 1 s  of 0 .55 ,  whi le  A i r f o i l  209 e x h i b i t s  ,i 
s teady i n c r e a s e  i n  CD. In a d d i t i o n ,  o t h e r  c a l c u l a t i o n s  i n d i c a t e  t h a t  109B 
has  l i t t l e  o r  no drag creep f o r  0.5 5 M, I 0.7;  and CL 5 0.5. However, A i r -  
S o i l  209 h a s  6-18 counts of dzag creep i n  t h e  same range.  
Now i t  should be pointed ou t  t h a t  these  r e s u l t s  a r e  not  c r i t i c a l  of 
s u p e r c r i t i c a l  a i r f o i l s .  I n  f a c t ,  A i r f u i l  199B, whose s h a p ~  was determined by 
t h e  inverse  method us ing a  ' k r i t i c a l "  roof top  could be used a t  C T , ' s  up t o  
0.55 wi th  low drags.  Thus, i t  i s  i n  essence a  s u p e r c r i t i c a l  a i r f o i l  and 
could be used a t  des ign l i f t  c o e f f i c i e n t s  up t o  0.55. The po in t  i s  t h a t  w i t t i  
thd des ign philosophy and assumptions used i n  these  examples, t h e  inverse  
technique appears to  y i e l d  t h e  b e s t  r e s u l t s  by des igning t h e  shape wi th  a 
c r i t i c a l  roof top a t  a  low C The a i r f o i l  then can,  a t  l e a s t  i n  t h i s  c a s e ,  L ' 
be used a t  h igher  l i f t  c o e f f i c i e n t s .  
APPLICA'L?ON TO THE HIGH LIFT CASE 
A few y e a r s  ago Barnwell ( r e f .  13) demonstrated t h d t  t h e  d i r e c t - i n v e r s e  
technique could be s u c c e s s f u l l y  a p p l i e d  t o  t h e  low speed high l i f t  case .  By 
spec i fy ing  t h e  s e p a r a t i o n  p o i n t ,  h e  was a b l e  t o  o b t a i n  e x c e l l e n t  agreement 
wi th  experiment by s o l v i n g  t h e  smal l  p e r t u r b a t i o n  equa t ion  wi th  d i r e c t  
boundary cond i t ions  upstream of s e p a r a t i o n  and i n v e r s e  boundary c o n d i t i o n s  
(p ressure  s p e d f i e d )  downstream of s e p a r a t i o n .  Thus, the. ques t ion  a r o s e  -- 
could s i m i l a r  r e s u l t s  be obta ined us ing t h e  f u l l  p o t e n t i a l  flow equat ion wi th  
v i s c c u s  i n t e r a c t i o n  and l e t t i n g  t h e  s e p a r a t i o n  p o i n t  be  determined as p a r t  
of t h e  s o l u t i o n ?  
W i t t  t h e s e  i d e a s ,  t h e  low speed high l i f t  c a s e  has  been modeled as shoim 
i n  f i g u r e  11; and TRANRES has  been a p p r o p r i a t e l y  modified. On t h e  lower 
s u r f a c e ,  t h e  f l o w f i e l d  is determined us ing  d i r e c t  boundary c o n d i t i o n s  ( a i r f o i l  
s p e c i f i e d )  inc lud ing  t h e  e f f e c t s  of weak v i scous  i n t e r a c t i o n .  On t h e . u p p e r  
su r face ,  t h e  f l o w f i e l d  is a l s o  computed d i r e c t l y ,  wi th  v i scnus  i n t e r a c t i o n  up 
t o  t h e  s e p a r a t i o n  p o i n t ,  which is  determined a s  p a r t  of t h e  s o l u t i o n .  Down- 
s t ream of s e p a r a t i o n ,  i n v e r s e  boundary cond i t ions  a r e  u t i l i  ed: and t h e  
p ressure  is assumed t o  b e  cons tan t  i n  t h e  separa ted  zone. l a c  presen t  s t u d i e s  
have shown t h a t  t h e  separa ted  zone p ressure ,  which is  ~ o r n p ~ ~ e d  as p a r t  of t h e  
s o l u t i o n ,  must be determined by cond i t ions  a t  both  t h e  s e p a r a t i o n  p o i n t  and 
a t  t h e  t r a i l i n g  edge and n o t  j u s t  on cond i t ions  i n  t h e  v i c i n i t y  of separa r ion .  
This  r e s u l t  is i n  agreement wi th  t h e  conclus.!on of Gross ( r e f .  14) t h a t  
cond i t ions  a t  t h e  downstream end of t h e  sepa l ; - t ion  Subble determine bubble 
p ressure .  For t h e  p resen t  s t u d i e s ,  i t  has betin found adequate t o  approximate 
t h e  separa ted  p ressure  by 
where Q arid a r e  t h e  p e r t u r b a t i o n  p o t e n t i a l s  a t  t h e  t r a i l i n g  edge and ITE seP 
t h e  separa t ion  p o t n t ,  r e s p e c t i v e l y .  
Now i n  p r i n c i p l e ,  t h e  separa ted  wake reg ion  should probably be a c c u r a t e l y  
modeled with respec t  t o  phys ica l  phenomena and d e t a i l s ;  and t h i s  approach 
has  been taken by o t h e r  i n v e s t i g a t o r s  ( r e f s .  14-17). I n  t h e  p resen t  model, 
however, t h e  wake is  t r e a t e d  very  simply i n  t h a t  it  is assumed t o  be i n v j s c i d  
wi th  a  constant  p ressure  a c r o s s  t h e  pseudo t r a i l i n g  edge formed by t h e  upper 
and lower displacement su r faces .  
F i n a l l y ,  i n i t i a l  c a l c u l a t i o n s  wi th  t h i s  model have ind ica ted  t h a t  t h e  
s e p a r a t i o n  p o i n t  l o c a t l o 3 ,  and t h u s  t h e  l i f t ,  is  s t r o n g l y  dependent upon t h e  
boundary l a y e r  t r a n s i t i o n  po in t .  Thus, t h e  viscous  i n t e r a c t i o n  scheme i n  
TRANDES has  been modified t o  include an i n i t i a l  laminar boundary l a y e r  (com- 
puted by a compressible Thwaites method), n a t u r a l  t r a n s i t i o n ,  and then a  
t u r b u l e n t  boundary l a y e r  computed by t h e  Nash-Macdonald method. For t h o s e  
c a s e s  where laminar  s e p a r a t i o n  occurs  p r i o r  t o  s e p a r a t i o n ,  a  long o r  s h o r t  
bubble, ,  depending upon l o c a l  f low c o n d i t i o n s ,  is e m p i r i c a l l y  modeled, and 
then  t r a n s i t i o n  i s  assumed. 
The c a l c u l a t i o n  procedure uses  t h e  same i t e r a t i v e  success ive  column re -  
l a x a t i o n  scheme used i n  t h e  b a s i c  program except  t h a t  t h e  s e p a r a t i o n  p o i n t  
and separa ted  p r e s s u r e  l e v e l  a r e  permit ted  t o  vary .  A convergence h i s t o r y  
f o r  a  t y p i c a l  c a s e  is shown i n  f i g u r e  12. I n i t i a l l y  some o s c i l l a t i o n  occurs  
on each g r i d ;  b u t ,  as can be  seeti, t h e  v a l u e s  qu ick ly  converge. Normally, 
f o u r  hundred i t e r a t i v e  c y c l e s  a r e  performed on bo th  t h e  medium and f i n e  g r i d s .  
The former normally y i e l d s  66 p o i n t s  on t h e  a i r f o i l ,  whi le  t h e  lat ter  y i e l d s  
130. 
R e s u l t s  f o r  a GA(W)-2 a i r f o i l  a r e  sho-m i n  f i g u r e s  13 and 14. I n  both  
cases ,  t h e  lower s u r f a c e  remained e n t i r e l y  laminar ,  a l though r e s u l t s  w i t h  a n  
a l l  t u r b u l e n t  lower s u r f a c e  boundary l a y e r  showed no s i g n i f i c a n t  d i f f e r e n c e s .  
# 
On t h e  upper s u r f a c e  t r a n s i t i o n  wi th  a s h o r t  s e p a r a t i o n  bubble occurred n e a r  
t h e  l e a d i n g  edge. I n  g e n e r a l ,  comparison wi th  exper imenta l  d a t a  ( r e f .  18) 
is  good w i t h  r e s p e c t  t o  C s e p a r a t i o n  p o i n t ,  separa ted  p r e s s u r e  l e v e l ,  and 
CL; and t h u s  t h e  method "is q u i t e  promising. 
Figure  15 shows a  comparison wi th  experiment of C ve r sus  a n g l e  of a t t a c k  
f o r  t h e  same a i r f o i l .  S i m i l a r  r e s u l t s  have a l s o  been obta ined a t  o t h e r  
Reynolds numbers. A t  t h e  p r e s e n t  t ime,  r e sea rch  on t h i s  approach t o  t h e  h i g h  
l i f t  problem is con t inu ing  i n  o r d e r  t o  ensure  t h a t  C can b e  determined 
accura te ly .  Lmax 
A s  a  f i n a l  no te ,  t h i s  procedure has  a l s o  been a p p l i e d  t o  A i r f o i l  109B 
discussed previously .  S u r p r i s i n g l y ,  t h e  des ign S t r a t f o r d  recovery used a t  
Mach 0.74 seems t o  a l s o  a f f e c t  t h e  low speed flow s i n c e  a  sha rp  break occurred 
i n  C (a) a t  19 degrees and a  C of 2.08, i n d i c a t i n g  another  d isadvantage of L llsing a  S t r a t f o r d  recovery.  L 
CONCLUDING RPlARIiS 
Based upon t h e  r e s u l t s  presented h e r e ,  t h e  fo l lowing remarks can be 
s t a t e d :  (1)  The p resen t  v i scous  a n a l y s i s  method (TRANDES) i s  s u i t a b l e  f o r  
engineer ing e s t i m a t e s  of t r a n s o n i c  a i r f o i l  d a t a ;  ( 2 )  The p resen t  i n v e r s e  
design method accounts f o r  the  e f f e c t s  of weak v i scous  i n t e r a c t i o n  i n  t h e  a i r -  
f o i l  des ign process  and is numerical ly  c o n s i s t e n t  wi th  a n a l y s i s  r e s u l t s ;  
( 3 )  The complete p o t e n t i a l  flow equa t ion  coupled wi th  a boundary l a y e r  method 
can be used i n  a  d i r e c t - i n v e r s e  fash ion  t o  a c c u r a t e l y  compute t h e  flow a b o u t  
a i r f o i l s  a t  low speeds having massive s e p a r a t i o n .  
'U'PENDIX 
SYMBOLS 
C~ axial force coefficient 
C~ two-dimensional drag coefficient 
'DF profile drag coefficient 
'D w wave drag coefficient 
C~ two-dimensional lift coefficient 
C~ two-dimensional quarter chord moment coefficient 
'N normal force coefficient 
'P pressure coefficient 
c chord 
M, freestream Mach number 
RN freestream Reynolds number 
a angle of attack 
lS 'D w wave drag coefficient correction 
6* boundary layer displacenent thickness 
6te trailing edge thickness 
Ax length of separated region 
4 perturbation potential 
Subscripts 
corr corrected value 
ITE trailing edge 
sep ;eparation point or region 
sub, a case "hire flow is entirely subcritical and at angle of attack a 
orig uncorrected original value 
Mm,a at angle of attack n and Mach number M, 
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Figure 1.- Airfoil shape and comparison of design and analysis re~ults 
for a low lift airfoil. 
Figure 2.- Comparison of TRANDES analysis results with experimental data 
for a GA(W)-2 airfoil. 
Figure 3.- Profile shape and comparison of design and analysis pressure 
distributions for CRAM-109-B. 
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Figure 4.- Variation of trailing-edge thickness with nose-shape thickness 
for three nose shapes. 
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nose shape thickness parameter 
F i g u r e  5.- V a r i a t i o n  o f  t r a i l i n g - e d g e  o r d i n a t e s  c r i t h  nose-shape t h i c i t n e s s  
f o r  uppe r  and lower  s u r f a c e s .  
F i g u r e  6.- P r o f i l e  s h a p e  and compar i son  of d e s i g n  and a n a l y s i s  p r e s s u r e  
d i s t r i b u t i o n s  f o r  CRAM-209. 
Figure 7.- Comparison of pressure distributions at four angles 
of attack for CRAM-109-B. 
Figure 8.- Comparison of pressure distributions at 
four Mach numbers for CRkEi-109-B. 
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Figure 9.- Comparison of pressure distributions at 
four angles of attack for CRAM-209. 
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SUMMARY 
A low speed a i r f o i l  design and analysis program has been developed which 
contains several unique features. I n  the  design mode, the ve loc i t y  d i s t r i  b6i- 
t i o n  i s  not  spec i f ied  f o r  one but  many d i f f e r e n t  angles o f  attack. Several 
i t e r a t i o n  options are included which a l low the t r a i l i n g  edge dngle t o  be 
speci f ied whi le  other  parameters are i te ra ted .  For a i  r f o i  1 analysis,  a panel 
method i s  avai 1 able which uses t h i  rd-order panels having parabol ic  v o r t i  c i  ty 
d is t r ibu t ions .  The f low condi t ion i s  s a t i s f i e d  a t  the end po in ts  o f  the 
panels. Both sharp and b l u n t  t r a i l i n g  edges can be analyzed. The i n teg ra l  
boundary layer  method w i t h  i t s  1 aminar separation bubble analog, empi r i c a l  
t r a n s i t i o n  c r i t e r i on ,  and precise tu rbu len t  boundary l aye r  equations compares 
very favorably w i t h  other  methods, both i n teg ra l  and f i n i  te-di f ference. 
Comparisons w i th  experiment f o r  several a i r f c i l s  over a very wide Reynolds 
number range were very favorable. Appl icat ions t o  high l i f t  a i r f o i  1 design 
were a lso demonstrated. 
INTRODUCTION 
The appl icat ion o f  po ten t i  a1 f low theory together w i  t h  boundary 1 ayer 
theory t o  a i r f o i l  design and analysis was accomplished many years ago. Since 
tha t  time, high speed computers have allowed resu l t s  t o  be obtained more 
cheaply and qu ick ly  than through the use o f  wind tunnels. Accerdingly, the 
tendency today i s  toward more and more commonly appl i cab7e computer programs. 
The programs reduce the amount o f  required wind tunnel t es t i ng  t o  tha t  o f  
fundamental phenomena and al low a i  r f o i  1s to  be t a i l o r e d  t o  each speci f ic  
appl icat ion. 
The program described i n  t h i s  paper has been developed over the past 20 
years. We hope t o  demonstrate tha t  i t  has reached a stage where some progress 
can be made i n  low speed a i r f q i  i design and analysis. 
This paper does not repeat a l i  o f  the d e t a i l s  included i n  other  papers. 
Special emphasis i s  given, however, t o  those features which are new or  
d i i f e r e n t  from those i n  other natrlematical models. 
SYMBOLS 
s k i n - f r i c t i o n  c o e f f i c i e n t  
a i r f o i l  chord 
sect ion p r o f i  le-drag c o e f f i c i e n t  
sect ion l i f t  coef f ic ient  
sect ion p i  tching-moment coe f f i c i en t  about quarter-chord p o i n t  
shape factor, - 
62 
3 shape factor ,  -- 
62 
length 
po in t  
Reynolds number based I n  free-stream condit ions and a i r f o i l  chord 
Reynolds number bssed on l oca l  condit ions and boundary l aye r  
momentum thickness 
thickness o f  a i  r f o i  1 
free-stream ve loc i t y  
l oca l  ve loc i t y  on a i r f o i l  
ve loc i ty ;  main pressure recovery design var iable 
a i r f o i l  abscissa; length 
angle o f  at tack r e l a t i v e  t o  z e r o - l i f t  l i ne ,  deg 
angle of at tack r e l a t i v e  t o  z e r o - l i f t  l i n e  f o r  ve loc i t y  spec i f i ca t ion  
i n  design method, deg 
boundary l aye r  displacement thickness 
boundary 'I ayer momentun; thickness 
boundary 1 ayer energy thickness 
kinematic ~ i s c o s i  t y  
tot;l amount o f  pressure recovery 
W '  i n i  t i a1 slope o f  pressure recovery 
Subscr ipts : 
I lower surface; l o c a l  p o i n t  on a i r f o i l  
~m lower sur face main pressure recovery 
. . -  . -  
N l a s t  p o i n t  on a i r f o i l  
n va r i ab le  number 
u upper sur face 
um upper surface main pressure recovery 
a free-stream condi t ions 
DISCUSSION 
I n v i  s c i  d Method 
The p o t e n t i a l  f l o w  p a r t  o f  the  mathematical model i s  incompressible a t  
t h i s  time. Two d i f f e r e n t  modes o f  operat ion a re  avai lab le .  
Desi n mode.- The f i r s t  mode i s  the  inverse o r  design method descr ibed 
*and 2 i n  r e  erences . This method d i f f e r s  from o ther  inverse methods i n  t h a t  
the v e l o c i t y  d i s t r i b u t i o n  i s  n o t  spec i f i ed  f o r  on l y  one angle o f  a t tack.  
Instead, angles o f  a t t ack  which w i l l  r e s u l t  i n  constant v e l o c i t y  over speci-  
f i ed  segments of the a i r f o i l  are input.  I n  o ther  words, p a i r s  o f  parameters 
are speci f ied: the f i r s t  being the segment o f  the a i r f o i l  ; the second, the 
angle o f  a t t ack  r e l a t i v e  t o  the z e r o - l i f t  l i n e ,  a*, which w i l l  r e s u l t  i n  
constant v e l o c i t y  over t h a t  segment. (See f i g .  1 .) O f  course, some matching 
condi t ions must be met t o  guarantee a smooth v e l o c i t y  d i s t r i b u t i o n  f o r  a1 1 
angles o f  a t tack.  Toward the t r a i l i n g  edge, on both surfaces, a main pressure 
recovery can be spec i f ied.  F i n a l l y ,  a s h o r t  c losure c o n t r i b u t i o n  must be 
introduced t o  insure  t h d t  the t r a i l i n g  edge w i l l  be closed. The example a i r -  
f o i l  shown i n  f i g u r e  1 i s  s p e c i f i e d  by the  fo l low ing :  
(1 )  For the u per  surface segment from the t r a i l i n g  edge forward t o  about g x/c = 0.15, a* = 8 . With in  t h i s  segment, the  main pressure recovery i s  
spec i f ied s t a r t i n g  a t  x/c = 3.50. 
(2 )  For the upper surface segment from x/c = 0.15 t o  0.05, a* = 10'. 
(3 )  For the upper surface segment from x/c = 0.05 t o  the leading edge, 
a* = 120. 
( 4 )  For the e n t i r e  lower surface, o* = 2'. The main pressure recovery 
on the lower surface i s  spec i f i ed  s t a r t i n g  a t  about x/c = 0.45. 
I n  r ea l i t y ,  the segnants corresponding t o  the various a* values are 
not speci f ied i n  x/c but rather i n  the conformal mapping plane i n  which the 
a i r f o i l  i s  ;.epreserlteJ by a c i rc le .  So far, no d f f f i cu l t i es  have arisen i n  
cor re la t ing the arcs of the c i r c l e  w i th  the segments o f  the a i r f o i l .  
It should bn remembered t ha t  f o r  any gigen veloci ty d i s t r i bu t i on  there 
does not  necessarily ex i s t  a "normal" a i r f o i l .  For example, the closure con- 
t r ibut fons could be qu i te  large which would resu l t  i n  a very large t r a i l i n g  
edge angle. The closure contributions could also give r i s e  t o  a region o f  
negative thickness near the t r a i l  ing edge. Accord1 ngly, several i t e r a t i o n  
options have been included which al low the t r a i l i n g  edge angle t o  be specified 
while cer ta in  a* valdes o r  the t o t a l  amount of pr'essure recovery i~ iterated. 
The choice o f  i terat ior1 option allows questions such as the fo l lowing t o  be 
answered: What laminar bucket width i s  possible given a cer ta in  amount of 
pressure recovery? What amount of pressure recovery i s  required t o  produce 
the desired laminar bucket width? The i t e ra t i on  option selected f o r  the 
example a i r f o i l  i te ra tes the amount o f  upper and lower surface pressure recov- 
ery while holding the a* values fixed. 
Anal s i s  mode.- The second mode o f  operation i s  an a i r f o i l  analysis 
.Who a7k-T e met od employs panels w i th  d is t r ibuted surface s ingu lar j  t i e s  
(fig. 2). The panels are defined by a third-order spl ine fit o f  the a i r f o i l  
coordinates wi th  the end points of the panels being the input a i r f o i l  coordi- 
nates themselves. The surface s i  ngular i  t i e s  consist o f  a parabol i c  v o r t i  c i  t.y 
distr ibut ion.  The flow condition, which requires the inner tangential 
veloci ty t o  be zero, i s  sa t i s f ied  a t  each a i r f o i l  coordinate (i.e., a t  the 
end points o f  the panels, not the mid-points). Thus, no res t r i c t ions  are 
placed on the point  d is t r ibut ion,  no smoothing o r  rearranging o f  the coordi- 
nates i s  psrformed, only the o r ig ina l  a i r f o i l  coordinates are used. An 
option i s  included, however, by which addit ional points can be splined i n  
between the o r ig ina l  coordinates. This option i s  helpful  if a port ion o f  the 
a i r f o i l  has a sparse number o f  points o r  if pcr t  of the a i r f o i l  i s  t o  be 
geometrically rotated about a f l ap  hinge point. I n  the l a t t e r  cast, the 
connection between the forward port ion o f  the a i r f o i l  and the f l ap  i s  defined 
by an arc consist ing o f  addit ional points which are generated automatically 
according t o  an input  length. 
As i n  other panel methods, a s ingu lar i ty  arlses from the c i rcd la t ion  
around the a i r f o i l  which i s  unconstrained unless required t o  sa t i s f y  a Kutta 
condi t ion. Two d i f fe ren t  cases are involved. 
The f i r s t  case i s  a sharp t r a i  1 i ng edge having e i ther  a zero o r  non-zero 
angle. The inner tangential flow condition f a i l s  i n  t h i s  case a t  the t r a i l -  
ing edge. Therefore, i t  i s  replaced by the condition that  the normal 
velocity, re la t i ve  t o  the bi.sector o f  the t r a i l i n g  edge angle, be zero. This 
condition can only be sa t i s f ied  i f  the v o r t i c i  t i e s  on the upper and lower 
surfaces approach the same value but wi th opposite cigns as the t r a i l i n g  edge 
i s  approached. This means that  the ve loc i t ies  have t o  be the same on both 
sides o f  the t r a i l i n g  edge. Thus the normal flow condit ion along wi th  equal 
ve loc i t ies  on both sides o f  the t r a i l i n g  edge can be considered as a 
Kutta condition. 
Unfortunately, a second s i n g u l a r i t y  i s  caused by a f i n i t e  change i n  the 
c i r c u l a t i o n  around the a i r f o i l  which resu l t s  i n  an i n f i n i t e  change i n  the 
ve loc i t y  a t  the sharp t r a i l i n g  edge. No wonder the equation system i s  singu- 
l a r  f o r  every Kutta condit ion. Thus, an add i t iona l  equation i s  required wh i le  
one equation already i n  the equ6sion system can be omitted. This add i t iona l  
equation consists o f  an ex t rapo lk t ion  o f  the v o r t i c i t y  t o  the t r a i l i n g  edge 
and an averaging a t  the t r a i l i n g  edge. The omission o f  one o f  the equations 
i n  the system can sometimes c a w  e r ro rs  a t  the p o i n t  whose f low cond i t ion  i s  
governed by the omitted equation. I n  other  words, the equation system i s  n o t  
exact ly  singular,  due t o  small numerical approximations. So, none of the 
equations i s  omit ted and the e n t i r e  equation system i s  m u l t i p l i e d  by the 
transposed matrix. This impl ies t h a t  a l l  the equations are solved as accurate- 
l y  as possib le i n  a Ieast-squares sense. The resu l t s  o f  t h i s  procedure are 
very prec i  se. 
The second case i s  a b l u n t  t r a i l i n g  edge ( f i g .  3) - one i n  which the 
upper and lower surface t r a i l i n q  edge points  are not  the same. For t h i s  case, 
two d i  f f e r e n t  procedures have been exami ned. 
The f i r s t  procedure extends the a i  r f o i  1 along s t r a i g h t  "wake 1 i m i  t s "  
having constant opposito v o r t i c i t y  ( f i g .  3, top). A t  both the upper and lower 
surface t r a i l i n g  edge points, a normal ve loc i t y  cond i t ion  must be sa t is f ied .  
No f low condi t ion i s  s a t i s f i e d  i n  the wake. 
The second prccedure introduces a t  the base o f  the a i r f o i l  no t  only  a 
v o r t i c i t y  bu t  a lso a source d i s t r i b u t i o t ~  ( f i g .  3, bottom). Both are l i n e a r  
d i s t r i b u t i o n s  over the base length and determined such t h a t  no f low s ingular-  
i t i t e s  occur a t  e i t h e r  o f  the two t r a i l i n g  edge points. 
Both b l u n t  t r a i l i n g  edge models have one more f1o.r~ condi t ion than 
unknown v o r t i c i t i e s .  The n + 1 equations f o r  n unknowns are t reated i n  
the same manner as the sharp t r a i l i n g  edge case even though they are much less 
c r i t i c a l  w i t h  respect t o  c i r c u l a t i o n  changes. 
For a1 1 cases the computing times are moderate; the resu l ts ,  very precise. 
A comparison o f  the design and the panel methods f o r  the example a i r f o i l  i s  
shown i n  f i g u r e  4. 
Viscous Method 
The laminar and turbulent  boundary l aye r  development i s  computed by a 
simple method ( re f .  3) using, l i k e  many others, i n teg ra l  momentum and energy 
equations. I t  has been shown t h a t  laminar boundary l aye r  development i s  pre- 
d ic ted  qu i te  we l l  by t h i s  method. The tu rbu len t  boundary l aye r  rout ines are 
based upon the best avai l ab ie  empir ical  sk in  f r i c t i o n ,  d iss ipat ion,  and shape 
factor  laws. No fu r the r  e r ro rs  are introduced by mathematical simp1 i f i c a t i o n s  
1 i ke in teg ra t i ng  the ordinary d i f f e r e n t i a l  equations from the momentum and 
energy laws by averaging the r i g h t  sides o f  the equations. 
O f  special  i n t e r e s t  are the predic t ions o f  t r a n s i t i o n  from laminar t o  
tu rbu len t  boundary l aye r  and the separation o f  the tu rbu len t  boundary layer.  
The tendency toward separation i s  determined so le l y  by the shape f a c t o r  
where sg i s  energy thickness and s2 i s  momentum thickness. (Note t h a t  Hgp 
has the opposite tendency from H12 which contains the displacement t h i ck -  .- . 
ness 61 instead o f  the energy thickness.) For laminar boundary layers 
there ex i s t s  a constant and r e l i a b l e  lower l i m i t  o f  Hg2, which equals 1.515 
and corresponds t o  laminar separation. For tu rbu len t  boundary layers no such 
unique and r e l i a b l e  l i m i t  has been determined. It can be stated, however, 
t h a t  the tu rbu len t  boundary l aye r  w i l l  separate i f  Hj2 goes below 1.46 and 
w i l l  not  separate i f  Hg2 remains above 1.58. It has been not iced t h a t  
th ic i ter  boundary layers tend t o  separate a t  lower Hj2 values. I n  the 
present method, tu rbu len t  separation i s  predic ted i f  H32 drops t o  1.46. 
This i s  a f a i r l y  good assumption because the method usual ly  p red ic ts  r e l a t i v e -  
l y  low values of Hg2. The uncer ta inty  i s  no t  as bad as i t  f i r s t  appears i n  
t h a t  Hgp changes rap id l y  near separation. Nevertheless, r e s u l t s  must be 
checked c a r e f u l l y  w i t h  respect t o  tu rbu len t  separation. 
The second feature o f  special  i n t e r e s t  i s  the p red i c t i on  o f  t rans i t i on .  
Two d i f f e r e n t  procedures are i n  vogue today - the amp l i f i ca t i on  method and 
the shape-factor - Reynolds-number method. The f i  r s t  procedure requi res much 
more computing time because many frequencies must be traced t o  f i n d  the one 
wave which i s  suddenly ampl i f ied t o  the r a t i o  se t  as the t r a n s i t i o n  l i m i t .  
The b e t t e r  procedure cannot be selected u n t i l  we know more about tr-ansi t ion .  
The d i f ferences between the two procedures are small f o r  normal a i  r f o i  1 appl i- 
cations as the l o c a l  Reyriolds number changes qu ick ly  near t rans i t i on .  So, we 
s t i l l  use the simple c r i t e r i o n  shown i n  f i gu re  5. Thus, the t r a n s i t i o n  
Reynolds number depends only  on the shape fac to r  Hj2. Adverse pressure 
gradients and, hence, low values o f  Hg2 r e s u l t  i n  lower t r a n s i t i o n  Reynolds 
numbers and v ice versa. As w i l l  be seen l a te r ,  i t  i s  very in format ive t o  p l o t  
the boundary l aye r  devnlopment i n  t h i s  form. 
It must be pointed out  t ha t  the boundary layer  development inmediately 
a f t e r  t r a n s i t i o n  has a s i g n i f i c a n t  in f luence on the e n t i r e  flow, I n  our 
program the pred ic t ion  o f  t rans i  :ion resu l t s  i n  a switch from the laminar 
sk in  f r i c t i o n ,  d iss ipat ion,  and shape f a c t o r  laws t o  the tu rbu len t  ones, 
w i  lhout changing Hj2 and 6*. This i s  a1 so done i f  1 ami nar separation i s  
predicted before the t r a n s i t i o n  c r i t e r i o n  i s  i-eached. The Hg2 development 
f o r  the l i n e a r l y  decreasing v e l o c i t y  d i s t r i b u t i o n  def ined by <I 
6 i s  shown i n  f i g u r e  6 f o r  Reynolds numbers ranging from 0.125 x 10 t o  32 x 10 6 
where Reynolds number R = V,l/v. This p l o t  i l l u s t r a t e s  the well-known f a c t  1 
t h a t  the laminar boundary l a y i r  shape f a c t o r  HS2 and laminar separation are 
independent o f  Reynold5 number. I t  a lso  shows t h a t  f ~ r  high Reynolds numbers, 
t r a n s i t i o n  occurs b e f o ~ e  1 aminar separation. b r  turbu?e&tr-boundikry- layer3, - e . +- 
1 
I 
and separa ti'on do depend on'~eyno1ds number. The most important i n f o r -  1 I 
na t ion  t o  be gained from f igure 6 i s  the behavior o f  H3* a t  the beginning 
of the tu rbu len t  boundary layer.  For h igher  Reynolds n;"bers, Hj2 increases 
imnediately t o  values greater  than about 1.7. For lower Reynolds numbers t h i s  
i nc re l se  i s  less rap id  and the max'num values o f  tis2 are lower. For a 
Reynolds number o f  0,125 x lo6, H32 remains below 1.58 r h i c h  means t h a t  the 
method cannot determine whether o r  r ~ o t  an attached tu rbu len t  boundary l aye r  
exists.  Such resu l t s  must be studied i n  more de ta i l .  I n  f i g u r e  7 the iaminar 
and tu rbu len t  s k i n - f r i c t i o n  laws, Cf(Rg2, H32) are presented. The laminar 
law has an exponent o f  -1. The turbr, lent law i s  a s l i g h t l y  modif ied Ludwieg-. 
T i l lman law w i t h  an exponen o f  -0.232. This law i s  experimental ly derived and 
tested f o r  R between l o 5  2nd 105 as shown by the phantom 1 ines i n  f igure 7. 
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Below Rg equal t o  lo3, these l i n e s  continue i n  some manner. The f l a t  p l a t e  
r )  I L 
case has been invest igated i n  more d e t a i l  and the r e s ~ l t s  ind ica te  t h a t  the 
f l a t  p la te  l i n e  continues more o r  less s tead i l y  and f i n a l l y  bends down t o  the 
' aminar law 1 i ne ra ther  steeply, depending Gn roughness and free-s tream 
t u r b ~ r l  ence. 
I n  our method, the Ludwieg-Tillman law i s  extrapolated along s t r a i g h t  
l ines.  This probably represents an upper l i m i t  f o r  C f  f o r  R6 less than 10 . 
2 2 But i t  i s  obvious tha t  f o r  R equal t o  10 thc laminar and tu rbu len t  laws 
62 
d i f f e r  l i t t l e  and f o r  lower R the tu rbu len t  Cf values are below the 
1 ami nar ones. 5, L 
For resu l t s  such as  hose shown i n  f i g u r e  6, i t  i s  i n t e r e s t i n g  t o  look a t  
the Cf values computed by our method. For every po in t  x / l ,  R and Hg2 
62 
are known and, hence, C f  i s  known. The va r ia t i on  of Cf w i t h  Rho i s  shown I 
L 5  i n  f igure 7 .  The r e s u l t  i s  remarkable. The curves f o r  R = 0.125 x 10 and 
R = 0.25 x lo6 do not  even come close t o  an area where one can conf ident ly  
speak o f  a turbulent  s k r n - f r i c t i o n  law. Such "underdeveloped" turbulent  
boundary layers e x i s t  .:n nature cn ly  i n  the form o f  laminar separation bubbles. 
Af ter  examining many d i f f e r e n t  caces, i t  was deterrn; -ed tha t  there i s  a ce r ta in  
analogy between the predic ted "underdeveloped" tu rbu len t  boundary layers w i t h  
low H32 values and laminar separation bubbles. The boundary l a y e r  r e s u l t s  
computed by our method show a stronger bubble analogy as Reynolds number 
decreases and as the adverse pressure gradient  a f t e r  t r a n s i t i o n  becomes 
steepat-. I f  the analogy occurs i n  the resul ts ,  the on ly  way t o  a l l e v i a t e  i t  
i s  t o  reduce the adverse pressure gradient  a f t e r  transi,ion. The experimental 
resu l t s  f o r  1 ami nar separation bubbles show the same tendencjes. Accordingly, 
i t  i s  very he lp fu l  t o  have t h i s  bubble analog i n  the computed resul ts .  
l~ siiinmary, th'e' boP'ridary layer  method has generated goo& resu l t s  formany, . ,. 
very d i f f e r e n t  cases. It should be noted, however, t h a t  no fundamental 
problem ex i s t s  i~ replac ing the boundary l aye r  subroutines i n  our program w i t h  
othcr  subroutines. Some appl icat ions w i l l  be discussed i n  the qcxt  section. 
But t e fo re  tha t  a few comparisons w i th  other  boundary layer  me~huds w i l l  be 
made. 
Two shape fac to r  developments computed by a program w r i t t e n  by Konhauser, 
which uses the Cebeci-Smith met!-od ( re f .  4 ) ,  are shown by dashed curves i n  
f i gu re  6. The two curves, which are f o r  the Reynolds numbers o f  8 x l o 6  and 
16 x 106, agree q u i t e  we l l  w i t h  the present method f o r  x / l  up t o  about 0.2. 
Then as x / l  increases, the resu l t s  computed by the Cebeci-Smith method show 
considerably less tendency toward separation. This demonstrates t h a t  the 
separation l i m i t  o f  Hj2 equal t o  1.46 t h a t  we use i s  conservative w i t h  
respect t o  tu rbu len t  separation. Comparisons f o r  1 ower Reynolds numbers are 
not  pcssib le a t  t h i s  t ime because Mr.  Konhauser has been unable t o  ob ta in  
resu l t s  from the Cebeci-Smi t h  nethod a t  lower Reynolds numbers. 
The development o f  displacement thickness along the upper surface of a i l  
RAE 101 a i r f o i l  f o r  an angle o f  at tack o f  8 . ~ 0  and a Reynolds number. of 
1.6 x 106 i s  shown i n  f i g u r e  8. This case was computed by J. L. Hess using a 
Cebeci-Smi t h  program w i t h  d i f f e r e n t  numbers o f  elements and d i f f e r e n t  smoothing 
procedures ( re f .  5). The resu l t s  from the program as indicated by the symbols 
agree very wel l  w i t h  those computed by Hess w i t h  the greatest number of 
elements. This agreement i s  remarkable indeed knowing t h a t  t h i s  i s  the f i r s t  
comparison o f  t h i s  type which we have made and :s no t  the r e s u l t  o f  a care fu l  
choice o f  data. 
The curves i n  f i g u r e  9 demonstrate that ,  i n  using i n teg ra l  momentum and 
energy laws, the in t roduc t ion  o f  mathematical s imp l i f i ca t i ons  can cause much 
la rger  errors than those which r e s u l t  from the use o f  a one parameter method. 
I n  f i gu re  9, our method and a method developed by L. Truckenbrodt ( re f .  6)  are 
compared w i th  exper ime~ta l  resu l t s  obtained by Wortmann ( re f .  7). Truckenbrodt's 
method i s  based upon the same s k i n - f r i c t i o n  and d i ss ipa t i on  laws as the present 
method, b t ~ t  includes fu r the r  mathematical simp1 i f i c a t i o n s  which produce an 
error o f  about 50 percent f o r  the adverse pressure gradient shown. 
i n  the   resent method, the  momentum thickness a t  the t r a i l i n g  edge i s  
used f o r  the ca l cu la t i on  o f  the drag by a Squire-Young type formula. We have 
found tha t  our method pred ic ts  s l i g h t l y  higher drag values than those measured 
experimentally. We hes i ta te  t o  change the sk i  n - f r i c t i o n  laws o r  o ther  par ts  o f  
the program, however, as the d i f ferences between our predic t ions and experi-  
mental measurements depend upon the wind tunnel i n  which the experiments were 
performed. (See f igs .  10 and 11 .) 
It should be mentioned t h a t  the program includes a l i f t  c o e f f i c i e n t  
correct ion due t o  boundary l aye r  separation but, as yet ,  does not  inc lude one 
due t o  boundary l a y e r  displacement thickness. 
" .< . . 
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As a f i n a l  remark, the development o f  the laminar boundary l a y e r  should 
be discussed. It i s  very in format ive t o  p l o t  t h i s  development as shown i n  
f i gu re  5. This p l o t  reveals several important points.  For a constant ve loc i t y  
segment (a = a*), the boundary l ~ 3 e r  approaches the B l  as i us so lu t i on  having a 
shape f a c t o r  Hgp o f  1.573 and increasing momeotum thickness tip. This 
corresponds t o  the v e r t i c a l  l i n e s  i n  f i g u r e  5. As the angle o f  at tack i s  
increased, the v e l o c i t y  d i s t r i b u t i o n s  become concave over the for ward po r t i on  
o f  the a i r f o i l  or, i n  other  words, the a i r f o i l  " pu l l s  a peak" a t  the leading 
edge. These Goncave d i s t r i b u t i o n s  are simi 1 a r  t o  those wtrich produce Hartree 
boundary layers. But, whereas the Hal t r e e  boundary layers r e s u l t  i n  lower bu t  
s t i l l  constant shape factors, the cc-res i n  f i g u r e  5 show increasing H32 w i th  
* 
increasing R, f o r  a greater  than a . This means t h a t  these ve loc i t y  
u o  L 
d is t r i bu t i ons  are more concave than the Hsrtree (power law) d i s t r i bu t i ons .  
Thus, as the angle o f  at tack i s  increased even mo1-s, these d i s t r i b u t i o n s  w i l l  
r e s u l t  i n  laminar separation a t  the leading edge. This problem i s  e l  iminated 
by the introduct iot ;  o f  segments having higher a* values near the leading 
edge. Obviously, i t  i s  much easier  t o  cont ro l  the development o f  the shape 
factor  by manipulating a* values than by changing a given ve loc i t y  d i s t r i b u -  
t i o n  a t  only  one angle o f  attack. 
Appl i r ,a t ions 
I n  t h i s  section, we sha l l  apply the mat5ematical model t o  a va r ie t y  of 
a i r f o i l  problems. The f i n a l  r e s u l t  i s  always a p l o t  which includes 
c, 
versus cd, c, versus a, cm versus CY, and t r a t i s i t i o n  and separation 
versus c, as i s  normall) p l o t t e d  f o r  wind tunnel resul ts .  I t  i s ,  o f  course, 
very easy ' t o  obta in more d e t a i l s  such as pressure d i s t r i bu t i ons ,  boundary 
1 ayer development, and 1 ami nar separst i  o? bubble analogs. 
The f i r s t  app l ica t ion  i s  a sai lp lane a i r f o i l  designed f o r  low drag a t  a 
Reynol s number o f  about 3 x 106 and a s o f t  s t a l l  a t  a Reynolds number of about g 1 x 10 . The s o f t  s t a l l  can eas i l y  be achieved by in t roducing a moderate 
concave pressure recovery on the upper surface and by pressnt ing iaminar 
separation and the rap id  forward movement o f  t r a n s i t i o n  w~ t h  i ncreasi ~ i g  angle 
o f  attack. The l a t t e r  feature requires only i n c r e a s i n ~  c.* values toward 
the leading edge. 
The theore t ica l  resu l t s  agree we1 1 w i th  the experimental measurements 
obtained by D. Althaus as shown i n  f i g u r e  10. I n  the wind tunnel experiment- 
t r a n s i t i o n  l oca t i on  was determined by the stethoscope method which seems t o  
detect  on ly  f u l l y  develcped turbulence and, thus, the experimental t r a n s i t i o n  
locat ions 1 i e  somewhat downstream o f  the theore t ica l  ones a1 though the trends 
w i t h  angle o f  at tack agree wel l .  The s t a l l  observed i n  f r e e  f l i g h t  was very 
soft. 
The next app l ica t ion  shows t h a t  the program produces reasonable resu l t s  
f o r  higher Reynolds numbers as we1 1. The coordinates o f  an NACA 643-61 8 
a i r f o i l  were input  and the theore t ica l  r e s u l t s  are compared w i t h  the experi-  
mental measurements ( r e f .  8)  i n  f i g u r e  11. 
The program can a lso be appl ied a t  very low Reynolds numbers. A i r f o i l  387 
was designed f o r  model airplanes. k t  these low Reynolds numbers, the bubble 
analog indicated t h a t  of i ly very s l i g h t  adverse pressure gradients were poss: b l e  
and, accordingly, a r e l a t i v e l y  t h i n  a i r f o i l  ( t / c  = 0.09) resulted. This a i r -  
f o i l  was recent ly  tested by Volkers ( re f .  9). T ie  theore t ica l  r e s u l t s  compare 
favorably w i t h  experiment f o r  a Reynolds number o f  2 x 105 ( f i g ,  12), even 
though the measurements do show the t y p i c a l  e f f e c t  o f  laminar separation 
bubbles. For a Reynolds number o f  1 x 105, the experiment shows even more the 
e f f e c t  o f  laminar separation bubbles, bu t  s t i  11 w i t h  attached tu rbu len t  f low 
a t  the t r a i l i n g  edge. Fqr a Reynolds number o f  6 x 104, both experiment and 
theory i nd i ca te  a large -.nount o f  separation. I t  seems remarkable t h a t  the 
experf mental l y  determined c r i t i c a l  Reynolds number agrees so we1 1 w i th  t h a t  
predicted by the theory. 
High 1 i f t  a i r f o i  1s can a lso be designed and analyzed w i t h  the program. 
One such a i r f o i l  designed by Chen ( re f .  10) i s  shown i n  f i g u r e  13. Not ice 
tha t  the panel method has predicted some osci ll 'ations i n  the v e l o c i t y  d i s t r i b u -  
t ions. (The occurrence o f  these o s c i l l a t i o n s  i s  common f o r  the newer a i r f o i l  
designs as opposed t o  the o lder  CACA a i r f o i l s  f o r  which the panel method 
pred ic ts  smooth ve loc i t y  d i s t r i bu t i ons .  ) The ob jec t ive  o f  t h i s  a i r f o i l  design 
was t o  achieve on the upper surface a c ~ r t a i n  length o f  constant v e l o c i t y  
fol lowed by a S t ra t fo rd  pressure recovery ( i e f .  11). The boundary l aye r  
development f o r  t h i s  a i r f o i l  showed e a r l y  t r a n s i t i o n  due t o  the o s c i l l a t i o n s  
i n  the ve loc i t y  d is t r ibu t ions .  These resu l ts ,  o f  course, were unreal i s t i c  and, 
accordingly, a new a i r f o i l ,  1220, was designed w i th  the same ob jec t ive  ( f i g .  14). 
To demonstrate tha t  the o s c i l l a t i o n s  i n  the ve loc i t y  d i s t r i b u t i o n s  f o r  the 
Chen a i  r f o i  1 were no t  produced by the p a ~ e l  method, the ve loc i t y  d i s t r i b u t i o n s  
from the panel method are included f o r  the new a i  r f o i  1. 
The boundary layev resu l t s  f o r  t h i s  a i r f o i l  are q u i t e  in te res t ing .  If 
the t r a n s i t i o n  po in t  i s  j u s t  ahead o f  the pressure recovery, the predicted 
boundary l aye r  remains atiached u n t i  1 the closure con t r i bu t i on  i s  reached. 
This occurs a t  a Reynolds number o f  6 x 106 ( f i g .  15). This demonstrates t h a t  
the method predic ts  the boundary layer  development f o r  an extreme pressure 
recovery q u i t e  wel l .  (This had already been tested by M. Schulz.) A t  a 
Reynolds number o f  3 x 106, an intense laminar separation bubble was predicted 
a t  the beginning o f  the oressure recovery. A t  a Reynolds number o f  9 x 106, 
Accordingly, a new a i r f o i l  was designed which r~u l r ld  no t  e x h i b i t  the 
undesirable charac ter is t i cs  o f  the previous a i r f o i  1. i3ecagse maximum 1 i ft 
normally occurs, i n  f l i g h t ,  a t  lower Reynolds numbers, the o ~ j e c t i v e  of the 
new design was t o  develop a high l i f t  c o e f f i c i e n t  a t  a Reynolds number of 
1 x 156 wh i l e  s t i l l  maintaining a s o f t  s t a l l  f o r  p rac t i ca l  reasons. The a i r -  
f o i l  which resu l ted  i s  shown i n  f i g u r e  16. The an d i s t r i b u t i o n  f o r  the 
forward po r t i on  o f  the upper surface was chosen such t h a t  no sudden movement 
o f  laminar separation o r  t r a n s i t i o n  i s  possible, This feature i s  demonstrated 
i n  f i g u r e  17 i n  which a l l  the curves show decn:ilsing Hj2 w i t h  increasing R6 . 
2 
t r ~ n s i t i c n  i s  predicted f u r t h e r  ahead o f  the pressure recovery and a th i cke r  
( tu rbu len t )  boundary l aye r  a r r i ves  a t  the beginning o f  the pressure recovery 
than i f  the f l ow  had remained laminar up t o  t h a t  point.  And so, again the 
precise i n i t i a l  condit ions f o r  the S t ra t fo rd  pressure recovery are no t  sa t i s -  
f ied  and e a r l y  tu rbu len t  boundary l aye r  separation i s  again the resu l t .  This 
must be t rue  fn r  every a i r f o i l  having a S t ra t fo rd  pressure recovery derived 
from one i n i t i a l  cc r~d i  t on.  
The pressure recovery i s  concave but  no t  near ly  as extreme as the St ra t fo rd  
d i s t r i bu t i on .  It should be mentioned t h a t  the t o t a l  amount of pressure 
recovery f o r  t h i s  d i s t r i b u t i o n  i s  only  s l i g h t l y  less than t h a t  o f  the Strat ford 
d i s t r i bu t i on .  Thus, the moderate pressure reccvery resu l t s  i n  more 1 ift. 
Another featdre o f  t h i s  design i s  :hat the upper and lower surface 
ve loc i t i es  ahem o f  the closure cont r ibu t ion  were no t  required t o  be equkl as 
i n  the case o f  the Chen a i r f o i l .  I t  has already been demonstrated by the NACA 
6-series a i r f o i  1s t h a t  t h i s  condi t ion i s  no t  necessary. 
The theore t ica l  resu l t s  f o r  t h i s  new a i r f o i l  ?re shown i n  f i g u r e  18. The 
maximum l i f t  coe f f i c i en ts  t o  be achieved by such a i r f o i l s  are sure ly  above 2. 
CONCLUSIONS 
The present program system o f  combined potent ia l  f low and boundary l aye r  
theories has been discussed. Appl icat ions and comparisons w i t h  experiments 
over a very wide range o f  Reynolds numbers have been shown. The resu l t s  are 
most sa t i s fac to ry  and open the door t o  the t a i l o r i n g  o f  a i r f o i l s  f o r  spec i f i c  
objectives. 
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Figure I..- Design method. (a relative to zero-lift line.) 
PANEL BETWEEN Pn AND Pn+l : 
SHAPE: CUBIC 
1"- ' V O R T I C I T Y :  PARALOLIC I FLOW CONDITION:  INNER TANGENTIAL FLOM 
COMPONENT EQU..LS 7ERO AT Pn AND Pn+l 
F i g u r ~ s  2.- Panel method. 
WAKE 1: pN = -pl (KUTTA-CONDITION) 
TRIANGULAR WAKE WITH CONSTANT OPPOSITE VORTI CITY 
NORMAL FLOW CONDITION AT P1 AND PN 
NO FLOW CONDITION AT THE WAKE 
WAKE 2: PN = -PI ( KUTTA) 
LINEAR VORTICITY AND SOURCE DISTRIBUTION AT THE BASE SUCH THAT NO FLOW 
SINGULARITY EXISTS AT P1 AND PN. FLOW CONDITIONS: INNER TANGENTIAL 
AND INNER, NORMAL VELOCITY EQUALS ZERO AT THE MIDDLE OF THE BASE 
Figure 3.- Blunt tra i l ing  edge. 
Figure 4.- Comparison of design and panel methods. 
(a relative to zero-lift line.) 





Figure 5.- Boundary layer development. 
Figure 6,- comparison of short-cut and finite-difference methods. 
Figure 7.- Skin-friction coefficients. 
ME 101 Airfoil. t / c  - 0.10. a * 8.2'. R * 1.6 lo6 I 
i 






Figure 9.- Comparison of momentum thicknesses. 
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Figure 10.- Comparison of experiment and theory for EPPLER 603 airfoil. 
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Figure 11.- Comparison of experiment and theory for M C A  643-618 airfoil. 
EXPERIMENT VOLKERS 
Figure 12.- Comparison of experiment and theory for EPPLER 387 airfoil. 
Figure 13.- Chen maxi~oum l i f t  a i r f o i l .  (a re lat ive  to zero- l i f t  l i n e . )  
Figure 14.- EPPLER 1220 a ir fo i l .  (a relative to  zero-lift l ine.)  

Figure 16.- EP?LER 1228 airfoil. (a relative to zero-lift line.) 
6 Upper surface. R =  l x I0 
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Figure 17.- Boundary layer development for EPPLER 1228 airfoil. 
Figure 18.- Theoretical reaults for EPPLER 1228 airfoil. 
A CONSISTENT DESIGN PROCEDURE FOR SUPWCRITICAL 
Vijaya Shankar and Norman D. Malmuth 
Rockwell In t e rna t iona l  Science Center 
J u l i a n  D. Cole 
University of Cal i fornia ,  Los Angeles 
A cormputational inverse procedure f o r  transonic: a i r f o i l s  i n  which shapes 
a r e  determined supporting prescribed pressure d i a ~ z r b u t i o n s  is presented. 
The method uses the  small  dis turbance equation and a cons is ten t  analysis- 
design d i f fe renc ing  procedure a t  t h e  a i r f o i l  surface. This avoids the 
intermediate analysis-design-analysis i t e r a t ions .  The e f f e c t  of any openness 
a t  the  t r a i l i n g  edge is taken i n t o  account by adding an e f f e c t i v e  source term 
i n  the  f a r  f ie ld .  The f i n a l  r e s u l t s  from a systematfc expansion procedure 
which models the f a r  f i e l d  f o r  s o l i d ,  i dea l  s l o t t e d  and f r e e  j e t  tunnel wal l s  
a r e  p r e s ~ n t e d  along with some design r e s u l t s  f o r  t he  aseociated boundary 
conditions and those f o r  a f r e e  f l i g h t .  
INTRODUCTION 
Computational design o r  inverse procedures f o r  t ransonic  a i r f o i l s  i n  
which shapes a r e  determined supporting prescribed pressure d i s t r i b u t i o n s  have 
been i n  use s ince  the  e a r l y  work of ~ ieuwlandl**  which employed hodograph 
methods t o  ca lcu la te  shock-free s u p e r c r i t i c a l  flow about a family of quasi- 
e l l i p t i c a l  a i r f o i l s .  La ter  Garabedicln and ~ o r n *  developed a more general 
hodograph procedure t o  design highly cambered shock-free a i r f o i l s .  I n  s p i t e  
of t h e i r  usefulness,  hodograph proceduzes f o r  design purposes have severa l  
disadvantages. They requi re  too many input parameters, a r e  r e s t r i c t e d  t o  
shock-free so lu t ions ,  and a r e  not e a s i l y  extendable t o  design of three-dimen- 
s iona l  wings. Steger and ~ l i n e b e r ~ ~  t r ea t ed  the problem within a small- 
disturbance framework solving the cont inui ty and v o r t i c i t y  equation a t  
i n t e r i o r  points.  To insure consistency between the  ana lys is  and the  design 
formulation, they applied appropriate  d i sc re t i za t ion  procedures t o  the  
v o r t i c i t y  equation a t  t h e  a i r f o i l  g r id  points.  However, the  f i r s t -grder  
system with ve loc i ty  components a s  dependent var iab les  produces a d i f f i c u l t y  
i n  the treatment of s i n g u l a r i t i e s  a t  the  a i r f o i l  nose and t r a i l i n g  edge. The 
e f f e c t  of nose and t r a i l i n g  edge s i n g u l a r i t i e s  could be grea t ly  reduced by 
* 
Par t  of the work was presented a t  the  A I M  16th Aerospace Sciences Meeting, 
Paper No. 78-103. A port ion of t h i s  e f f o r t  was sponsored by the A i r  Force 
Office of Ec ien t i f i c  Research under U.S. A i r  Force Contract No. F44620-76-C-0044. 
**Reference c i t a t i o n  i s  given by numerical superscr ip t .  
using a s c a l a r  formulation involving the  ve loc i ty  po ten t i a l .  ~ r a n e n 4  employed 
the  f u l l  po t en t i a l  equation t o  remedy the deficiency inherent  i n  the  small  
disturbance formulation a t  t he  leading and t r a i l i n g  edges. To overcome the  
inaccuracies  and inconsis tencies  i n  h i s  formulation associated with the 
d i sc re t i za t ion  procedures at. t he  boundary, i t e r a t i o n s  must be employed between 
d i r e c t  and inverse so lvers ,  Also, i n  the  f u l l  po t en t i a l  formulation, boundary 
conditions a r e  t o  be applied a t  t he  exact a i r f o i l  surface. Since the  a i r f o i l  
surface is unknown i n  t h e  design problem, e r r o r s  propagate due t o  appl ica t ion  
of boundary conditions a t  some assumed a i r f o i l  surface. carlson5 used ghost 
point  and higher order  accurate  methods t o  handle a i r f o i l  boundary points.  
Rather than employing t h e  c i r c l e  plane a s  i n  Tranen's procedure, Carlson used 
a Cartesian framework. However, even h i s  procedure is not  cons is ten t  i n  t he  
sense t h a t  t he  d i sc re t i za t ions  used f o r  C i n  t he  ana lys is  and those i n  the  
design phase a r e  not  of the  same form. d e  former uses  a c e n t r a l  differenced 
$x f o r  Cp ca lcu la t ions  while  t he  l a t t e r  employs a spec i a l  backward differenced 
+x involving ghost points.  A s  a r e s u l t ,  per fec t  agreement between h i a  ana lys is  
and design calculat iono is not  t o  be expected, espec ia l ly  near t h e  shock. 
Also, the  problems associat.-d with open t r a i l i n g  edges a r e  not addressed i n  
h i s  work. The t r a i l i n g  edge is made t o  c lo se  by a l t e r i n g  the  nose shape. 
However, i n  h i s  intermediate ca lcu la t ions ,  l a rge  open t r a i l i n g  edges occur. 
The f i n a l  r e s u l t s  a r e  questionabld s ince  the  e f f e c t  of openness is not  
included i n  the f a r  f i e l d  f o r  t he  intermediate solut ions.  
In  t h i s  paper, a small-disturbance model employing the ve loc i ty  po ten t i a l  
as  the dependent var iab le  is used f o r  the  implementation of the  design 
algorithm. This procedure s impl i f ies  the  treatment of boundary conditions 
and a l l e v i a t e s  the  need f o r  mappings t h a t  arise i n  a f u l l  p o t e n t i a l  equation 
formulation. A mixed boundary value problem i s  solved i n  which Neumann da ta  
a r e  spec i f ied  i n  the  f i r s t  few percent of the  chord length where the  assumed 
shape is retained,  and Di r i ch l e t  conditions a r e  prescribed on the r e s t  of t he  
a i r f o i l  where the  pressure is t o  be modified. One important t h r u s t  of t h e  
present work is i n  developing a consis tent  d i sc re t i za t ion  procedure f o r  the 
a i r f o i l  g r id  points.  I f  t he  converged C output from the ana lys is  is  not 
a l t e r ed ,  then the design mode recovers t ge  same a i r f o i l  shape without any 
discont inui ty i n  the a i r f o i l  s lope a t  the  shock wave, overcoming a def iciency 
i n  Carlson's work. Another s ign i f i can t  fea ture  of the  numericai implementa- 
t i o n  not considered by the  previous inves t iga tors  is the e f f e c t  of an open 
t r a i l i n g  edge i n  the f a r  f i e l d .  In  the present  work, t h i s  is  accounted f o r  
with the addi t ion  of the necessary source terms i n  the f a r  f i e ld .  Desigp of 
th ick  t r a i l i n g  edge a i r f o i l s  i s  of i n t e r e s t  i n  inv isc id  flow t o  achieve a 
reasonable t r a i l i n g  edge thickness a f t e r  accounting f o r  t he  viscous disi>lace- 
ment thickness,  Some amount of t r a i l i n g  edge thickness is required from a 
s t r u c t u r a l  s t a b i l i t y  point of view. Figure 1 schematically explains the 
design philosophy followed i n  t h i s  paper. The top of Figure 1 shows a conven- 
t i ona l  a i r f o i l  a t  t ransonic speed producing a shock on the  upper surface. 
Specifying a shockless pressure d i s t r i bu t ion  on the upper surface would 
f l a t t e n  the upper sur face  of the conventional a i r f o i l ,  thereby producing an 
openness a t  the t r a i l i n g  edge, This i s  shown i n  the  middle of Figure 1. The 
amount of t r a i l i n g  edge openness can be reduced by specifying a lower sur face  
pressure d i s t r i b u t i o n  with a la rge  a f t  end loading. This kind of loading 
undercuts the lower surface producing a Whitcomb6 type s u p e r c r i t i c a l  a i r f o i l .  
A typ ica l  s u p e r c r i t i c a l  a i r f o i l  design is  presented i n  t he  Results sect ion.  
The e f f e c t s  of wind tunnel w a l l s  i n  t he  computation of t ransonic a i r f o i l  
aesign and ana lys is  have a l s o  been studied. The downstream and upstream 
i n f i n i t y  conditions f o r  the so l id ,  i d e a l  s l o t t e d ,  and f r e e  j e t  tunnel  walls 
have been derived from a systematic asymptotic so lu t ion  of t he  small-distur- 
bance in t eg rod i f f e ren t i a l  equation. 
SYMBOLS 
+ 
B scaled mass f l ux  vector  
chord 
C~ l i f t  coe f f i c i en t  
sec t ion  normal-force coe f f i c i en t  
pressure coe f f i c i en t  a t  half  node poin ts  
upper and lower a i r f o i l  elopes 
scaled half  tunnel wal l  height 
t ransonic s i m i l a r i t y  parameter 
Mach number 
f r e e  rtream Mach number 
e f f e c t i v e  source ~ t r e n g t h  due t o  a i r f o i l  t r a i l i n g  edge openness 
coordinate system 
upper and lower a i r f o i l  ordinates  
ve loc i ty  po ten t i a l  
f a r  f i e l d  ve loc i ty  po ten t i a l  
angle of a t t ack  
maximum a i r £  o i l  thickness 
spec i f i c  heat r a t i o  
EQUATION AND BOUNDARY CONDITIONS 
The t ransonic  small dis turbance equations a r e  formally derived by an 
asymptotic expansion procedure7 applied t o  t h e  Euler equat!lons. For an 
a i r f o i l  whose upper and lover  sur faces  a r e  defined by yu,a = 6P (XI-ax the  
per turba t ion  po ten t i a l  s a t i s f i e s  t h e  equation u, 
The l a rge  l a t e r a l  propagation of t ransonic disturbances is taken i n t o  account 
by the  use of the  scaled 13, The limit process is 
a is the  angle of attack. 
6 -t 0 ,  Mm + 1, while x,y, and K = ) remain fixed. The quant i ty  
Consistent with the  small dis turbance formulation, t he  a i r f o i l  boundary 
conditions a r e  applied on a s l i t  of 9 = 0. I n  the case of pure ana lys is  the  
a i r f o i l  boundary condition (flow tangency) is of Neumann type. 
The a i r f o i l  leading and t r a i l i n g  edges a r e  a t  x = -1 and x = 1 respect ively.  
In  t he  design problem, the  a i r f o i l  shape corresponding t o  a given pressure 
d i s t r i b u t i o n  is sought. However, t he  small dis turbance theory cannot resolve 
the  nose region accurately.  Therefore, t he  nose shape of an e x i s t i n g  a i r f o i l  
i s  spec i f ied  f o r  up t o  5-10% of t he  chord length and a desired pressure d i s t r i -  
bution over the  r e s t  of the  chord is prescribed. The boundary conditions then 
become a mixed Neumann-Dirichlet type. On the port ion of the  a i r f o i l  where 
the nose shape is  specif ied,  the  boundary condition applied is given by 
Eq. (2).  Over the  r e s t  of t he  a i r f o i l  a scaled pressure coe f f i c i en t  
is prescribed. With +x(x,Of) known from Eq. ( 3 ) ,  the  perturbat ion p o t e n t i a l  
+(x,Ok) is calculated by integrat ion.  This value of +(x,Of) is then imposed 
a t  the a i r f o i l  s l i t  as  a D i r i ch l e t  type boundary condition. Figure 2 
schematically i l l u s t r a t e s  the  mixed Neumann-Dirichlet type boundary condition. 
FAR FInD 
To avoid mapping procedures which br ing i n f i n i t y  t o  a f i n i t e  dis tance from 
the a i r f o i l ,  but compromise the  d i f fe rence  method, an approximate asymptotic 
so lu t ion  f o r  + va l id  a t  l a rge  d is tances  from the a i r f o i l  i s  used as f a r  f i e l d  
boundary condition. The type of f a r  f i e l d  depends on whether t he  a i r f o i l  i s  
kept i n  f r e e  a i r  o r  a s o l i d ,  s l o t t e d  o r  porous wa l l  wind tunnel. The f a r  
f i e l d  expressions t o  be used i n  t h i s  paper w i l l  now be discussed. 
, . 
Free A i r  
Figure 2 shows the  f a r  f i e l d  arrangement. Along the  ou te r  boundary ABCDE, 
t h e  per turba t ion  po t en t i a l  + i s  computed from 
where I' is the  c i r cu l a t i on  around t h e  a i r f o i l ,  0 = ~~I.I-'(KJ~x), Q i s  an 
r ce  s t r eng th  due t o  any openness a t  t he  t r a i l i n g  edge, and 
. Only dominant terms are kept i n  Eq. (4). 
An expression f o r  t he  source s t r eng th  Q is obtained by considering the  
i n t e g r a l  form of Eq. (1). The divergence theorem is  used t o  ob ta in  t h i s  
i n t e g r a l  r e l a t i o n  i n  the  cu t  region R shown i n  Figure 3 
-F ('11) (:) 1 + ~~1 is a scaled mass f l ux  vector .  Since $ is  where B = (KG - 
is  coaserved across  shock waves, no spec i a l  boundary terms appear if shocks a r e  
present i n  the  flow. Expanding Eq. (5) r e s u l t s  i n  
Subs t i tu t ing  Eq.  (4) i n t o  Eq. (6) and simplifying gives  
[4,]dx, where [ ] denotes jump 
Y 
1 
I f  t h e  a i r f o i l  t r a i l i n g  edge i s  c losed,  then k[Oy] dx is ze ro  and no source  
term is  present .  While des igning an a i r f o i l  t o  suppor t  a given p ressure  
d i s t r i b u t i o n  t h e  magnitude of t h e  t r a i l i n g  edge openness is no t  known a p r i o r i .  
I n  t h e  c a l c u l a t i o n ,  Q is t h e r e f o r e  evaluated by non l inear  i t e r a t i o n  procedure 
analogous t o  t h a t  employed i n  ob ta in ing  t h e  c i r c u l a t i o n  term I' f o r  an a n a l y s i s  
problem. I f  t h e r e  i s  t r a i l i n g  edge openness, and i f  t h e  source  term is  no t  
included i n  t h e  f a r  f i e l d ,  then t h e  s o l u t i o n  obta ined may be quest ionable .  
Wind Tunnel 
To e s t a b l i s h  t h e  a p p r o p r i a t e  boundary cond i t ions  on a f i n i t e  computa- 
t i o n a l  domain f o r  a tunnel  s imula t ion ,  t h e  f a r  f i e l d  corresponding t o  
x + 2- has  been der ived us ing a Green's funct ion method. Only t h e  f i n a l  
r e s u l t s  t o  t h e  dominant o r d e r  f o r  t h e  s o l i d ,  i d e a l  s l o t t e d  and f r e e  j e t  tunne l  
w a l l  c a s e s  a r e  repor ted  here.  The a i r f o i l  i s  posi t ioned midway between t h e  
wa l l s .  Thus, t h e  a i r f o i l  slit  is a t  = 0 and t h e  tunnel  boundaries a r e  a t  
J = fH. The a p p r o p r i a t e  boundary cond i t ions  on t h e  tunne l  w a l l s  a r e  
6.. (x,kH) = 0 f o r  s o l i d  w a l l  
Y 
1 6.. (x,+H) f - ~+(x,fH) = 0 FH f o r  s l o t t e d  Y and f r e e  j e t  
where F is  t h e  s l o t  parameter: 
s F I -  
s H  b cosec (z) 
where s is t h e  d i s t a n c e  between s l o t  c e n t e r s  and a is t h e  s l o t  width. For 
f r e e  jet case  F = 0. 
To dominant o r d e r  i n  the  Karman-Guderley (x,?) plane. t h e  f a r  f i e l d s  
corresponding t o  these  tunnel  cases  at x + f a n  a re :  
Sol id  wall: 
where t ( 1 )  Fu( l )  - 1 ,  €,r( a r e  dummy v a r i a b l e s  f o r  x and y, h = fi H, 
~ ( x )  = 1 f o r  x > 0 and H(x) = 0 f o r  x < 0, and u = . Ox 
S l o t t e d  and f r e e - j e t  wall: 
Eqs. (11) assume no downwash a t  upstream i n f i n i t y .  Other  express ions  can be 
der ived f o r  d i f f e r e n t  upstream assumptions. I n  t h i s  connection,  t h e  d r a g ,  
l i f t ,  and p ressure  d i s t r i b u t i o n  can be shown t o  be unaffected by a d d i t i o n  of 
upstream down flow. 
CONSISTENCY 
When t h e  p ressure  d i s t r i b u t i o n  from t h e  a n a l y s i s  c a l c u l a t i o n  is  used a s  
an inpu t  f o r  des ign,  a c o n s i s t e n t  d i s c r e t i z a t i o n  procedure would recover  t h e  
a i r f o i l  shape e x a c t l y ,  even a c r o s s  t h e  shock. To achieve t h i s  agreement, 
dummy p o i n t s  below t h e  a i r f o i l  s u r f a c e  a r e  used. Figure  4 shows t h e  g r i d  
p o i n t s  near  t h e  a i r f o i l  su r face .  The p o i n t s  ( i ,  j-1) a r e  the  dummy p o i n t s .  
Analysis 
From t h e  known a i r f o i l  shape (#F) i ,  j,at t h e  beginning of each re laxa-  
t i o n  cyc le  t h e  dummy po in t  va lues  (i,j-l a r c  obta ined from t h e  c e n t r a l  
d i f f e r e n c e  formula 
This express ion i s  then used i n  t h e  f i n i t e  d i f fe renced  f o m  of ( i n  




The nonl inear  term i n  Eq. (13) is  c e n t r a l  differenced a t  e l l i p t i c  po in ts  and 
I one-sided backward differenced hyperbolic po in ts .  To improve s t a b i l i t y  8: near the  sonic region Jameson's peeudo-time operator  is used i n  t he  relaxa- 
t i o n  procedure. Once the ana lys i s  procedure converges, t h e  pressure 
d i s t r i b u t i o n  on the  a i r f o i l  i s  computed a t  ha l f  node po in t s  
where 
Design 
A s  mentioned e a r l i e r  i n  t h i s  paper, a  por t ion  of t he  a i r f o i l  shape 
(4?) near t he  nose is spec i f ied  (from x = -1 t o  x XD i n  Figure 2 ) .  On the  
port ion of the  a i r f o i l  under design, t h e  pressure c o e f f i c i e n t  C i s  pi-112, j 
spec i f ied  a t  half  node points .  From CPi-l,2,j, t he  per turba t ion  po t en t i a l  mi, j 
- 
on the s i r f o i l  sur face  12 obtained from Eqs. (14) and (.15) 
A t  t h e  a i r f o i l  gr id  po in ts  where t he  shape $9 is spec i f ied ,  Eq. (13) is used 
t o  evaluate  t h e  po t en t i a l  $i,j (usual SLOR scheme). Since t h i s  po t en t i a l  
keeps changing during t h e  r e l axa t ion  cyc le ,  t h e  po t en t i a l  $ i , j  over t h e  
designed port ion is  updated accordingly a t  t h e  beginning of each re laxa t ion  
cycle  using Eq. (16). After t he  mixed analysis-deaign so lu t ion  converges, t h e  
slope (@9)i,j of t he  r e su l t i ng  a i r f o i l  is computed from Eq. (13) a s  
.? . . --.- ,--- 
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I I 
From t h e  s lope 4- t he  a i r f o i l  o rd ina tes  a r e  calculated from t h e  quadrature A 8 
formula Y' 
Y ~ , ~ ( I )  - Y ~ , ~ ~ ) + ~ ~ { Q - I  Y u,R + # d ~  (181 .d 
5 
where yu.k(XD) a r e  t h e  upper and lower y values  of t he  a i r f o i l  a t  X = XD, 
where t h e  boundary condition changes from ana lys i s  t o  design. Since Eqs. 
(13), (141, and (15) a r e  used i n  t h e  same manner i n  t h e  ana lys i s  and design,  
t h e  d i s c r e t i z a t i o n  procedure is consis tent .  
RESULTS 
To check t h e  consistency log i c  developed i n  t he  previous s ec t i on ,  a test 
case  was run. An ana lys i s  ca l cu l a t i on  f o r  t h e  NACA 0012 a i r f o i l  a t  M, = 0.75, 
a = 2" was f i r s t  performed. The pressure d i s t r i b u t i o n  from tho  ana lys i s  
ca lcu la t ion  was then used a s  an input f o r  t h e  design problem t o  check i f  t h e  
NACA 0012 a i r f o i l  shape would be recovered even across  t h e  shock. The r e s u l t s  
a r e  shown i n  Table 1. The upper (yU) and lower ( y ~ )  sur face  ord ina tes  from 
t h e  design ca l cu l a t i on  agreed with t h e  o r i g i n a l  NACA 0012 a i r f o i l  up t o  four  
s ign i f i can t  f i gu re s ,  thus es tab l i sh ing  consistency of t h e  method. 
Figure 5 shovs a design ca l cu l a t i on  performed on t h e  previous NACA 001.2 
ana lys i s  so lu t ion  t o  get  r i d  of t h e  upper sur face  shock. The dot ted  l i n e  
i shows t h e  ana lys i s  so lu t ion ,  and the  ool id  l i n e  shows the  prescribed shocklees 
pressure d i s t r i bu t ion .  The r e su l t i ng  a i r f o i l  is shown by t h e  s o l i d  l i n e .  It 
is seen t h a t  a s l i g h t  f l a t t e n i n g  of t h e  upper surface determined i n  t h e  design 
phase el iminates  t he  shock. This reshaping produces an openness a t  t h e  t r a i l -  
ing edge which was properly accounted f o r  by t h e  e f f ec t i ve  source term i n  t h e  
f a r  f i e l d .  
Analysis ca l cu l a t i ons  were performed over t h e  shock-free a i r f o i l  designed 
i n  f r e e  a i r ,  (shown i n  Figure 5 ) ,  using so l id  wal l  tunnel boundary conditions.  
The a i r f o i l  tirst produces a shockless pressure d i s t r i b u t i o n  i n  f r e e  a i r  may 
produce a et.ock when tes ted  i n  t h e  wind tutmel. This is i l l u s t r a t e d  by t h e  
r e s u l t s  shown i n  Figure 6. From t h e  f i g u r e ,  i t  is  evident t ha t  when the  
tunnel wall  i s  s u f f i c i e n t l y  f a r  away from t h e  a i r f o i l ,  t he  pressure d i s t r i bu -  
t i o n  remains shocklesa. A s  t h e  tunnel wal l  is brought c lo se r  t o  t he  a i r f o i l ,  
the  shock appears and moves downstream. 
Figure 7 shows a s u p e r c r i t i c a l  a i r f o i l  design with NACA 0012 nose shape. 
c 
F i r o t ,  an ana lys i s  so lu t ion  was generated over t h e  NACA 0012 a i r f o i l  a t  
?do - 0.8 and a = 2'. This is shown by the  do t ted  l i n e  i n  Figure 7. Then a 
s u p e r c r i t i c a l  pressure d i s t r i b u t i o n  was spec i f ied  with a l a rge  loading on the  
a f t  end of the  a i r f o i l .  The r e su l t i ng  a i r f o i l  resembles a Whitcomb type super-  
c r i t i c a l  a i r f o i l  which is  character ized by a subs t an t i a l l y  reduced curvature  
on t h e  mid chord region of t h e  upper sur face  together  with increased camber 
near t h e  t r a i l i n g  edge. 
An off  design ca l cu l a t i on  t~ t h i s  s u p e r c r i t i c a l  a i r f o i l  a t  M, - 0.78 
is shown i n  Figure 8. For q u a l i t a t i v e  comparison, o f f  design and design 
ca lcu la t ions  on t h e  NASA 11% th ick  s u p e r c r i t i c a l  a i r f o i l  are a l s o  shown. A t  
off design Mach numbers t h e  shock reappears. 
I The e f f e c t  of wind tunnel  wal l s  on t he  performance of t he  f r e e  a i r  
shock f r e e  s u p e r c r i t i c a l  a i r f o i l  is shown i n  Figure 9. Only t h e  upper sur face  
i pressure is shown f o r  s o l i d ,  i dea l  s l o t t e d  (F = 0.279) and f r e e  jet (F = 0) 
, tunnel  cases.  The so l id  l i n e  i n  Figure 9 r e f e r s  t o  t h e  shock f r e e ,  f r e e  a i r  
pressure d i s t r i bu t ion .  For tunnel  wal l  height t o  a chord r a t i o  of 6, the  shock 
I 
reappears i n  a l l  t h e  tunnel  wal l  cases.  A s  expected, t h e  s o l i d  wal l  produces 
a s t ronger  shock while t h e  f r e e  jet case  produces a weaker one. 
CONCLUDING REMARKS 
An e f f i c i e n t  and inexpensive design-analysis code has been developed f o r  
two-dimensional a i r f o i l s .  The cons is ten t  d i f fe renc ing  procedure employed a t  
t h e  a i r f o i l  boundary allows use of t h e  same code i n  e i t h e r  ana lys i s  o r  dssign- 
ana lys i s  mode without requi r ing  any modification. In t he  algorithm, t he  
e f f e c t  of an open t r a i l i n g  edge is properly accounted f o r ,  a f ac to r  ignored 
by other  workers. The f a c t  t h a t  no mapping is involved i n  t h e  two-dimensional 
work makes t he  extension of t h e  algorithm t o  t h r ee  dimensional wing design 
f e a s i b l e  and a t t r a c t i v e .  
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Figure 5.-  Transonic design. Shock elimination. 
a = 2"; Mm = 0.75. 
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Figure 6. -  Effect of so l id  tunnel walls on the performance of a 
free-f l ight  shock-free a i r f o i l .  Mm = 0.75;  u = 2'. 
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Figure 7.- Supercritical-airfoil design with NACA 0012 nose shape. 
MOD = 0.8; a = 2" .  
MAR-DESIGN PRESSURE 
OISTRIBIJTION ON 11%-THICK NASA M S I C N  SHOCKLESS SUPEKCUITICAL 
SUPERCHITICAL AIRFOIL PkESSUkE DISTUlBUT13N 
AVO. 80: c, -0.61 u a s . ~ ~ . P  c L . a 5 6 2  
r-I - 1.2 r-l
- 
OF-DESIGN PKESSURE 
DlSTKlBUTlON ON 11%-THICK NASA 
SUPEKCKITICAL AIKFOIL 
W0 .18 :  c =0.58 
- 1 . 2 1 - , - - " ~ l  
m OR-DESIGN PkESSUHE 
"0 . 2  . 4  . 6  . 8  1.0 
x lc 
Figure 8.- Off-design pressure distribution. 
- FREE A I R  
_---- SOL I D WALL 
-.-.- l DEAL SLOTTED 
FREE JET 
F i g u r e  9.- Performance of  a f r e e - f l i g h t  shock-f ree  a i r f o i l  i n  a 
wind t u n n e l .  Mm = 0.8; a = 2'; H / C  = 6 .  
PROSPECTS FOR COMPUTING AIRFOIL AERODYNAMICS WITH 
REYNOLDS AVERAGED NAVIER-STOKES CODES 
George S. Deiwert and H. E. Bailey 
NASA Ames Research Center 
SUMMARY 
The Reynolds averaged Navier-Stokes equations are solved numerically for 
a variety of transonic airfoil configurations where viscous phenomena are 
important. Illustrative examples include flows past sensitive geometries, 
Reynolds number effects, and buffet phenomena. 
INTRODUCTION 
The prediction of viscous phenomena in airfoil aerodynamics involves 
descriptions of both boundary-layer and inviscid flow regions and their inter- 
action with one another. For flows where the boundary layer remains attached, 
the two flow regions may be analyzed separately and their interaction deter- 
mined iteratively. This generally requires solving the compressible Euler 
equations (or a suitable subset) for the inviscid field and the boundary-layer 
equations for the viscous region near solid surfaces. The flow regions posing 
computational difficulty in these cases are the near wake, with its trailing 
edge singularity, and possible shock/boundary-layer interaction regions. When 
the viscous-inviscid interactions are strocg, and there is flow separation or 
even buffeting, it is more reasonable to solve the Navier-Stokes equations for 
compressible flows. These equations describe the coupling between the viscous 
and inviscid regions, describe the elliptic behavior in regions of flow sepa- 
ration, and do not contain the singularity at the trailing edge. 
In this paper several illustrative examples are presented in which viscous 
effects are important to transonic airfoil flows. All viscous numerical solu- 
tions are obtained from the Reynolds averaged ~avier-Stokes equations and all 
are compared with appropriate experimental data. Two computer codes are used 
at presf~nt to generate flow field solutions: a fully implicit code, described 
in refzrence 1, and a mixed explicit/implicit code, described in reference 2. 
Both produce comparable results and are competitive in their computational 
efficiency. Symbol definitions are given in an appendix. 
SHOCKLESS LIFTING AIRFOIL 
Consider first the shock-free supercritical profile designed analytically 
by Garabedian and Korn (ref. 3). A series of experiments for design and a 
off-design cond i t ions  were performed a t  t h e  NAX by Kacprzyriski e t  a l .  ( r e f .  4) 
I and by Kacprzynski ( r e f .  5). Compa.r5bons a t  i h e  des ign  cond i t ions  w i t h  t h e  
i n v i s c i d  theory of Garabedian and Korn suggest  t h a t  t h e  wind-tunnel test con- 
d i t i o n s  f o r  Mach number and ang le  of a t t a c k  be c o r r e c t e d  by s u b t r a c t i n g  0.015 
and 0.8g0, r espec t ive ly .  This  was i n  f a c t  done and a s e r i e s  of comparisons 
between experiment and i n v i s c i d  theory were made a t  a v a r i e t y  of off-design 
cond i t ions  ( r e f .  4) .  Figure  1 shows one such comparison f o r  a test Mach 
number of 0.755 and an  ang le  of a t t a c k  of 0.12", j u s t  s l i g h t l y  o f f  t h e  des ign  
cond i t ions  of 0.750 and O.OO, r e s p e c t i v e l y .  Included a r e  i n v i s c i d  s o l u t i o n s  
f o r  both  t h e  cor rec ted  (M = 0,740, rc = -0.77') and uncorrected cond i t ions .  
C lea r ly ,  t h e  "corrected" s o l u t i o n  shows b e t t e r  agreement wi th  experiment, 
though i t  f a i l s  t o  p r e d i c t  d rag  c o e f f i c i e n t  CD accura te ly .  Also included 
i n  t h i s  f i g u r e  is a viscous  s o l u t i o n  from a Navier-Stokes code a t  t h e  
uncorrected t e s t  condi t ions .  The i n c l u s i o n  of v i scous  e f f e c t s  r e s u l t s  i n  t h e  
same o v e r a l l  improvement as c o r r e c t i n g  t h e  wind tunnel  t e s t  condi t ions .  Fur- 
thermore, both drag and l i f t  a r e  p red ic ted  accura te ly .  
A second example, shown i n  f i g u r e  2, is f o r  a h i g h - l i f t  conf igura t ion ,  
where t h e  test Mach number is 0.747 and ang le  of incidence is  2.96'. A s  i n  
f i g u r e  1, t h e  cor rec ted  i n v i s c i d  s o l u t i o n  f o r  M = 0.732 and a = 2.07' 
ag rees  much b e t t e r  wi th  experiment than do t h e  uncorrected i n v i s c i d  r e s u l t s .  
Again, drag is n o t  w e l l  p red ic ted  and,  i n  t h i s  case ,  n e i t h e r  i s  l i f t .  Inclu- 
s i o n  of v i s c o u ~ . e f f e c t s ,  by means of t h e  Navier-Stokes equat ions ,  r e s u l t s  i n  
similar o v e r a l l  improvement without c o r r e c t i o n s  t o  wind tunne l  test condi- 
t i o n s .  However, both  drag and l i f t  a r e  b e t t e r  p red ic ted .  
Kacprzynski e t  a l .  ( r e f .  4) s t a t e  t h a t  t h e  only j u s t i f i c a t i o n  f o r  t h e i r  
c o r r e c t i o n  is t h a t  i t  l e a d s  t o  t h e  b e s t  agreement i n  p ressure  d i s t r i b u t i o n  
between theory and experiment f o r  t h e  des ign case .  I n  a d d i t i o n ,  t h e  l a r g e  
d i sc repanc ies ,  p a r t i c u l a r l y  i n  Mach number, were not expla inable .  Previous  
experience ind ica ted  t h a t  Mach number c o r r e c t i o n s  should be p r a c t i c a l l y  ze ro  
and angle  of a t t a c k  c o r r e c t i o n s  l e s s  than 0.89". It i s  suggested here ,  based 
on t h e  r e s u l t s  shown i n  f i g u r e s  1 and 2, t h a t  v i scous  e f f e c t s  a r e  of primary 
cons idera t ion  f o r  t h i s  p a r t i c u l a r  a i r f o i l  conf igura t ion ,  and t y a t  tunne l  cor- 
r e c t i o n s ,  whi le  probably necessary ,  a r e  no t  a s  g r e a t  a s  ind ica ted  by i n v i s c i d  
theory.  
Two p o s s i b l e  explanat ions  f o r  t h i s  s e n s i t i v i t y  of an i n v i s c i d  des ign  t o  
viscous  e f f e c t s  a r e :  1 )  t h e  c r i t i c a l  r ap id  expansion r e g i o n  a t  t h e  nose of 
t h e  a i r f o i l  i s  a l t e r e d  by v i scous  e f f e c t s ,  and 2) t h e  high a f t  camber r e s u l t s  
i n  f a i r l y  l a r g e  v i scous  displacement th icknesses .  Hence, we f i n d  an i n v i s c i d  
des ign producing a cocf igura t ion  t h a t  i s  h igh ly  s e n s i t i v e  t o  viscous  phenomena. 
To f u r t h e r  support  t h e  v a l i d i t y  of v iscous  s o l u t i o n s ,  a s e r i e s  of compu- 
t a t i o n s  were made f o r  nominal t e s t  Mach numbers of 0.75 and a n g l e s  of a t t a c k  
ranging from -1.54' t o  4.34'. The r e s u l t s  of t h e s e  computations a r e  compared 
wi th  experiment i n  f i g u r e  3 i n  t h e  form of a drag po la r  ( f i g .  3 ( a ) )  and l i f t  
curve ( f i g .  3 (b ) ) .  The agreement i n  both cases  is  very good. 
Included i n  t h e  drag po la r  a r e  l i n e a r i z e d  ' n v i s c i d  r e s u l t s  (which, of 
course ,  p r e d i c t  ze ro  drag)  and nonl inear  i n v i s c i d  r e s u l t s  from t h e  Garabedian 
and Korn code. The viscous  s o l u t i o n s  f o r  ang les  of incidence g r e a t e r  than 3" 
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i i n d i c a t e  b u f f e t  and a r e  i l l u s t r a t e d  by two CL v s  CD branches f o r  ang les  
I 3. 25O and 4.34O. The l i f t  and drag vary  p e r i o d i c a l l y  a long the  branch cor- 
responding t o  t h e  p a r t i c u l a r  ang le  of incidence.  Other ang les  of incidence 
g r e a t e r  than 3' (not shown) would e x h i b i t  d i f f e r e n t  pa ths  of p e r i o d i c  
v a r i a t i o n .  
The b u f f e t  domain i s  more c l e a r l y  i l l u s t r a t e d  i n  f i g u r e  3(b) f o r  l i f t  a s  
a  func t ion  of angle  of a t t a c k .  Here, f o r  a  given incidence,  t h e  minimum and 
maximum l i f t  va lues  d e f i n e  a b u f f e t  envelope. Note t h a t  t h e  b u f f e t  onse t  and 
b u f f e t  boundaries a r e  n o t  n e c e s s a r i l y  confirmed nor repudiated by exper'iment. 
The experiments were s t a t i c  and not  designed t o  d e f i q e  b u f f e t  cond i t ions .  The 
correspondence of maximum CL, however, sugges t s  s i m i l a r  b u f f e t  onset  i n  t h e  
experiment . 
To r e a l i z e  agreement between computation and experiment, t h e  r e s u l t s  
shown i n  t h e  l i f t  curve suggest ,  f o r  no Mach number c o r r e c t i o n s ,  s u i t a b l e  
ang le  of a t t a c k  c o r r e c t i o n s  of roughly -0.3' f o r  t h e  6% wal l  p o r o s i t y  exper i -  
ment of r e fe rence  4  and -1.3' f o r  t h e  20.5% w a l l  p o r o s i t y  experiment of 
r e f e r e n c e  5. 
NACA 0012 AIRFOIL 
Recent experiments i n  t h e  AEDC 1 - f t  t r anson ic  tunne l  on an NACA 0012 a i r -  
f o i l  by Kraf t  and Parker were compared wi th  s i m i l a r  experiments by Vidal  et a l .  
( r e f .  6)  i n  t h e  Calspan 8 - f t  t r anson ic  tunnel .  R e s u l t s  f o r  a test Mach number 
of 0  80 and a  1' ang le  of a t t a c k  i n d i c a t e  d i f f e r e n c e s  i n  shock p o s i t i o n  and 
t r a i l i n g  edge p ressure  between t h e  two experiments. Two p o s s i b l e  exp lana t ions  
f o r  t h e s e  d i sc repanc ies  included 1 )  d i f f e r e n c e s  i n  wind-tuni~el e f f e c t  and 2) a  
Reynolds number e f f e c t .  The Calspan experiments were performed a t  a  chord 
Reynolds number of 1 . 0 ~ 1 0 ~  and t h e  AEDC experiments a t  2 . 2 5 ~ 1 0 ~ .  Computed 
Navier-Stokes s o l u t i o n s  f o r  each of t h e s e  Reynolds numbers were compared wi th  
experiment by P o t t e r  and Adams ( r e f .  7 )  f o r  upper s u r f a c e  p ressure  d i s t r i b u -  
t i o n  and a r e  reproduced i n  f i g u r e  4. The computed r e s u l t s  a g r e e  wi th  exper i -  
ment a t  corresponding Reynolds numbers , suggest ing t h a t  t h e  d i f f e r e n c e  i n  
shock p o s i t i o n  i s  due t o  a  Reynolds number e f f e c t ,  The low Reynolds number 
s o l u t i o n  (Re = 1 x 1 0 ~ )  i n d i c a t e s  t h e  presence of separated flow downstream of 
t h e  mid-chord p o s i t i o n  whi le  t h e  high Reynolds number s o l u t i o n  (Re = 2 . 2 5 ~ 1 0 ~ )  
is a t t ached .  This  d i f f e r e n c e  i n  f low p a t t e r n  is reasonable  i n  view of t h e  
f a c t  t h a t  t h e  low Reynolds number f low is  t rax i s i t iona l  near  t h e  mid-chord of 
t h e  a i r f o i l  and thus  more s u s c e p t i b l e  t o  separa t ion  than t h e  f u l l y  developed, 
h igher  Reynolds number flow. There a r e  i n s u f f i c i e n t  experimental  d a t a  t o  con- 
f i rm t h e  ex i s tence  o r  absence of separated flow. 
Included f o r  comparison i n  f i g u r e  4 i s  an i n v i s c i d  s o l u t i o n  obta ined from 
t r a n s o n i c  small  p e r t u r b a t i o n  theory ( r e f .  7 ) .  It i s  seen by comparison t h a t  
f o r  t h e s e  r e l a t i v e l y  low Reynolds numbers t h e  considerat io t l  of v i scous  e f f e c t s  
i s  important s i n c e  t h e  l i f t  c o e f f i c i e n t  may be s t r o n g l y  a f f e c t e d  by shock wave 
l o c a t i o n ,  which i n  t u r n  i s  s t r o n g l y  a f f e c t e d  by v i s c o s i t y .  
CIRCULAR ARC (182) 
A s e r i e s  of experiments and computations f o r  t h e  t r a n s o n i c  f low over a n  
18% biconvex c i r c u l a r  a r c  a i r f o i l  has  been perfacned a t  t h e  Ames Research 
Center ( r e f s .  8-15). R e s u l t s  from these  s t u d i e s  i n d i c a t e  t h e  ex i s tence  of 
t h r e e  s e p a r a t e  f low domains t h a t  a r e  de f ined  by Mach number and Reynolds num- 
ber.  Figure  5, taken from r e f e r e n c e  12,  shows t h e  exper imental ly  determined 
boundaries of t h e s e  flow domains. For Mach numbers l e s s  than 0.73, t h e  f low 
is always s teady,  wi th  f low s e p a r a t i o n  occur r ing  near  t h e  t r a i l i n g  edge of t h e  
a i r f o i l .  For Mach numbers g r e a t e r  t h a n  0.78, t h e  f low is always s teady ,  ~ i t h  
separa t ion  occur r ing  a; t h e  f o o t  of t h e  shock and c l o s i n g  i n  t h e  near  wake. 
I n  between e x i s t s  an unsteady per iod ic  regime i n  which t h e  flow a l t e r n a t e s  
between shock-induced s e p a r a t i o n  and f u l l y  a t t ached  flow. 
Surface  p ressure  comparisons between v i scous  computations and experiment 
i n  each of t h e  t h r e e  flow regimes i s  shown i n  f i g u r e  6 ( taken from r e f .  14) .  
For t h e  low Mach number (M = 0.72) s t eady  flow w i t h  t r a i l i n g  edge s e p a r a t i o n ,  
t h e  agreement is e x c e l l e n t .  For t h e  high Mach number ( M = 0.783) s teady  flow 
with  shock-induced separa t ion ,  t h e  comparisons a r e  only  q u a l i t a t i v e l y  c o r r e c t .  
In t h i s  c a s e  t h e  computed s o l u t i o n  i n d i c a t e s  t h e  presence of a s t r o n g  ob l ique  
shock, whi le  t h e  experiment i n d i c a t e s  a weak ob l ique  shock. While both s t rong  
and weak shock s o l u t i o n s  w i l l  s a t i s f y  t h e  governing equat ions ,  t h e  computer 
code a t  p resen t  does not  y i e l d  t h e  weak s o l u t i o n  shown i n  t h e  experiment. Both 
computation and experiment e x h i b i t  shock-induced s e p a r a t i o n  wi th  c l o s u r e  
r e a l i z e d  i n  t h e  near  wake. S ize  of t h e  r e v e r s e  f low r e g i o n  is  reasonably  w e l l  
p red ic te4  (see  r e f s .  1 3  and 15) .  For t h e  unsteady flow regime, t h e  p ressure  
d i s t r i b u t i o n  over t h e  a i r f o i l  s u r f a c e  is  unsteady. Comparisons f o r  t h i s  c a s e  
w i l l  be discussed subsequently.  
Shown i n  f i g u r e  7 a r e  s e l e c t e d  frames from a high-speed shadowgraph movie 
of the  upper a f t  por t ion  of t h e  a i r f o i l  dur ing experimental  t e s t s .  Figure  7 (a )  
shows a normal shock at  about 65% chord wi th  f low separa t ion  occurr ing j u s t  
ahead of t h e  t r a i l i n g  edge. This  corresponds t o  t h e  low Mach number regime. 
Figure 7(b)  shows a time-dependent sequence of t h e  same reg ion  f o r  t b e  unsteady 
regime and i l l u s t r a t e s  t h e  p e r i o d i c  n a t u r e  of t h e  a l t e r n a t i n g  shock-induced 
s e p a r a t i o n / f u l l y  a t t ached  flow. F igure  7(c)  shows a s t eady  obl ique shock a t  
near ly  60% chord with s e p a r a t i o n  i n i t i a t e d  a t  t h e  f o o t  of t h e  shock. 
Figure  8 shows computed Mach contours  f o r  t h e  t h r e e  flow regimes; 
f i g u r e s  8 ( a ) ,  8 ( b ) ,  and 8 ( c )  correspond t o  s t eady  flow with  t r a i l i n g  edge 
separa t ion ,  unsteady per iod ic  flow, and s teady  flow with shock-induced separa- 
t i o n ,  r e s p e c t i v e l y .  The comparison of r e s u l t s  between f i g u r e s  7 and 8 i l l u s -  
t r a t e s  t h a t  t h e  computer s imulat ion r e f l e c t s  t h e  a p p r o p r i a t e  phys ica l  behavfor 
of t h i s  conf igura t ion  and d e s c r i b e s  a l l  t h r e e  flow regimes observed experimen- 
t a l l y .  The only  r e a l  po in t  of d iscrepancy remains i n  t h e  weak v s  s t r o n g  
obl ique shock i n  t h e  s t eady  flow high Mach number case .  
F i n a l l y ,  i n  f i g u r e  9,  t h e  s u r f a c e  p ressure  time h i s t o r i e s  f o r  t h e  com- 
puted and expe~. imental  unsteady flows a r e  compared. Flow condi t ions  were f o r  
M = 0.754, CL = 0 ° ,  and Re = 1 1 x 1 0 ~  i n  both t h e  computation and experiment, 
The computed r e s u l t s  simulated t h e  wind-tunnel w a l l s  a s  boundary cond i t ions .  
Comparisons a r e  made a t  a mid-chord loca t ion  and near a 314-chord loca t ion  on 
both upper and lower surfaces  simultaneously. Remarkable agreement is  found :pd 
'F both i n  form and amplitude of t he  va r i a t i ons .  The reduced frequency of t h e  
 1 
"c' 
o s c i l l a t i o n s  agreed t o  within 20%. 
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Clharly,  viscous e f f e c t s  a r e  important i n  a l l  t h r ee  flow regimes observed ,a < 
f o r  t h e  18% c i r c u l a r  a r c  a i r f o i l .  The success of t he  computer code i n  simu- 
l a t i n g  such flows, p a r t i c u l a r l y  i n  t he  unsteady regime, gives  confidence i n  
i t s  u t i l i t y .  
COMPUTATIONAL EFFICIENCY 
Ar present ,  two computer codes a r e  used a t  A m e s  t o  so lve  t h e  Reynolds 
averaged Navier-Stokes equations f o r  compressible flows. One is  based on t h e  
mixed e x p l i c i t / i m p l i c i t  algorithm developed by MacCormack ( r e f .  16) and the  
o ther  on t h e  f u l l y  imp l i c i t  algorithm developed by Beam and Warming ( r e f s .  17 I -. 
and 18) and Br i ley  and McDonald ( re f .  19) .  Both codes a r e  competit ive i n  
terms of cos t  and r e l i a b i l i t y  of r e s u l t s .  In  addi t ion ,  both codes a r e  i n  a 
continued s t a t e  of development and a r e  cons tan t ly  being improved i n  terms of 
e f f ic iency .  For example, flow over the  Korn a i r f o i l  was simulated using t h e  
f u l l y  e x p l i c i t  c e j e  of 1974 and required 1 3  hr  of CDC 7600 time t o  ob ta in  a 
converged so lu t ion .  An improved vers ion (1976) employing a mixed e x p l i c i t /  
implicic  operator  reduced the  computer requirements t o  90 t o  120 min. The 
present vers ion  (mixed e x p l i c i t / i m p l i c i t ,  1978) r equ i r e s  only 20 t o  30 min f o r  
t he  same configurat ion.  Modifications a r e  presdnt ly  underway t o  reduce t h i s  
time by one-ha1 f . 
Both of the  present codes use a lgeb ra i c  eddy v i s c o s i t y  models t o  descr ibe  
t h e  Reynolds s t r e s s e s  i n  terms of mean f i e l d  gradients .  Discussions of these 
models f o r  t h e  mixed code a r e  presented i n  re fe rences  8,  9,  and 1 3  and f o r  t he  
f u l l y  imp l i c i t  code by Baldwin and Lomax ( r e f .  20). It is poss ib le  t h a t  these  
models can have a s ign i f i can t  inf luence on the  r e l i a b i l i t y  of t h e  r e s u l t s ,  A 
continued e f f o r t  e x i s t s  a t  Ames t o  fu r the r  improve the  r e l i a b i l i t y  of t he  
turbulence t ranspor t  models. 
CONCLUDING REMARKS 
Three i l l u s t r a t i v e  examples have shown t h a t  considerat ion of viscous 
e f f e c t s  is  important for  computing a i r f o i l  aerodynamics i n  a va r i e ty  of s i t ua -  
t ions .  Included a r e  s ens i t i ve  shapes (such a s  t h e  Korn s u p e r c r i t i c a l  a i r f o i l s ) ,  
the  d e f i n i t i o n  of buffet  boundaries, Reynolds number e f f e c t s ,  separated flows, 
and unsteady flows. In addi t ion  i t  has been shown, by comparison with experi-  
ment, t h a t  computer codes based on t h e  Reynolds averaged Navier-Stokes equa- 
t i o n s  can provide adequate simulations of these flows fo r  t h e  evaluat ion of a 
given design. The computational e f f i c i ency  of these  codes is s t e a d i l y  being 
improved such tha t  they a r e  expected t o  be an e f f e c t i v e  a n a l y t i c a l  t o o l  i n  t h e  







critical pressure coefficient 
free-stream Mach number 
total pressure 
free-stream Reynolds number based on chord 
time 
chordwise coordinate 
free-stream angle of attack 
incremental pressure from the mean surface pressure 
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Figure 1.- Surface pressure distribution over Korn 1 airfoil 
at near-design conditions. Re = 21 x 106. 
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Figure 2.- Surface pressure distribution over Korn 1 airfoil 
at high lift conditions. Re = 21 x 106. 
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Figure 3.- Drag polar and l i f t  curve for Korn 1 a i r f o i l  a t  nominal 
Mach number of 0.75. Re = 21 x 106. 
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Figure 4 . -  Upper surface pressure distribution over NACA 0012 
a i r f o i l .  M = 0.80; a = lo. 
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Figure 5 . -  Experimental flow domains for the 18-percent-thick 
circular-arc a ir fo i l .  
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Figure 6.-  Computed and experimental pressure distributions on the 
18-percent-thick circular-arc a i r f o i l .  Re = 11 x 106; a = 0". 
4 3  
(a) Steady-flow, trailing-edge separation. 
(b) Unsteady flow, oscillatory separation. 
(c) Steady flow, shock-induced separation. 
Figure 7.-  Boundary-layer separation on the 18-percent-thick circular-arc 
airfoil from a shadowgraph movie. Re = 11 x 106; a = 0'. 
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Figure 8.- Coiputed Mach contours i n  t he  flow f i e l d  bout t he  18- 8 percent-thick c i rcu la r -a rc  a i r f o i l .  R e  = 11 x 10 ; ct = 0". 
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Figure 9.- Surface pressure time h i s t o r i e s  on the  18-percent-thick 
c i rcu la r -a rc  a i r f o i l  with unsteady flow. M = 0.76; Re = 11 x lo6;  
a = 0". 
AN EVALUATION OF FOUR 
SINGLE ELEMENT AIRFOIL ANALYTIC METHODS# 
R. J. Freiller and G. M. Gregorek 
General Aviation Airfoil  Design and Analysis Center 
The Ohio State  University 
A comparison of four computer codes fo r  the analysis of two-dimensional 
single element a i r f o i l  sections i c  presented fo r  three classes of section geo- 
metries. Two of the computer codes u t i l i z e  vortex s ingular i t ies  methods t o  ob- 
t a in  the potential  flow solution. The other two codes solve the f u l l  inviscid 
potential  flow equation using f i n i t e  differencing techniques, allowing resu l t s  
t o  be obtained for  transonic flow about an a i r f o i l  including weak shocks. Each 
program incorporates boundary layer routines for  computing the boundary layer 
displacement thickness and boundary layer effects  on aerodynamic coefficients . 
t 
Computational resul ts  are  given for  a symmetrical section represented by 
an NACA 0012 profile,  a conventional section i l lus t ra ted  by an NACA 65A413 pro- 
f i l e ,  and a supercri t ical  type section for  General Aviation applications typi- 
f ied by a NASA LS(1)-0413 section. Experimental resu l t s  from The Ohio State 
University 15 cm ( 6 in. ) by 56 cm ( 22 in.  ) Transonf c Airfoil  Tunnel are also 
given. The cases presented include operating conditions a t  subsonic, sub- 
c r i t i ca l ,  and near c r i t i c a l  or  supercri t ical  Mach numbers. The four codes are 
compared and contrasted i n  the areas of method of approach, range of applica- 
b i l i ty ,  agreement among each other and with experiment, individual advantages 
and disadvantages, computer run times and memory requirements, and operational 
idiosyncrasies. 
INTRODUCTION 
The General Aviation Airfoi l  Design and Analysis Center ( GA/ADAC ) was esta- 
blished a t  The Aeronautical and Astronautical Re'search Laboratory ( M L  ), The 
Ohio State University, under contract t o  NASA Langley Research Center i n  June 
1976. GA/ADAC offers a cmprehensive service t o  the general avlation community 
i n  the form of a i r f o i l  selection and design and analysis work as well as con- 
sultation i n  the areas of wind tunnel testing and f l i g h t  testing work. An i m -  
portant feature of GA/ADAC is the large l ibrary of computer codes which has 
been established and i s  maintained a t  AARL. This computer program l ibrary re- 
*This work has been supported i n  part  by NASA Langley Research Center 
Contract NAS1-14406. .A%' 
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! presents a wide var ie ty  of a i r f o i l  re la ted  computer codes collected i n  one 
location onto one computer system, with more than t h i r t y  canputer codes i n  the 
areas of s ingle  element a i r f o i l  analysis and design, multi-element a i r f o i l  
analysis and design, wing analysis,and propeller  aerodynamic and acoustic per- 
formance analysis available f o r  use. 
A comparative evaluatio.~ of the  four computer codes mst frequently used 
a t  GA/ADAC for  the analysis of two-dimensional single element a i r f o i l  sections 
is presented i n  t h i s  paper f o r  three classes of a i r f o i l  section geometries: ' 
symmetric, conventionally cambered, and aft-cambered. Theoretical predictions 
of pressure distr ibutions and aerodynamic coefficients  f o r  the three a i r f o i l s  
are  compared with measurements taken i n  the  15 cm x 56 cm Transonic Airfoi l  
Tunnel a t  MfL. 
The symbols used herein a r e  defined i n  an appendix. 
COMPUTER CODES 
The computer codes used for  the  comparisons are  designated as  follows: 
( 1 )  Garabedian, by F. Bauer, P. Garabedian, D. Korn, and A. Jameson and de- 
t a i l ed  i n  references 1 and 2; (2  ) Carlson, by L. A .  Carlson and explained in  
references 3 and 4; ( 3 )  Smetana, by F. Smetana, D. Summey, N. Smith, and R. 
Carden and documented i n  references 5 and 6; and ( 4 )  Eppler, by R .  Eppler and 
D. Somers and soon t o  be documented i n  a NASA Technical Note. It should be 
mentioned t ha t  the versions of these computer codes i n  use a t  GA/ADAC are  main- 
tained as up-to-date a s  possible; yet,  i n  some instances, these versions a re  not 
the most current since each of the  codes, with the exception of the Smetana 
code, i s  constantly being refined and improved by the respective program 
authors. For example, the Carlson code is  currently being modified t o  include 
the e f fec t s  of a laminar boundary layer and the Eppler code may soon be modi- 
f ied  t o  i t e r a t e  on the boundary layer displacement thickness. 
A brief  description of the method of approach fo r  the four codes w i l l  be 
given here; the l i t e r a t u r e  ci ted ( r e f s .  1-6) contains the detai led explanations. 
The Garabedian code i s  a transonic code tha t  employs a f i n i t e  difference solu- 
t ion t o  the f u l l  inviscid potent ia l  flow equation fo r  a conformally mapped a i r -  
f o i l .  The boundary layer displacement i s  added i t e ra t ive ly  t o  the a i r f o i l  
ordinates i n  order t o  evaluate a i r f o i l  section performance including viscous 
effects .  The Carlson code is  a lso  a transonic code and is similar t o  
Garabedian, but i t  uses a f i n i t e  difference solution t o  the f u l l  inviscid pot- 
en t i a l  flow equation fo r  an a i r f o i l  i n  a stretched Cartesian coordinate system, 
instead of f o r  a conformally mapped a i r f o i l .  The Smetana program is a s t r i q t l y  
subcr i t ica l  code employing a method of vor t i c i ty  distr ibuted over an a i r f o i l  I 
approximated by a closed polygon. An i t e r a t i ve  approach t o  boundary layer 
e f fec t s  is included. The approach used i n  the Eppler code i s  similar  t o  the 
Smetana code, but it d i f f e r s  i n  t ha t  the vor t i c i ty  is distr ibuted over an a i r -  
f o i l  shape approximated by curved panels and that  there i s  no i t e ra t ion  on the 
boundary layer displacement thickness. 
I 
A summary of the methods of approach for  the inviscid flow and the techni- 
que of handling the boundary layer for  each computer code is  given i n  table 1. 
The i t e ra t ive  procedure referred t o  i n  table  1 is  that  of: ( 1  ) obtaining an 
inviscid flow solution fo r  the original  a i r fo i l ;  ( 2 )  obtaining a boundary layer 
solution based on the inviscid flow solution; ( 3 )  modif'Jing the a i r f o i l  shape 
by adding the boundary layer displacement thickness t o  the a i r fo i l ;  ( 4 )  obtain- 
ing an inviscid flow solution fo r  the modified a i r fo i l ;  and, ( 5)  repeating 
steps 2 through 4 u n t i l  convergence c r i t e r i a  are sa t is f ied.  
AIRFOIL SECTIONS 
Three classes of a i r f o i l  section geometries are  included i n  these compara- 
t ive  resul ts .  A symme.i;rical a i r f o i l  section is  represented by the well docu- 
mented NACA 0012 prof i l e  ( r e f .  7 and 8)  shown i n  figure 1. To provide a suffi-  
cient number of a i r f o i l  ordinates f o r  computational purposes, computer I 
genera4ied coordinates f o r  the  NACA 0012 ( r e f .  9 )  were used with the  a i r f o i l  
section being defined by 47 ordinates f o r  both upper and lower surfaces. A l -  
though no attempt has been made i n  t h i s  work t o  evaluate the performance of 
the individual computei. codes with respect t o  sens i t iv i ty  of computational re-  
su l t s  t o  a i r f o i l  ordinate density, a suff ic ient  number of coordinates ( i . e .  a t  
leas t  35 t o  40) has been used t o  provide consistent, r e l i ab le  resul ts .  Ordinatt 
density has been distributed such that  there is a higher density of points con- 
centrated i n  regions of greater  a i r f o i l  curvature. This is a par t icular  re- 
quirement fo r  the two subcr i t ica l  codes because of the nature of the  d i s t r i -  
buted vor t i c i ty  methods of flow solution. 
Results fo r  a conventional section are i l lus t ra ted  by a NACA 65A413 a i r -  
f o i l  ( f i g .  2) .  The ordinates fo r  t h i s  section, 63 in number, were obtained by 
the method of reference 10. Some drag prediction comparisons fo r  another 
NACA 6A-series section, a 64A010, are a lso  included. 
The th i rd  c lass  of a i r f o i l  geometries investigated is  the aft-cambered 
Whitcomb supercri t ical  type section. In  t h i s  paper, the  resu l t s  for  a deriva- 
t ive  of such a section designed specifically fo r  general aviation applications, 
the NASA IS(1)-0413 a i r f o i l  ( f i g .  3), are presented. The ondinates used fo r  
the LS(1)-0413, known also  a s  the GA(W)-2 a i r fo i l ,  are those l i s t ed  i n  
reference 11. 
AIRFOIL DATA SUMMARY CWARISONS 
For the two subcri t ical  codes, Smetana and Eppler, a comparison of the 
three a i r f o i l s  i n  terms of a i r f o i l  data summary plots  i s  of in teres t .  A s  
shown i n  figure 4 fo r  the NACA 0012, the comparison w i t h  experiments reported 
in  reference 7 is quite good, Note that  the wind tunnel t e s t  i s  shown a s  the 
solid l i n e  while the  theory is  given by the  symbols, a reversal of usual tori- 
ventions, The Eppler code shows a break-over i n  the CL ( l i f t  coefficient)  
versus alpha ( angle of e t tack)  plot  produced by using the predicted separation 
point t o  define an "effective" angle of attack. The Smetana code merely iden- 
t i f i e s  a predicted separation point, but makes no attempt t o  compensate for the 
effects of separation. The f ree  t ransi t ion option was specified i n  the Smetana 
code fo r  t h i s  comparison and the  following two a i r f o i l  data summaries. The 
Eppler code always uses natural  transit ion,  although it does allow a variable 
roughness option. 
In f igure 5, computational resu l t s  are  shown fo r  a NACA 65A413 a i r f o i l  
compared t o  the  wind tunnel resu l t s  for  a NACA 651-412 of reference 7. Both 
codes may be observed t o  predict the  laminar drag bucket for  t h i s  NACA 6-series 
section. 
The a i r f o i i  data summary comparisons fo r  the NASA IS(1)-0413, shown i n  
figure 6 ,  point out the d i f f i cu l ty  Eppler has with some a i r f o i l s  r i t h  regard t o  
the angle of zero l i f t .  This appears t o  be related t o  the lack of an i t e ra t ive  
boundary layer solution and i s  more noticeable with supercr i t ica l  type, blunt 
t r a i l i ng  edged a i r f o i l  shapes. The wind tunnel resu l t s  are those of McGhee, e t  
a l .  ( r e f .  12). 
PRESSL'RE DISTRIBUTION CWARISONS 
The detailed pressure distr ibution comparison cases which follow include 
operating conditions a t  subcrit.ica1 and near c r i t i c a l  or  supercr i t ica l  Mach 
numbers. The computational resu l t s  are compared with experimental resu l t s  from 
The Ohio State University 15 cm ( 6  i n .  ) by 56 cm (22 in. ) Transonic Airfoil  
Tunnel. The OSU 6 x 22 wind tunnel is  a low-interference transonic f a c i l i t y  
for a i r f o i l  test3.ng over the  Mach number range of 0.30 t o  l.07 and a Reynolds 
number range of 2 t o  15 million based on 15.24 cm ( 6  in. ) model chord ( r e f s .  
13 and 14). The angle of attack used i n  the computational resu l t s  i s  the 
effective angle of attack, aeff ,  obtained from the s e t  angle of at tack i n  the 
wind tunnel corrected fo r  wall ef fects  according t o  the empirically derived 
relat ion:  
It should be noted that  fo r  a l l  the sup~rcr i t3 .cal  pressure distr ibution 
comparisons, the drag coefficient l i s t ed  for  Carlson has been omitted. Total 
drag as predicted by Carlson requires a wave drag correction t o  be applied that  
was not available t o  the authors a t  t h i s  writing. 
Figure 7 shows the comparisons fo r  a l l  the codes fo r  the NACA 0012 a i r f o i l  
a t  a Mach number of about 0.35 over a range of angles of' attack. The pressure 
distr ibutions are i n  good agreement, though the Eppler code predicts  a somewhat 
higher suction peak than the other codes a t  the  higher angles of at tack.  Drag 
comparisons for the subcr i t ica l  codes using the f ree  t ransi t ion option are 
quite good. The l e s s  accurate drag predictions by the two transonic ccaes is a 
resul t  of attempting t o  simulate f ree  t ransi t ion by f ixing turbulent boundary 
layer t rans i t ion a few percent chord i n  f ront  of the Smetma predicted natur- 
a l l y  occurring t rans i t ion location. 
Comparisons fo r  the NACA 0012 a t  an angle of at tack of zero over a range 
of Mach numbers is given i n  f igure 8. Both the  Smetaw and Eppler codes shcw a 
tendency t o  predict lower pressures i n  the no:se region a t  the near c r i t i c a l  
Mach number ccndition, and of course can not correctly predict the distr ibution 
a t  supercr i t ica l  conditions. Both transonic codes identify the strength and 
location of t he  shock quite well. 
Comparisons of the transonic codes and wind tunnel r e su l t s  f a r  the NACA 
0012 a t  supercr i t ica l  conditions a re  given i n  figure 9. The Mach number i s  
nominally 0.80 and resu l t s  are  given fo r  three angles of attack. Note tha t  the 
Carlson code appears t o  predict somewl,at higher values of l i f t  and a corres- 
ponding prediction of a shock located fur ther  a f t  on the a i r f o i l .  This appears 
t o  be caused by an uncertainty i n  angle of at tack i n  the Carlson code, with a 
trend toward r e su l t s  being obtained a t  a s l igh t ly  higher angle of a t tack than 
the input angle of attack f o r  many a i r f o i l s .  Thus, i n  general. Carlsoil r esu l t s  
should be examined a s  pressure versus l i f t  coefficient, moment versus l i f t  co- 
. eff ic ient ,  e t c . ,  instead of angle of at tack.  Since di rect  comparisons with wind 
tunnel angle of at tack were desired fo r  t h i s  study, matching angle of at tack 
was more convenient, so t h i s  approach has been used. Both codes indicate a 
tendency t o  recover more pressure on the a f t  upper surface than is observed i n  
the  wind tunnel t e s t s  for  t h i s  a i r f o i l  (and most other a i r f o i l s  as well). In 
figure 9c the large discrepancy i n  shock location may be explained by the f ac t  
that  the predicted local  Mach number i n  f ront  of the shock i s  i n  excess of 
1.47, a shock Mach number that  poses d i f f i cu l t y  fo r  both the theory and the 
wind tunnel. 
For the transonic codes, careful selection of l n p ~ i t  parameters re la t ing t o  
convergence and relaxation factors  are  required t o  encourage the codes t o  pro- 
duce any meaningful resu l t s  f o r  an a i r f o i l  when the f ree  stream Mach r~umher and 
l i f t  coefficient  exceed certain values. The empirical relat ionship below, 
suggested by D r .  R. Whitcomb, appears t o  describe these limiting values: 
Here M is the f ree  stream Mach number, t / c  i s  the a i r f o i l  thickness r a t i o  and 
CL is  the lift coefficient .  
In f igures 10 and 11, resu l t s  a re  presented fo r  the NACA 65A413 a i r f o i l  
section f o r  a subcr i t ica l  and s l igh t ly  supercr i t ica l  Mach number. This compari- 
son shows both the Garabedian and Carlson codes over-predicting the l i f t .  
Carlson1s over-prediction could be rela.bed t o  the angle of at tack uncertainty 
previously discussed but no consistent reason can be presented fo r  Garabedianls 
resul ts ,  par t icular ly  fo r  the generally higher pressures predicted on the lower 
surface ( f i g .  10).  This character is t ic  in  Garabedian occllrs infrequently and 
may be circumvented by using the matching-lift-coefficient option (which 
essent ia l ly  compensates fo r  any uncertainty in  angle of attack i n  e i the r  the 
wind tunnel or  computer code). Also, the theoretical  predictions of drag, 
though consistent with each other, are  lower than the wind tunnel resul ts .  
 h he wave drag contributivn i n  f igure 11 i s  l e s s  than 0.0002, a-nd thus the 
Carlson skin f r i c t i on  drag as  shown approximates the t o t a l  drag). 
Comparisons fo r  the NASA LS(1)-0413 a i r f o i l  section are  given i n  figures 
12 and 13. Figure 12 shows the computational and experimental r esu l t s  obtained 
fo r  a nesrly zero angle of at tack through a range of Mach numbers from 0.45 t o  
0.80. For t h i s  a i r f o i l ,  agreement with t he  wind tunnel resu l t s  a t  subcr i t ica l  
conditions i s  excellent f o r  both the Fressure distr ibutions and the aerodynamic 
coefficients. It is interest ing t o  note i n  f igure 12c that  the pressure 
distr ibutions and shock locations predicted by Garabedian and Carlson d i f fe r  
noticeably, presumably f o r  reasons mentioned ea r l i e r ;  yet i n  f igure 12d the 
pressure distr ibutions predicted by the codes are  nearly identical .  (The wind 
tunnel resu l t s  i n  12d may be influenced by the strong shock present a t  the  
condition i l l u s t r a t ed ) .  This comparison points out the uncertainties i n  angle 
of at tack are dependent not only on the input a i r f o i l  but also on the specif ic 
input conditj-ons as  well. 
The resu l t s  f o r  the NASA Ls( 1 )-0413 a t  a nominal Mach number of 0.72 over 
a range of angles of at tack are  preserted i n  f igure 13. In f igure 13a, both 
transonic codes exhibit some in teres t ing characterist ics.  Carlson, although 
the l i f t  nearly matches the wind tunnel resul ts ,  has d i f f i cu l ty  properly de- 
f ining the nose region on the lower surface. This may be due t o  the fac t  the 
Cartesian grid used does not place a large number of computational points near 
the leadfng ( and t r a i l i ng  ) edge. Although the Garabedian resu l t  sccurately 
describes the lower surface nose region including the shock location, the l i f t  
prediction i s  too low as a resu l t  of over-predicting the pressure x8ecovery on 
the upper surface. In f igure l3b these same trends may be observed t o  a lesser  
degree. In 13c the resu l t s  are more character is t ic  of the codes: Garabedian 
showing a reasonable l i f t  and drag prediction with a s l igh t ly  higher than wind 
tunnel observed pressure recovery over the t ra i l ing  edge region; and Carlson 
.exhibiting resu l t s  a t  an apparently higher ef fect ive  angle of attack fo r  the 
input angle of attclck which matches the wind tunnel and the Gerabedian resu l t s .  
In f igure 14, canparisons are  shown fo r  Carlson with wind tunnel resu l t s  
( f ig .  13c) by both matchi% angle of at tack and selecting angle of attack which 
is matching the wind tunnel l i f t  coefficient .  Note that  the expected excellent 
agreement of the pressure distr ibution and the aerodynamic coefficients  with 
the wind turnel  t e s t  i s  obtained when -l.ift coefficients  arc matched. 
DRAG PREDICTIONS 
Drag coefficient predictions by the Garabedian code are  generally consis- 
tent  and accurate enough t o  enable use of the code t o  predict  the drag r i s e  
character is t ics  and the drag divergence Mach number fo r  most a i r f o i l s .  Tiiz 
version of th? Garabedian ccde i n  use a t  GA/ADkC f o r  the  past  18 months employs 
the l a t e s t  wave drag calculation techniques and the f a s t  Poisson solver fo r  -?he 
subsonic region of flow which improves the r a t e  of convexegce ( r e f .  2). 
Figure 15 shows good agreement between the Garabedian code predicted and 
the OSU 6 by 22 wind tunnel observed t o t a l  drag f o r  Mach numbers well in to  the 
drag r i s e .  It should be noted tha t  the Reynolds number was not t o  be held con- 
s tant  1.n these resul ts ,  but varied from 3.8 t o  5.9 million. The angle of 
at tack was nominally zero. Transition was specified a s  fixed a t  0 . 075~  f o r  the 
Garabedian code which seems consistent f o r  the L~(l)-O413, a turbulent flow 
a i r f o i l  by design, a t  these conditions. The sudden decrease i n  skin f r i c t i on  
drag shown f o r  t h i s  a i r f o i l  i n  the drag r i s e  region is  a resu l t  of shock-in- 
duced separation due t o  the strong shock present. The re la t ive ly  larger re- 
gion of computer predicted separated flow behind the shock on the upper sur- 
face of the a i r f o i l  r e su l t s  i n  a lower skin f r i c t i on  drag coefficient. 
Drag r i s e  characterist ics for  the symmetric, NACA 64AOlO a i r f o i l  section 
a re  given i n  figure 16. Fxcellent agreement between theory and wind tunnel i s  
again observed. Tke boundary layer t r ans i t ion  was fixed a t  0 . 0 5 ~  i n  both the 
wind t w e l  and computer code. The Reynolds number varied from 3.5 million a t  
Mach 0.5 t o  about 5 million a t  Mach 0.85. The angle of at tack was held a t  I 
zero. 
A l l  four a i r f o i l  analysis codes are  run on the GA/ADAC computer f a c i l i t y  
located a t  AARL. The computer system is  a dual processor system using Harris 
SLASH 6 and SLASH 5 processors. The SLASH 6, whi2h i s  used f o r  a l l  of 
GA/ADAC1s a i r f o i l  work, i s  a medium-sized, 24 b i t  word computer system with 
64K words (192K bytes) of main memory. For purposes of comparison, the SLASH 
6 i s  about an average factor  of 8 times slower i n  heavy floating point FORTRAN 
programs than an IBM System 370 Model 168. O f  special  in te res t  i s  the f ac t  
the calculations on the SLASH 6 a re  performed with over 11 decimal rliptls of 
accuracy while single precision 3n I M  mainframes affords approximately 7 deci- 
mal d ig i t s  accuracy. The 11+ digit, accuracy of the computer used a.t GA/ADAC 
is w l ? l l  suited for  most s c i en t i f i c  calculations incluCi.ng a i r f o i l  analysis, 
thus avoiding the necessity t o  maintain 15-16 d ig i t  accuracy l i k e  that  of a 
CDC mainframe or  double precision on an IBM machine. 
Table 2 lists several computer related character is t ics  of the four codes. 
Of most in te res t  are the memory requirements and the run times for  the programs. 
A l l  the codes have been folded in to  the SLASH 6 such that  the larges t  program 
requires 48K words. A l l  programs a r e  overlaid t o  varying degrees t o  reduce 
memory requirements. Per case run times, where a is  a calculation a t  
one Mach number, one Reynolds number, and one angle of attack, a re  expressed i n  
a nornalized form. The single case run time used for  normalization is t ha t  of 
the Smetana code. For the  SLASH 6, time T is  on the order of 90-100 seconds. 
A range of times i s  shown f o r  tne two transonic codes oince corisergence t o  a 
solution varies depending on whether the case i s  subcr i t ica l  or supercr i t ica l  
and on a user-supplied convergence tolerance. The Carlson code has the long- 
e s t  running time per case when r e su l t s  are  carried t o  the f ine  grid, which was 
used i n  a l l  cases for  the previous compa.isons. The medium grid resu l t  of 
Carlson can be used i f  desired with an ac~ompar~ying reduction i n  computation 
time. The Smetam code has no convergence c r i t e r ia ,  relying instead on a pro- 
gram-fixed number uf inviscid flow/boundary layer i tzra t ions  t o  achieve a con- 
verged solution and result ing i n  a very consistent run time per case. The 
Eppler code is the most rapid of the  four codes and +,ypically requires a m a l l  
percentage of time T per case. A l l  of the codes have some form of hard copy 
plot  capability. 
OBSERVATIONS AND CONCLUSIONS 
Sased on the resu l t s  p~esented here and the extensive exercise of these 
four single-element a i r f o i l  analysis codes, the following observationo and re- 
marks can be made. 
THE SMETANA CODE: i s  a subcr i t ica l  code; uses vor t i c i ty  distribilted 
around a closed polygonal a i r fo i l ;  i s  reasonably well documented; has f lexible 
boundary layer routines, allowing f ree  or  fixed transit ion;  has had drag pre- 
dict ion Hturledtl f o r  f l i gh t  Reynolds numbers, giving good drag coefficients over 
the  Reynolds number range of 1 t o  15 million; obtains the pressure distr ibution 
from i te ra t ion  with boundary layer; exhibits good angle of zero lift ident i f i -  
cation; and ideniiifies l a m i ~ a r  bcbbles. 9ut it: has no design mode; incorpor- 
a tes  no evaluation of the e f fec t s  of boundary layer separation; has a conver- 
gence c r i t e r i a  no more sophisticated than a fixed number of i tera t ions;  and may 
provide misleading drag resu l t s  a t  low Reynolds numbers due t o  the  tuning 
factor applied to  the drag c a l ~ u l a t i ~ n s .  
THE EPPLER CODE: is a subcri t ical  code; uses vortdcity distributed around 
a curved panel a i r fo i l ;  has good boundary layer routines, a y ~ l i c a b l e  over a 
wide range of Reynolds numbers; exhibits  good performance a t  low Reynolds 
numbers; has a design mode, althotigh the mode is d i f f i cu l t  t o  use a t  f i r s t ;  
provides a separation effects  estimate, giving r i s e  t o  a predicted break i n  
lift coefficient versus angle of attack; executes very quickla-, resulting i n  
inexpensive per case computing costs; and contains more errrpiricism than the 
other codes. But it: has no i t e ra t ion  with the boundary layer; exhibits 
d i f f i cu l ty  i n  identifying angle of zero l i f t ,  especially f u r  a i r f o i l s  of the 
supercri t ical  t,vpe cusped t r a i l i ng  edge (which i s  re la ted to  no boundary layer 
i tera t ion) ;  and has limited documentation. 
THE GARABEDIAN CODE: i s  a transonic code; employs a f i n i t e  difference 
solution t o  the f u l l  inviscid potential  flow equation fo r  a conformally napped 
a i r fo i l ;  i t e r a t e s  on boundary layer displacement thickness; gives good pressure 
dist:ibutions and shock location a s  long as  the local  Mach number does not ex- 
ceed 1.4; provides reasonable wave drag estimates and car. be used fo r  drag r i s e  
predictions; and has f lexible  input options, allowing t o  specify e i ther  angle 
of attack o r  coefficient of l i f t .  But it: has no laminar boundary layer or  
toransition c r i t e r ia ;  employs a boundary layer smoothing process which can tend 
t o  a r t i f i c a l l y  thicken the boundary layer and slow down convergence; and fs not 
well suited for  Mach numbers l e s s  than 0.3. 
THE CARLSON CODE: is a transonic code; employs a finite difference solu- 
tion to the full inviscid potectial flow equation for an airfoil in a stretched 
Cartesian coordinate system; i+,erates on boundary layer thickness; gives good 
pressure distributions; has easy to use design mode; and incorporates a massive 
separation prediction technique. But it: has no laminar boundary or transition 
criteria (but one is currently being added); does not have an input option f ~ r  
matching lift coefficient; exhibits an uncertainty in angle of at.+,xi; alci 
needs improvement in prediction of the wave drag coefficient . 
APPENDIX 
SYMBOLS 
Measurements and calculations were made in the U.S. Customary Units. 
They are presented herein in the International System of Units (sI ) with the 
equivalent values given parenthetically in the U.S. Customary Units. 
a angle of attack, deg 
c chord 
C~ drag coefficient 
C~ lift coefficient 
CM pitching-moment coefficient 
C~ pressure coefficient 
K = 1024 
M Mach number 
RE Reynolds number 
T computer solution time per case 
t/c airfoil thickness-to-chord ratio 
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ITERATIVE LAMINAR TRANS ITION TUABULENT 
~ 
p o t e n t i a l  f low 
e q u a t i o n  f o r  con- 
f o r m a l l y  mapped 
a i r f o i l  
Transonic ,  f i n i t e  
d i f f e r e n c e  s o l u t i o n  
o f  f u l l  i n v i s c i d  
p o t e n t i a l  f low 
e q u a t i o n  f o r  air-  
f o i l  i n  s t r e t c h e d  
C a r t e s i a n  coord i -  
n a t e s  
BOUNDARY LAYER CHARACTERISTICS 
Transonic ,  f i n i t e  Yes 
d i f f e r e n c e  s o l u t i o n  
of  f u l l  i n v i s c i d  
Yes 
S u b c r i t i c a l ,  d i s t r i -  Yes 
buted  v o r t i c i t y  o v e r  
a n  a i r f o i l  shape 
approximated by a 
c l o s e d  polygon 
S u b c r i t i c a l ,  d i s t r i -  No 
buted v o r t i c i t y  over  
a n  a i r f o i l  shape 
approximated by 
curved p a n e l s  
No Fixed on ly  Nash- 
Macdona1.d 
No Fixed on ly  Nash- 
Macdonald 
Yes Na tu ra l  o r  Goradia,  and 
f i x e d  Truckenbrodt  
Yes N a t u r a l  Empi r i ca l  
on ly  , 
v a r i a b l e  
"roughnes s 1 I  
TABLE 2. COMPUTER RELATED CHARACTERISTICS OF FOUR 
S INGLE ELEMENT AIRFOIL ANALYS IS CODES. 
COMPUTER DESIGN MFMORY * HARD COPY SOURCE PER CF-SE 
CODE MODE REQUIREMENTS PLOT CAPABILITY STATEMENTS RUN TIMES 
Garabedian,  No** 48,000 Yes 3080 1OT-20T 
e t  a l .  
Car lson Yes 43,000 ? r i n t  e r  P l o t  2586 10T-36T 
28,000 Yes 2458 T+ * * Smetana, No 
e t  a l .  
Eppler  Yes 43,000 Yes 2050 O.15T 
* A l l  programs are o v e r l a i d  on GA/ADAC Computer System, requ i rements  l i s t e d  
i n  words. 
**A s e p a r a t e  =e s ign  code by Garabedian,  et  a l . ,  i s  a v a i l a b l e  ( r e f .  2 ) .  
***Time T i s  approximate ly  90-100 seconds on GA/ADAC computer system. 
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Figure 1.-  The NACA 0012 a i r f o i l  sect ion.  
Figure 2 . -  The NACA 65A413 a i r f o i l  sect ion.  
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Figure 4.-  NACA 0012 a ir fo i l - sect ion  characterist ics .  Computational resul ts  
are for a Reynolds number of 6 mil l ion at  a Mach number of 0 . 2 0 .  
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Figure 5 . -  NACA 65A413 a ir fo i l - sect ion  characteristics.  Computational resul ts  
are for a Reynolds number of 6 mil l ion at  a Mach number of 0.20. Comparison 




REFERENCE 12 - 
ALPHA 
1 
Figure 6 . -  NASA LS(1)-0413 a ir fo i l - sect ion  t31aracteristics.  Computational 
results  are for a Reynolds number of 6 mil l ion at a Mach number of 0.20. 
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(b) M = 0.345; RE = 3.24 mil l ion;  a = 3.93'. 
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Figure 7.- Comparison of computer-code predictions with wind-tunnel results  for 
an NACA 0012 a i r f o i l  sect ion  at  a subcrit ical  Mach number over a range of 
angles of attack. 
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(c) M = 0 .342 ;  RE = 3.39 m i l l i o n ;  a = 7.88'. 
Figure 7. - Concluded. 
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(a) M = 0 . 5 7 5 ;  RE = 4 .68  mill ion.  
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(b) M = 0 . 7 2 5 ;  RE = 5 . 3 4  mill ion.  
Figure 8. -  Comparison of computer-code prsdictions with wind-tunnel resul ts  for 
an NACA 0012 a j r f o i l  sect ion st an angle of attack of zero over a range of 
Mach numbers. 







( c )  M 0.808; RE - 6.12 m i l l i o n .  
Figure 8. - Concluded, 
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(b) M = 0.804; RE 5 . 5 7  mil l ion;  a = 1.94'. 
Figure 9 . -  Comparison of computer-code predictions with wind-tunnel results  
for an NkCA 0012 a i r f o i l  sect ion a t  a supercrit ical  Mach number over a 
range of angles of attack. 
C1 OSU 6 X 22 
0 CIRRBEOIIN 
-1.50 r CIRLSON I LIFT 13 .514 0 .673 A .757 
MOHENT 
13 -a048 
0 - .056 




(c) M = 0.803; RE = 6 . 3 1  mil l ion ;  a = 3.92'. 
Figure 9. - ConcluZed. 
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Figure 10.- Comparison of computer-code predictions with wind-tunnel resul ts  
for an NACA 65A413 a i r f o i l  sect ion at  M = 0.517, RE = 7.08 n i l l i o n ,  and 
a = 2.90°. 
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Figure 11.- Comparison of computer-code predictions with wind-tunnel results  
for an NACA 65A413 a i r f o i l  sect ion  at  M = 0.700, RE = 8.23 mi l l ion ,  and 
a = -0.06O. 
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(a) M = 0.454; RE = 3.75 mil l ion;  a = -0.07'. 
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Figure 12.- Comparison of computer-code predictions with wind-tunnel resul ts  
for  an NASA LS(1)-0413 a i r f o i l  sect ion  at an angle of attack of zero over 
a range of Mach numbers. 





(c) M = 0.755; RE = 5.11 mil l ion;  a = -0.06'. 
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(d) M = 0.802; RE = 5.90 mil l ion;  a = -0.06'. 
Figure 12. - Concluded. 
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(b) M = 0.721; RE = 6.03 mil l ion;  a = -2.34'. 
Figure 13.- Comparison of computer-code predictions with wind-tunnel results  
for an NASA LS(1)-0413 a i r f o i l  sect ion  a t  a Mach number of 0.722 over a 
range of  angles of attack. 
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( c )  M = 0.722;  RE = 4 .69  m i l l i o n ;  a = -0.09' 
Figure 13. - Concluded. 
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Figure 14. - Comparison of r e s u l t s  from t h e  Carlson code obta ined by a t tempt ing 
t o  match l i f t  coef Z ic ien t  t o  wind-tunnel r e s u l t .  NASA LS (1) -0413 a i r £  o i l ;  
M = 0.722; RE = 4.69 m i l l i o n ;  a = -O.OgO. 
Figure 15.- Comparison of t h e  Garabedian code p r e d i c t i o n  and wind-tunnel r e s u l t  
f o r  the  drag-divergence c h a r a c t e r i s t i c s  of t h e  NASA LS(1)-0413 a i r f o i l  
s e c t i o n  a t  ze ro  angle  of a t t a c k .  
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Figure 16.- Comparison of the Garabedian code prediction and wind-tunnel result  
for the drag-divergence characteristics of the NACA 64A010 a i r f o i l  sect ion 
at zero angle of attack. 
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UPGRADED VISCOUS FLOW ANALYSIS OF 
MULTIELEMENT AIRFOILS* 
Guenter W .  Brune snd Joseph W. Manke 
The B ~ e i n g  Company 
SUMMARY 
A d e s c r i p t i o n  o f  an improved vers ion  o f  t he  NASAILockheed mu1 t ie lement  a i r f o i l  
ana lys is  computer program i s  presented. The improvements i nc l ude  several  major 
mod i f i ca t i ons  o f  the  aerodynamic model as w e l l  as subs tan t i a l  changes o f  t h e  
computer code. The mod i f i ca t i ons  o f  the  aerodynamic model comprise t h e  repre- 
sen ta t ion  o f  the  boundary l a y e r  and wake displacement e f f e c t s  w i t h  an equiva- 
1 en t  source d i s t r i b u t i o n ,  the  p r e d i c t i o n  o f  wake parameters w i t h  Green's lag -  
entrainment method, the  c a l c u l a t i o n  o f  t u r b u l e n t  boundary l a y e r  separat ion w i t h  
the  method o f  Nash and Hicks, t he  es t imat ion  o f  the  onset o f  con f l uen t  boundary 
l a y e r  separat ion w i t h  a mod i f ied  form o f  Goradia 's method, and t he  p r e d i c t i o n  
o f  p r o f i l e  drag w i t h  t he  formula o f  Squire and Young. The paper f u r t h e r  de- 
sc r ibes  the  mod i f i ca t i ons  o f  t he  computer program f o r  which t he  s t r uc tu red  ap- 
proach t o  computer sof tware development was employed. Impor tant  aspects o f  t he  
s t r uc tu red  program development such as t he  f unc t i ona l  decompos ; t i o n  of the  
aerodynamic theory  and i t s  numerical implementation, the  ana lys is  o f  the  data 
f l o w  w i t h i n  the  code, and t he  a p p l i c a t i o n  o f  a pseudo code a re  discussed. 
Computed r e s u l t s  o f  the new program vers ion a re  compared w i t h  recen t  exper i -  
mental a i r f o i l  data.  The comparisons inc lude  g lobal  a i r f o i l  parameters such as 
1 i f t ,  p i t c h i n g  moment and drag c o e f f i c i e n t s ,  and d i s t r i b u t i o n s  o f  sur face pres- 
sures and boundary 1 ayer v e l o c i t y  p r o f  i 1 es. 
INTRODUCTION 
I n  the past,  h igh 1 i f t  design and technology res ted  i n  t he  hands o f  a few ex- 
perienced aerodynamici s t s .  Design method01 ogy and c r i t e r i a  were heav i l y  i n -  
f luenced by the  a n a l y t i c a l  i n v i s c i d  f l ow  i~iethods and the  experimental data a- 
v a i l a b l e .  With the  advent o f  high-speed computers and t he  appearance o f  im- 
proved models f o r  t u rbu len t  f lows, many complex problems, i n c l u d i n g  high-1 i f t  
design and analys is ,  were a t tacked t h e o r e t i c a l l y .  
* The work repor ted i n  t h i s  paper was supported p a r t l y  by NASA-Langley con- 
t r a c t  NAS1-14522 and p a r t l y  by the Independent Research and Development 
Program o f  The Boeing Company. 
One such approach t o  h i g h - l i f t ,  mul t ie lement  a i r f o i l  ana lys is  was developed a t  
Lockheed-Georgia under the sponsorship o f  the NASA-Langley Research Center 
( r e f .  1). Th is  program was among the f i r s t  at tempts a t  analyz ing the complex 
viscous f l o w  about s l o t t e d  a i r f o i l s  and has rece ived worldwide d i s t r i b u t i o n  and 
usage. A unique f ea tu re  o f  t h i s  mul t ie lement  a i r f o i l  program i s  the model o f  
the con f luen t  boundary l aye r  f l o w  ( r e f .  2) .  
Over the years, the o r i g i n a l  vers ion o f  the  program was modi f ied ex tens ive ly  t o  
improve i t s  p red i c t i ons  f o r  d i f f e r e n t  types o f  h i g h - l i f t  a i r f o i l s .  Many im- 
provements, niainly i n  the area o f  the  p o t e n t i a l  f l o w  ca l cu la t i on ,  were made by 
researchers a t  the Langley Research Center ( r e f .  3) .  For t h i s  reason, the code 
i s  genera l l y  r e f e r r e d  t o  as the NASA/Lockheed mu1 t ie lement  a i r f o i  1 program. A 
vers ion f o r  s i ng le  element a i r f o i l s  was recen t l y  ex t rac ted  from the m u l t i e l e -  
ment a i r f o i l  code by researchers a t  Nor th  Caro l ina S ta te  Un i ve rs i t y  ( re f .  4 ) .  
Widespread and steady usage o f  the  computer program c l a r i f i e d  i t s  s t rengths and 
weaknesses. Both favorable and unfavorable aspects have been brought t o  the  
surface by cont inued attempts a t  us ing the  p royam as an engineer ing t oo l .  The 
more ser ious shortcomings were the  l a c k  of i'greemr?nt between the  documentation 
and the ava i l ab le  vers ion o f  t he  code and the h igh  f a i l u r e  r a t e  i n  apply ing the  
method f o r  var ious conf igurat ions.  However, the program was found t o  con ta in  
s u f f i c i e n t  p o s i t i v e  features t o  j u s t i f y  i t s  chbice as a s t a r t i n g  p o i n t  f o r  ad- 
d i t i o n a l  t heo re t i ca l  work i n  the  high-1 i f t  area. 
This paper b r i e f l y  descr ibes the  aerodynamic t h e o ~ y  and the  corresponding com- 
pu te r  program o f  a new vers ion o f  the mul t ie lement  a i r f o i l  program; a d e t a i l e d  
desc r i p t i on  can be found i n  references 5 and 6. S!mbols are defined i n  an 
appendix. 
MULTI ELEMENT AIRFOILS 
The f l ow  around h i g h - l i f t  a i r f o i l s  i s  character ized by many d i f f e r e n t  i n v i s c i d  
and viscous f l o w  recions. The i r  complex physics i s  i l l u s t r a t e d  by f i g u r e  1. 
11.1 p a r t i c u l a r ,  tha existence o f  con f luen t  boundary l aye rs  and the regions o f  
separated f l ow  d i s t i n g u i s h  the h i g h - l i f t  ~ i r f o i l  problem from the  aerodynamic 
problem o f  a i r f o i  i s a t  c ru i se  condi t ions.  The var ious f low regions, i nc l ud ing  
the ou te r  p o t s n t i a l  flow, the o rd inary  laminar and t u rbu len t  boundary layers ,  
viscous wakes, and the con f luen t  boundary layer ,  a re  analyzed by the code. 
Furthermore, the p r e d i c t i o n  o f  t r a n s i t i o n  from laminar t o  t u rbu len t  boundary 
l a y e r  f l ow  and the p red i c t i on  o f  the onset o f  boundary l a y e r  separat ion are a 
necessary p a r t  o f  the code. Cove separat ion and l a rge  sca lc  separat ion phe- 
nomena, however, a re  no t  modeled . 
PROGRAM MOD1 F ICAT IONS 
The new program vers ion d i f f e r s  from the  basel ine vers ion ( r e f .  3)  i n  the f o l -  
lowing areas: 
1) The method used t o  represent the effect o f  the visccus f low on the outer 
po ten t ia l  flow, termed equivalent a i r f o i l  representat ion i n  the baseline 
version o f  the program, has been modified. I t  has been replaced by the 
surface t ransp i ra t i on  method which uses a d i s t r i b u t i o n  o f  sources along 
a i r f o i  1 surfaces and wake center1 ines t o  model boundar1y l aye r  and wake 
displacement effects. 
2)  The flow model of the po tent ia l  core region has been changed. The new 
method performs independent boundary l aye r  and wake calculat ions.  These 
calculat ions u t i l  i z e  the ord inary laminar and tu rbu len t  boundary 1 ayer 
rout ines o f  the baseline version o f  the code, and i n  addi t ion,  the lag-en- 
trainment method o f  reference 7 for wake flows. The revised f low model 
o f  the core region calculates the l oca t i on  o f  the wake center l ines.  
3)  An attempt i s  made t o  .p red i c t  the onset o f  separation o f  the conf luent  
bou~dary  layer  by a modif ied version o f  Goradials conf luent  boundary l aye r  
method. I n  t h i s  method, the power law v e l o c i t y  p r o f i l e  o f  the wal l  l aye r  
i s  rep1 aced by Col es ' two-parameter v e l o c i t y  p r o f  i 1 e ( re f .  8), 
4) The drag pred ic t ion  method o f  Squire and voung ( re f .  9) has been incorpo- 
ra ted  i n t b  be program, replac ing the previous pressure and sk in  f r i c t i o n  
i n teg ra t i on  scheme. 
5) The o r i g i n a l  method used f o r  the pred ic t ion  of separation f o r  ord inary 
tu rbu len t  boundary l aye r  f low has been replaced b~ the Boeing version o f  
the method o f  Nash 3nd Hicks ( re f .  10). 
6) The modi f icat ions o f  the aerodynamic theory required a major overhaul o f  
the computer code. Most pa r t s  o f  the code have been rewr i t t en  using a 
systen~atic approach t o  computer software design. This work was guided by 
a funct ional  decomposition o f  the many aspects of the aerodynamic model 
and i t s  numerical implementation. I n  addi t ion,  a de ta i led  study was made 
o f  the data f low w i t h i n  the program, and the l o g i c  o f  the code was out- 
l i n e d  p r i o r  t o  the actual program development using a pseudo code. The 
most important aspects o f  t h i s  work are b r i e f l y  reviewed i n  t h i s  paper. 
AEROP'INAMIC FLOW MODELS 
The aerodynamic theory o f  the new version o f  the computer program i s  ou t l ined 
be1 ow w i t h  emphasis on modif icat ions. The aerodynamic analysis and i t s  numer- 
i c a l  implementation assume two-dimensional, subsonic flow i n  which a l l  boundary 
layers are attached t o  the a i r f o i l  surface. 
Potent ia l  Flow 
I n v i  scid, i r r o t a t i o n a l  f low i s  ca lcu lated using the stream funct ion approach o f  
Oel l e r  ( re f ,  11). Laplace's equation i s  solved subject t o  the boundary condi- 
t i o n  o f  a constant v ~ l u e  o f  the stream func t ion  on a i r f o i l  surfaces. The meth- 
od i s  o f  the panel type, see f i g u r e  2, w i t h  a constant s t rcny th  vortex d i s t r i -  
but ion on each panel o f  the a i r f o i l  surface, A formulat ion o f  the Kutta condi- 
t i o n  i s  imposed which requi res the tangent ia l  ve loc i t i es  a t  the upper and lower 
surface t r a i l i n g  edge points  t o  be equal. Compressibi l i ty e f fec ts  are taken 
i n t o  account by employing the Karman-Tsien ru le .  
Viscous Flew Representation 
Oe l l e r ' s  stream funct ion methcd has been modif ied i n  order t o  account f o r  d i s -  
placement e f fec ts  o f  boundary ldyers and wakes w i t h i n  the po ten t i a l  f l ow  solu- 
t ion .  An equivalent d i s t r i b u t i o n  o f  sources s imulat ing the viscous f l ow  d i s -  
placement thickness i s  placed on the surface and wake center l  i ne  o f  an a i r f o i l  
component. This i s  the surface t ransp i ra t i on  method which, w i t h i n  the frama- 
work o f  t h i n  boundary l aye r  theory, i s  completely equivalent t o  the method of 
geometr ical ly adding the displacement thickness t o  the basic d i r f o i l  geometry. 
Appl icat ion o f  t h i s  technique i s  computationally e f f i c i e n t ,  since most o f  the 
aerodynamic in f luence coe f f i c i en ts  do no t  c, ige dur ing the so lu t i on  procedure. 
The strength a o f  the equivalent source d i s t r i b u t i o n  i s  obtained from 
where 6* denotes the displccement thickness o f  e i t h e r  boundary laye; o r  wake, 
and the symbol U stands f o r  the i n v i s c i d  f low ve loc i t y  on a i r f o i ' ~  surface and 
wake center l  ine. The var iab le  s represents arc length. The computed source 
d i s t r i b u t i o n  i s  d i  s c r e t i  zed using panels w i t h  constant source st rength on the 
surface and wake center l ine  o f  each a i r f o i l  component. 
I t  shotlld be emphasized t h a t  the employed f low model does not  account fo r  wake 
curvature effects. Consequently, constant s t rength vortex panels are only  used 
on the surface o f  an a i r f o i l  and ~ i o t  on i t s  wake center l ine,  see f i g u r e  2. 
Wake Cen t e r l  i ne 
The c a p a b i l i t y  o f  computing the pos i t i on  o f  wilke center l  ines has been added t o  
the program as p a r t  o f  the rev i s ion  o f  the f low model i n  the core region, see 
f i gu re  1. A wake center l ine  i s  p a r t  o f  the stagnation streamline. 
Since the po ten t i a l  f low problem i s  solved on the basis o f  a stream func t ion  
approach, which i n  add i t ion  t o  the surface v e l o c i t y  provides the value of the 
stream funct ion fo r  each stagnation stream1 ine, i t  i s  convenient t o  a lso  use 
the stream funct ion formulat ion t o  t race  wake center l ines.  This i s  done i n  an 
i t e r a t i v e  procedure beginning w i t h  an assumed i n i t i a l  pos i t i on  o f  a wake cen- 
t e r l i n e .  During each s tep  of t h i s  i t e r a t i o n  the locat ions o f  a l l  panels o f  the 
wake center l  i ne  are updated simultaneously by solv ing a 1 inear ized form o f  the 
fo l low ing stream funct ion equation: 
Here. +m denotes the lnown value o f  the stream funct ion a t  a stagnat ion stream- 
1 ine. The var iable x represents the ar ray  of unknown panel corner p o i n t  co- 
ordinates o f  the wake center l ine. 
Laminar Boundary Layer 
Laminar boundary : aycr character i  s t i c s  are calculated w i t h  the compressible 
method of Cohen and Reshotko ( re f .  12) who reduced the problem t o  simple quad- 
rature.  Appl icat ion o f  a compressible method seems t o  be necessar2y f o r  s l o t -  
ted h i g h - l i f t  a i r f o i l s ,  since laminar boundary layers o t ten  e x i s t  i n  the s l o t  
between neighboring a i r f o i l  compor.znts, where even a t  low f r e e  stream Mach num- 
bers the f l ow  i s  h igh l y  compressible w i t h  ve i o c i  t i e s  approaching and f requent ly  
exceeding sonic condit ions. 
Laminar separation i s  predicted w i t h  the c r i t e r i o n  o f  Goradia and Lyman ( r e f .  
13) which i s  an empir ical  co r re la t i on  o f  the l oca l  values o f  the Mach number 
gradient w i t h  the momentum thickness Reynolds number. E i ther  laminar s t a l l  b r  
the occurrence o f  laminar shor t  bubble separation i s  predicted. In the case 
o f  laminar shor t  bubbles, subsequent tu rbu len t  reattachment of the separated 
laminar boundary layer  i s  assumed, bu t  ne i ther  the length o f  the separation 
bubble nor the d e t a i l s  o f  the f low w i t h i n  the bubble are modeled. 
The computer prcgram provides two opt ions f a r  t r a n s i t i o n  from laminar t o  t u r -  
bulent  boundary layer  flow. The user can ei the; spec:fy f i x e d  t r a n s i t i o n  
points,  such as the l oca t i on  of t r i p  s t r i ps ,  o r  can compute f r e e  t rans i t i on .  
I n  the l a t t e r  case, a standard two-step approach i s  employed. 
Turbulent Boundary Layer 
Two d i f f e r e n t  i n teg ra l  methods determine the c i la rac ter is t i cs  of o r d i n a r j  t u r -  
bulent boundary layers, The method o f  Truckenbrodt ( re f .  14) i s  used during 
the i t e r a t i v e  so lu t ion  procedure. It i s  an incompressible apprcsch bssed on 
the momentum and energy i n teg ra l  equations. Goradia ( re f .  1 ) i r!t~*aduced the 
idea o f  constra in ing the shape factor fl, defined as the r a t i o  of energy d i s -  
s ipa t ion  thickness t o  momentum thickness, i n  order t n  avoid premaiiure separa- 
t i o n  o f  the turbulent  boundary layer  dur ing the f i r s t  cycles of the i t e r a t i o n .  
This approach avoids f a i l u r e s  of the boundary l aye r  i n teg ra t i on  a'; separation 
and can be viewed as an a r t i f i c i a l  way of modeling separated flows. The i n t e -  
g ra l  method o f  Nash and Hicks ( r e f ,  10). which accounts fo r  the h i s t o r y  o f  t u r -  
bulent s ; , ~ a r  stresses, i s  appl ied a t  the end of the i t q r a t i v e  so lu t ion  proce- 
dure f o r  the purpose of computing boundary l aye r  separetion. Displacement 
thickness and sk in  f r i c t i o n  obtained from the method of Nash and Hicks are no t  
u t i l i z e d .  
Wake Flow 
The p roper t ies  o f  t u r b u l e n t  wakes a re  analyzed w i t h  the  lag-entrainment method 
o f  reference 7. The method i s  formulated i n  terms of the momentum i n t e g r a l  
equation, the  entrainment equation, and an emp i r i ca l  equat ion f c r  the  ~ t r e a m -  
wise r a t e  o f  change o f  t he  entrainment c o e f f i c i e n t .  The entrainment equat ion 
i s  der ived from the  d e f i n i t i o n  o f  the entrainment c o e f f i c i e ~ t ,  which represents  
the change o f  mass f l o w  x i t h i n  the  wake l aye r .  An incompressiblc vers ion of 
Green's t reatment o f  wake f l o w  i s  used, neg lec t ing  the  e f f e c t s  o f  cu rva tu re  on 
the  mean f l ow  and the  turbulence s t r u c t u r e  o f  the  wake. 
Conf 1  uen t Boundary Layer 
The program computes con f luen t  boundary l aye rs  w i t h  the  model o f  Goradia ( r e f .  
2). I n  t h i s  model, the  ccn f l uen t  boundary l a y e r  downstream o f  the  core r eg ion  
i s  d i v i ded  i n t o  two regions. I n  the  f i r s t  region, t u r b u l e n t  m ix ing  of wake and 
boundary l aye r  i s  incomplete. The mean v e l o c i t y  p r o f i l e  c l e a r l y  shows the re -  
mainder 9f the  wake p r o f i l e ,  see f i g u r e  3. I n  the  second region, the  e f f e c t  
o f  the  w?ke i s  no t  v i s i b l e  i n  the mean v e l o c i t y  p r o f i l e  which i s  s i m i l a r  t o  
t h a t  of a  ~ 3 1 1  j e t .  Downstream o f  the  second region, the  con f l uen t  boundary 
l a y e r  degellerates i n t o  an o rd i na ry  t u r b u l e n t  boundary l aye r .  
Goradia formulated an i n t e g r a l  method by subd iv id ing  the c o n f l  u e r ~ t  boundary 1  ay- 
e r  i n t o  several l ayers  and assurning the v a l i d i t y  o f  boundary l a y e r  equat ions 
and s e l f - s i m i l a r i t y  o f  the  mean v e l o c i t y  p r o f i l e  i n  each o f  these layers .  The 
method i s  inco~npressible,  neg lects  cu rvk tu re  e f f ec t s ,  and re1  i e s  t o  a  l a r g e  ex- 
t e n t  on empi r ica l  i n fo rmat ion  about shear s t ress,  the  r a t e  o f  growth o f  v a r i -  
ous layers ,  and v e l o c i t y  p r o f i l e s .  Furthermore, the clodel ignores mu1 t i p l e  
wakes and m u l t i p l e  p o t e n t i a l  ccres t h a t  might e x i s t  near the  t r a i l i n g  e d y  of a  
h i g h - l i f t  a i r f o i l  cons i s t i ng  o f  more than two components, The shap+ i a c t o r  Y 
o f  the l a y e r  adjacent t o  the a i r f o i l  surface, termed the  w a l l  l a j e r ,  i i  con- 
s t ra ined  i n  order  t o  avoid program f a i l u r e s  i n  reg ions o f  sepsrated f low.  For 
t h i s  reason, GoradiaJs con f luen t  boundary l a y e r  method i s  dpp l ied  dur ing  the i- 
t e r a t i o n  procedure, when u n r e a l i s t i c  p o t e n t i a l  f low pressure d i s t r i b u t i o n s  can 
cause premature boundary l aye r  separat ion.  
The described f l ow  model has been mod i f ied  t o  p r e d i c t  separat ion o f  con f l uen t  
boundary layers .  The power law v e l a c i t y  p r o f i l e  o f  the wa l l  l a ye r  has been : e- 
placed by Coles' two-parameter p r o f i l e  ( r e f .  a), which i s  known t o  prov ide a 
r e a l i s t i c  representat ion o f  o rd i na ry  t u rbu len t  boundary l aye rs  near separat ion.  
The shape f a c t o r  o f  the wa l l  l a ye r  i s  n o t  constrained i n  t h i s  mod i f i ca t i on ,  bu t  
most o ther  <eatures o f  Goradia ' s corlf 1  uent  bo!~ndary 1 ayer model i n c l  ud i  rig i t s  
empi r ica l  content a re  re ta ined.  
i t e r a t i v e  So lu t i on  Procedure 
The soluti ,)n i s  i t e r a t i v e ,  s ince most n f  the i r td i v idua l  f l ow problems and t h e i r  
coup1 i n g  a re  nonl inear .  The computer program uses a convent ional  c yc l  i c  i te ra -  
t i o n  procediire i n  which each c y c l e  cons i s t s  o f  t he  f o l l o w i n g  steps: 
Step 1: A p o t e n t i a l  f l ow  s o l u t i o n  f o r  t he  mul t ie lement  a i r f o i l  i s  ca lcu-  
l a t ed .  Dur ing the  f i r s t  c yc l e  o f  the  i t e r a t i o n ,  the c a l c u l a t i o n  
i s  performed w i t hou t  any represen ta t ion  o f  v iscous f low d isp lace-  
ment efqocts.  
Step 2: The p o s i t i o n s  of the  wake center1 ines a re  computed. 
Step 3: So lu t ions o f  a l l  v iscous f l o w  problems i nc l ud ing  laminar  and t u r -  
bu len t  boundary layers ,  conf luent  boundary layers ,  and v isccus 
~ a k e s  a re  ca lcu la ted  w i t h  the  p o t e n t i a l  f l ow  v e l o c i t i e s  and wake 
c e n t e r l i n e  l oca t i ons  obta ined i n  the previous steps as i n p u t  data. 
A t  t he  end o f  t h i s  computational step, the  displacement thicknesses 
of a l l  boundary l aye rs  and wakes a re  ava i lab le .  
S t e p 4 :  A s o u r c e d i s t r i b u t i o n r e p r e s e n t i n g  t h e d i s p 1 a c e r : i e n t e f f e c t o f a l l  
v i  scous 1 ayers i s computed. 
The computer program does no t  r e l y  on a convergence c r i t e r i o n .  Instead, f i v e  
i t e r a t i o n  cyc les a re  always executed and the  user o f  the program must judge the 
q u a l i t y  o f  the so lu t ion .  
I n  order  t o  a s s i s t  the i t e r a t i o n  scheme i n  a r r i v i n g  a t  a  converged so lu t i on ,  
the source s t reng th  a computed i n  Step 4 o f  each cyc l e  i s  mod i f ied  by adding 
2/3 o f  o computed i n  t h i s  i t e r a t i o n  cyc l e  t o  1/3 o f  cr computed i n  the pre- 
v ious i t e r a t i o n  cyc le .  
Forces and Moments 
A t  the end o f  each i t e r a t i o n  cyc le ,  a i r f o i l  l i f t  and p i t c h i n g  rnonient c o e f f i -  
c i eo t s  a re  computed by an i n t e g r a t i o n  of surface pressure and s k i n  f r i c t i o n .  
P r o f i l e  drag i s  obtained by apply ing the forniula o f  Squire and Young ( r e f .  9 j .  
The t o t a l  p r o f i l e  drag o f  a mu l t i e l en~en t  a i r f o i l  i s  assumed t o  be the  sun1 o f  
the con t r i bu t i ons  o f  i t 5  components. The drag o f  each a i r f o i l  component i n  
t u r n  i s  ca lcu la ted  from the values o f  boundary l aye r  momentum th ickness and 
surface v e l o c i t y  a t  the coniponent t r a i  1 i ng edge. 
COMPUTER CODE 
The t?nw vers ion o f  the code i s  wt - i t ten i n  the CDC FdRTRAN extended 4 (FTN4) 
language and w i l l  r un  under the CDC Network Operating System (NOS) .  The CDC 
over lay  system i s  used t o  assure t h a t  the c7dc w i l l  execute i n  a f i e l d  leng tb  
l ess  than 100 K o c t a l .  
The programniing methodologies used t o  design and develop the new vers'ion o f  the 
computer code inc lude  a f unc t i ana l  d t  :oniposi t i o n  o f  the aerodynamic theory,  9 
data f l ow  analysis, and a cont ro l  flow analysis. 
Each o f  these re la ted  design tasks was performed several times i n  an i t e r a t i v e  
manner t o  produce a f i n a l  design fo r  the new version of the computer code be- 
fore changes o r  improvements t o  the baseline code were made. The f i n a l  design 
resu l ted  i n  major changes o f  the baseline version o f  the program i n  the fo l low- 
i n g  sections: upper l eve l  cont ro l  rout ines, geometry preprocessing rout ines, 
and the po ten t i a l  flow so lu t ion  rout ines. The f i n a l  design was a lso used t o  
in tegra te  the new aerodynamic models i n t o  the base1 i ne  code. Table 1 l i s t s  a l l  
subroutines i n  the basel ine version o f  the code and indicates the type o f  
changes made t o  incorporate them i n  the new version. 
The funct ional  decomposition o f  the code was based on the engineering spec i f i -  
ca t ion  o f  the aerodynamic models and the numerical techniques necessary f o r  
t h e i r  solut ion. Figure 4 shows the upper l eve l  decomposition char t  where the 
major funct ions are defined i n  engineering terms. The complex physics o f  the 
flow ahout multielement a i r f o i l s  i s  re f lec ted  i n  these charts.  
The data f l ow  analysis of the code was done f o r  each module i d e n t i f i e d  i n  the 
funct ional  decomposition by speci fy ing the input  and output data f o r  the module 
as we l l  as i t s  own decomposition. Control o f  the data f l ow  w i t h i n  a module i s  
maintained by requ i r i ng  t h a t  the i npu t  t o  any of ~ t s  ubmodules must be e i t h e r  
an i npu t  t o  the module o r  the output of another of i t s  submodules. 
The cont ro l  flow analysis of the new code was done w i t h  the a i d  o f  J pseudo 
code, which i s  a small se t  o f  simple l o g i c  and loop statements which s u f f i c e  
t o  describe the cont ro l  w i t h i n  a module o f  the funct ional decomposition. A l -  
though the submodules of a wodule can be used i n  any sequence and any number of 
times t o  complete the funct ion o f  the module, i t  i s  an aim o f  the design pro- 
cess t o  keep the contro l  w i t h i n  a module as simple as possible. A l l  new sub- 
rout ines i n  the code inc lude as comment cards the pseudo code f o r  the module 
which they implement. 
TEST-THEORY COMPARISONS 
I n  the fo l low ing comparison o f  theore t ica l  and experimental a i r f o i l  data, three 
versions of the NASA/Lockheed multielement a i r f o i l  program are re fer red  to:  
Version A: This i s  the baseline version o f  the computer program w i t h  minor 
modif icat ions. The base1 ine  version was ava i lab le  from the NASA 
i n  June 1976. 
Vers ionB:  T h i s v e r s i o n , d e s c r i b e d i n r e f e r e n c e 1 5 , d i f f e r s f r o m v e r s i o n A  
i n  two areas. P r o f i l e  drag i s  predicted by the Squire and Young 
fwmula. Separation of ord inary tu rbu len t  boundary layers i s  
ca lcu lated using the niethod o f  Nash and Hicks. 
VersionC: T h i s i s t h e v e r s i o n o f  theprogramdescr ibe6 i n  t h i s p a p e r .  
A la rge  number o f  a i r f o i l  conf igurat ions were analyzed using the program ver- 
sions 1 i s t e d  above. Only a few r e s u l t s  o f  t h i s  prograin evaluation, concerning 
the GA(W)-1 a i r f o i l  and a Boeing mu1 t ielement h i g h - l i f t  a i r f o i l  ( f i g u r e  S), are 
discussed i n  t h i s  paper. A de ta i led  repo r t  of t h i s  evaluat ion i s  contained i n  
reference 6. 
GA(W)-1 A i r f o i  1 
This a i r f o i l  was chosen t o  t e s t  the program c a p a b i l i t y  o f  p red i c t i ng  per fo r -  
mance cha rac te r i s t i cs  o f  s i ng le  a i r f o i l s .  Figure 6 contains the theore t ica l  
1 ift, p i t ch ing  moment, and drag curves and t h e i r  comparison w i t h  experimental 
data o f  McGhee and Beasley (ref. 16). 30th Version A and the new program Ver- 
s ion  C p r e d i c t  i d e n t i c a l  l ift and moment curves t h a t  i n  t u r n  agree we l l  w i t h  
measured GA(W)-1 data up t o  the onset of t r a i l i n g  edge s t a l l  a t  about 8 degrees 
ang?o o f  attack. T r a i l i n g  edge s t a l l  i s  no t  modeled by any o f  the program ver- 
sions. 
Considerable d i f ferences between a l l  drag po lars  are shown i n  f i g u r e  3 .  Ver- 
sion A, u t i l i z i n g  an i n teg ra t i on  o f  surface pressure and sk in  f r i c t i o n  i n  the 
p red i c t i on  o f  p r o f i l e  drag, gives the highest drag coef f ic ients.  Version C, 
applying the Squire and Young formula, offers drag values t h a t  are lower than 
the corresponding experimental drag coef f i c ien ts .  The lack  o f  agreement of the 
three drag po lars  emphasizes the f a c t  t h a t  even f o r  s ing le  a i r f o i l s  a t  low 
speed the problem of obta in ing accurate drag computations i s  no t  y e t  solved. 
S ~ r f a c e  pressures of the GA(W)-I a t  8 degrees angle o f  attack, computed by pro- 
gram Version C and p l o t t e d  i n  f i g u r e  7, agree wel l  w i t h  t h e i r  experimental 
counterparts. I n  t h i s  f igure ,  the symbols S and LS r e f e r  t o  theore t ica l  po in ts  
o f  tu rbu len t  separation and laminar shor t  bubbles, respect ive ly .  The symbol FT 
ind icates the experimental t r i p  s t r i p  loca t ion  which i s  spec i f ied  as a f i xed  
t r a n s i t i o n  p o i n t  i n  the computer simulation. A laminar shor t  bubble w i th  sub- 
sequent tu rbu len t  reattachment o f  the boundary l s y e r  i s  ind icated near the up- 
per surface leading edge, and tu rbu len t  boundary layer  separation i s  predicted 
theo re t i ca l l y  near the upper surface t r a i  1 i n g  edge. The l a t t e r  p red i c t i on  i s  
confirmed by the'experimental pressure d i s t r i b u t i o n  which shows a constant 
pressure dobastream o f  the theore t ica l  po in t  o f  separation. 
Boeing H igh -L i f t  A i r f o i  1 
The Boeing four-element h i g h - l i f t  a i : * fo i l  was used as the main t e s t  case f o r  
mu l t i p le  a i r f o i l s .  I t  consists o f  a wing sect ion w i t h  a leading edge f l a p  and 
a doub le-s lo t ted  t r a i l i n g  edge f l ap .  Global a i r f o i l  parameters and deta i led  
d i s t r i b u t i o n s  o f  surface pressures and boundary layer  data are avai lab1 e f o r  
comparisons. The data were obtained i n  the Boeing Research Wind Tunnel (BRWT) 
on a model w i t h  a 2 f o o t  unextended wing chord and a 5 f o o t  span. Carefrll 
blowing o f  the wal l  boundary layers was appl ied i n  order t o  c lose ly  approxirqate 
a two-dimensional f low pat te rn  across the wnole span o f  the a i r f o i l .  
The 1 i f t  curve, p i tching wloment, and drag polar o f  t h i s  a i r f o i l  a t  a Reynolds 
number o f  two m i l l  ion, based on the wing reference chord, are given i n  f igure 
8. The experimental l i f t  coef f ic ients  are balance data tha t  are w i th in  1.5% 
o f  the l i f t  obtained by pressure integrat ion. The p r o f i l e  drag o f  the a i r f o i l  
i s  the resul t o f  wake rake measurements taken a t  a f i xed  spanwise pos i t ion r e l -  
a t i ve l y  f ree from interference e f fec ts  o f  f l a p  supporting brackets and pres- 
sures taps. The maximum spanwise var ia t ion of the measured a i r f o i l  drag i s  i n -  
dicated i n  f igure 8. 
A l l  attempts f a i l e d  when using program Version A t o  obtain a coaverged solut ion 
f o r  t h i s  a i r f o i l .  Progr am Version B arr ived a t  converged solut ions between 8 
and 20 degrees angle o f  attack, but underpredicted the 1 i f t  by a considerable 
amount. The theoret ical  predict ions o f  program Version C match the experi- 
ren ta l  l i f t  coef f ic ients  well  a t  angles of attack below the onset o f  t r a i l i n g  
edge s ta l l ,  which i s  theoret ica l ly  predicted by the program t o  take place a t  
about 16 degrees. 
The theoretical values o f  the p r o f i l e  drag o f  Version C are re l a t i ve l y  close to  
the measured p ro f i l e  drag. I n  judging the qua l i t y  of t h i s  drag comparison, the 
reader should reca l l  the problems o f  two-dimensional high-1 i f t  test ing and the 
uncertaint ies in applying the Squire and Young formula t o  mu1 tielement a i r -  
f o i l s .  
Figure 9 contains comparisons o f  theoret ical  and experimental surface pressures 
o f  wing and main f l a p  a t  8.4 degrees angle o f  attack. This f igure confirms the 
ea r l i e r  f inding tha t  Version C indeed provides the best theoret ical  resul ts.  
Differences between the theory of Version C and experiment are noted i n  cove 
regions and on the upper surface o f  the wing near the leading edge. The l a t t e r  
problem i s  due t o  the f a i l u r e  o f  the program t a  accurately simulate the flow on 
the lower surface o f  the leading edge device. 
Figure 10 shows boundary layer ve loc i ty  p ro f i l e s  a t  several chordwise stat ions 
on the upper wing surface. The experimental ve loc i ty  p ro f i l e s  reveal that  very 
1 i t t l e  confluence o f  the wake behind the leading edge device and the wing 
bouneary layer has taken place and tha t  an i n i t i a l l y  ex is t ing weak confluent 
boundary layer above the wing has degenerated ear ly i n t o  an ordinary turbulent 
boundllry layer. This feature of the f low f i e l d  i s  very well simulated by Ver- 
sion (', but not by Versions A and 8. 
CONCLUSIONS 
The fol lowing conclusions  bout the re1 i a b i l  i t y  and qua l i t y  of the predictions, 
o f  the new program are drawn: 
1) The r e l i a b i l i t y  o f  the program executions has been great ly improved. A l l  
tes t  cases have produced converged solutions wi th in  a few i te ra t ion  cycles. 
This jmprovement i s  a consequence of the appl icat ic? of the structured 
approach t o  computer programing where much at tent ion was paid t o  the func- 
t iona l  decomposition o f  the aerodynamic model , i t s  numerical imp1 ementa- 
t ion, and the data f low wi th in  the code. 
2) The accuracy o f  the program predict ions has been improved. This i s  due t o  
several major modifications of the aerodynamic model - above a1 1, due t o  
the d i f f e ren t  representation of the viscous f low displacement effects and 
the improved model o f  the potent ia l  core region. 
3) The computed resu l ts  are consistent w i th  the basic assumptions o f  the aero- 
dynamic model. Best resu l ts  are obtained i n  cases where most o f  the f low 
i s  attached t o  the a i r f o i l ' s  surface, but the qua1 i t y  o f  the predict ions 
gradual l y  deteriorates w i th  increasing t r a i  1 ing edge s t a l l  and cove separa- 
t ion.  
4) The usefulness o f  the confluent boundary layer method o f  Goradia and i t s  
modif icat ion developed for  the purpose o f  predict ing confluent boundary 
layer separation have not yet  been tested. Configurations were chosen f o r  
most o f  the program evaluation wi th  1 i t t l e  confluence o f  wakes and bound- 
ary layers. 
5) The performance of the program needs t o  be tested f o r  configurations a t  off 
optimum shape desi gn. 
6) The evaluation o f  the computer program was hampered by the shortage o f  re- 
l i a b l e  experimental h i g h - l i f t  data. Additional wind tunnel tes t ing o f  some 
o f  the more important h i g h - l i f t  a i r f o i l  configurations w i l l  increase con- 
f idence i n  t h e i r  predicted performance. 
APPENDIX 
SYMBOLS 
a i  r f o i  1 reference chord 
drag c o e f f i c i e n t  
1 i f t  c o e f f i c i e n t  
p i t ch ing  moment coe f f i c i en t  about the  quarter chord po in t  
surface pressure c o e f f i c i e n t  
r a t i o  of energy d iss ipa t ion  thickness and momentum thickness 
f ree  stream Mach number 
Reynolds number formed by free stream ve loc i t y  and a i r f o i  1 reference 
chord 
arc length 
i n v i s c i d  surface ve1 oc i  t y  o r  wake center1 i n e  ve loc i t y  
f ree  s tr?am vel  oc i  ty 
boundary layer  ve loc i t y  p a r a l l e l  t o  a i r f o i l  surface 
x - coordinate o f  global ax is  system 
array of panel corner points 
coordinate normal t o  a i r f o i  1 surface 
a angle of at tack 
6* displacement thickness 
o source strength 
J, stream funct ion 
%I stream function value a t  a stagnation streamline 
Abbreviations 
FT f i xed  t r a n s i t i o n  
L S laminar short bubble 
S separation 
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NUMERICAL SOLUTION OF THE NAVIER-STOKES EQUATIONS 
FOR ARBITRARY TWO-DIMENSIONAL MULTI-ELEMENT AIRFOILS* 
Joe  F. Thompson, Louie Turner,W. S e r r i l l  Long, and John H. Bearden 
Mississ ippi  S t a t e  University 
SUMMARY 
C - 
The development of a numerical s imulat ion of  time-dependent, tu rbulen t ,  
compressible flow about two-dimensional multi-element a i r £  o i l s  of a r b i t r a r y  
ehape is described. The b a s i s  of t h i s  s imulat ion is a technique of automatic 
numerical generation of coordinate  systems f i t t e d  t o  the  mul t ip le  bodies re- 
gardless  of t h e i r  number o r  shape, 
Incompressible so lu t ions  have been run f o r  NACA a i r f o i l s  a t  Reynolds 
numbers a s  high a s  lo6, but  present  drag pred ic t ions  a r e  about twice t he  
experimental values. Procedures have been developed whereby the  coordinate  
l i n e s  a r e  automatical ly  concentrated i n  t he  boundary l aye r  a t  any Reynolds 
number. The compressible turbulent  so lu t ion  involves an a lgebra ic  eddy 
v i scos i t y  turbulence model. The laminar vers ion has been run f o r  t ransonic  
flow a t  free-stream Mach numbers up t o  0.9. 
INTRODUCTION 
The ove ra l l  purpose of the  present  research pro jec t  is t o  develop a 
numerical s imulat ion of time-dependent, turbulent ,  compressible flow about 
two-dimensional multi-element a i r f o i l s  of a r b i t r a r y  shape. The b a s i s  of t h i s  
simulation is a technique of eutoma t i c  numerical generat ion of coordinate  
systems f i t t e d  t o  the  mul t ip le  bodies regardless  of t h e i r  number o r  shape. 
This procedure el iminates  t h e  shape of the  bodies a s  a complicating f ac to r  
and a!.lows the  flow about a r b i t r a r y  bodies t o  be t r ea t ed  e s s e n t i a l l y  a s  
e a s i l y  a s  t h a t  about simple bodies. A l l  computation can be done on a rec- 
tangular transformed f i e l d  with a square mesh regard less  of t he  shape o r  
number of bodies i n  t he  physical f i e l d .  
In the  e f f o r t  thus f a r ,  numerical so lu t ions  have been developed f o r  the 
time-dependent incompressible Navier-Stokes equations f o r  laminar flow about 
a r 5 i t r a r y  mu1 t i p l e  a i r  f o i l s ,  and the  compressible Navier-S tokes equations 
fo r  laminar and turbulent  flow about s i n g l e  a i r f o i l s .  Continuous refinement 
of the techniques is being made a s  higher Reynolds numbers a r e  considered. 
A number of papers have reported the work so  f a r  i n  references 1-8, and the  
coordinate system code has been made ava i l ab l e  f o r  general use a s  described 
i n  reference 8. 
*Research sponsored by NASA Langley Research Center under Grant NGR 25-001-055. 
The development of the  compressible turbulent  so lu t ion  is now being ex- 
tended t o  mu l t i p l e  a i r f o i l s  using a new coordinate system configurat ion having 
the i n f i n i t y  boundary col lapsed t o  a point.  Refinement of t h i s  so lu t ion  and 
the  lncarrpressible so lu t ion  f o r  mul t ip le  a i r f o i l s  is a l s o  continuing. F ina l ly ,  
the search f o r  improvements i n  t he  i t e r a t i v e  so lu t ions  involved continues i n  
x d e r  t o  improve the  computational e f f i c i ency  of a l l  t h e  so lu t ions .  
Symbols a r e  defined in an apperidix. 
BOUNDARY-FITTED COORDINATE SYSTEM 
General Formulation 
The bas i c  idea  of t he  boundary-fitted coordinate  systems is t o  numeri- 
c a l l y  generate  a cu rv i l i nea r  coordinate  system having some coordinate  l i n e  
coincident with each boundary of the physical  region of i n t e r e s t ,  regard less  
of the  shape of these  boundaries. This is done by tak ing  the  cu rv i l i nea r  
coordinates  t o  be so lu t ions  of an e l l i p t i c  p a r t i a l  d i f f e r e n t i a l  system, wj t h  
constant  va lues  of one of t he  cu rv i l i nea r  coordinates  spec i f i ed  a s  D i r i ch l e t  
boundary condi t ions on each boundary. Values of  t h e  o the r  coordinate  a r e  
e i t h e r  spec i f i ed  i n  a moriotonic va r i a t i on  over a boundary a s  D i r i ch l e t  bound- 
a ry  condi t ions,  o r  a r e  determined by Neumann boundary condi t ions thereon. In 
the l a t t e r  case,  the cu rv i l i nea r  coordinate  l i n e s  can be made t o  i n t e r s e c t  t h e  
boundary according t o  some spec i f ied  condition, such a s  normalcy o r  p a r a l l e l  
t o  some given d i r ec t i on .  It is a l s o  poss ib le  t o  exerc i se  cont ro l  over the  
spacing of t he  cu rv i l i nea r  coordinate  l i n e s  i n  t h e  f i e l d  i n  order  t o  concen- 
t r a t e  l i n e s  i n  regions of expected high gradients .  
In any case,  the  numerical generation of the  coordinate  system is done 
automatical ly  f o r  any shape boundaries, requi r ing  only t he  input of po in ts  on 
the  boundary. The technique has been described i n  d e t a i l  i n  e a r l i e r  r epo r t s  
( r e f .  1 and 7) and the  computer code, together  with i n s t ruc t ions  f o r  and ex- 
amples of i ts  use i n  t he  numerical so lu t ion  of p a r t i a l  d i f f e r e n t i a l  equations,  
is given i n  reference 8. 
As mentioned previously, the  cu rv i l i nea r  coordinates a r e  generated by 
solving an e l l i p t i c  system of s u i t a b l e  form. One such system is 
with D i r i ch l e t  boundary condi t ions,  one coordinate  being spec i f ied  t o  be equal 
to  a constant  on the  body and equal t o  another constant  on the  ou t e r  boundary, 
with t he  o ther  coordinate varying monotonically over the same range around 
both the  body and the  ou te r  boundary. 
Since it is des i red  t o  perform a l l  numerical computations i n  t he  uniform 
rectangular  transformed plane, t he  dependent and independent va r i ab l e s  must be 
interchanged i n  Eq. (1). This r e s u l t s  i n  t he  coupled system 
where 
(Transformation r e l a t i o n s  a r e  given i n  r e f .  8). 
The system described by eq. (2) Is a quas i l inear  e l l i p t i c  system f o r  the  
coordinate  funct ions x(6,n) and y(E,r~) i n  t he  transformed plane. This set is 
conrriderably more complex than the  l i n e a r  system spec i f ied  by eq. ( I ) ,  but the  
boundary condi t ions a r e  spec i f ied  on s t r a i g h t  boundaries, and the  coordinate  
spacing i n  t he  transformed plane is uniform. 
The coordinate  l i n e s  may be spaced a s  desired around the  boundaries, 
s i nce  the  assignment of the coordinate values  t o  t h e  [x,y] boundary po in ts  is 
a rb i t r a ry .  Control of the r ad i a l  spacing of the  coordinate l i n e s  is accm- 
plished by varying the  funct ions P(S,n) and Q(5,v) i n  equations (2).  
Automatic Concentration of Coordinate Lines i n t o  a Boundary Layer 
Consider the coordinate system generation equations (2)  applied t o  t h e  
one-dimensional case of s t r a i g h t  boundaries p a r a l l e l  t o  the  x-axis. With 
rl = constant on these boundaries, and the  [- l ines  being normal t o  the bound- 
a r i e s ,  we have y = yE5 = y5, = 0, and the  x-equation js iden t i ca l l y  zero so 5 
that the  coordinate equations reduce t o  
w,, + J~QY, = 0 
Thie can be made a per fec t  d i f f e r e n t i a l  by choosing t h e  form of t he  con- 
t r o l  funct ion Q t o  be 
where the  minus s ign  has been introduced merely f o r  convenience. Then eq. (3) 
can be integrated t o  y i e ld  
The constants  of i n t ~ , g r a t i o n  may be evaluated from the  boundary conditions: 
~ ( 1 )  = yls Y(J) - y t h a t  J 
This equation can then be solved f o r  f (n)  t o  y i e ld  
which, with a r b i t r a r y  d e f i n i t i o n  of f (1) and f ( J )  , w i l l  y ie ld  the required 
f (n), and hence the  required Q(n) v i a  subs t i t u t ion  i n  eq. (41, t o  produce a 
desired d i s t r i b u t i o n  y(n).  The evaluation of Q(n) may be done without ac tua l  
evaluat ion of f ( n ) ,  however, by solving eq. (3)  f o r  Q t o  produce 
Now a number of smooth funct ions f o r  y($, such as exponentials,  loga- 
ri thmic functions, hyperbolic functions, e tc . ,  may be found which w i l l  concen- 
t r a t e  l i n e s  near yl with a spread out t o  y2. However, s ince  the boundary 
I l aye r  thickness  a t  high Reynolds number is only a very small  f r a c t i o n  of  t he  
d i s t ance  t o  ou t e r  boundary of t he  computational f i e l d ,  such smooth funct ions 
cannot allow the  l i n e s  t o  spread rap id ly  enough outs ide  of t he  boundary layer .  
The r e s u l t  is t h a t  near ly  a l l  of t he  l i n e s  i n  t h e  f i e l d  w i l l  b e  wi th in  a few 
t 
boundary l a y e r  thicknesses  of t h e  body, wi th  a g r e a t  gap near t h e  ou te r  
boundary. 
Therefore, a compostte funct ion was used f o r  y(r)), formed by jo in ing  a 
logarithmic funct ion t o  a qua r t i c  polynomial near t h e  edge of t he  boundary 
layer .  This funct ion is constructed a s  follows: assume tha t  i t  is des i red  
t o  space t he  l i n e s  i n  t he  boundary l aye r  such t h a t  t he  change i n  vel.ocity 
from each t o  t h e  next is t h e  same. Let t he  ve loc i ty  p r o f i l e  i n  t h e  boundary 
l aye r  be  approximated by t h e  exponential  
Let t h e  edge of the  boundary l aye r  be defined by 
u = 0.99 a t  y = 6 
Then the  decay f ac to r  c w i l l  be given by 
1 
c = - I n  (0.01) 
Now so lve  . eq. (9) f o r  y (u) : 
In order  t o  achieve the same ve loc i ty  change from each l i n e  t o  the  next,  take 
u = 0.99 (G) where n is the  l i n e  a t  t he  edge of the  boundary layer .  Sub- 
O t i  6 
s t i t u t i o n  i n  eq. (10) then y i e ld s  
Let t h i s  logarithmic function be joined t o  a quar t ic  polynomial a t  some t l i n e  i n s ide  o r  a t  the  outer  edge of the  boundary layer .  Thus with t h e  funct ion 
a t  o=N,  t he  polynomial is of t he  form 
Here yl(N) is funct ional  notat ion,  e t c .  The de r iva t ives  a r e  determined by 
d i f f e r e n t i a t i o n  of eq. ( l l ) ,  with evaluat ion a t  n=N. The remaining coe f f i c i en t  
"a" is used t o  s a t i s f y  the  boundary condit ion a t  t he  outer  boundary, y(J )  = yJ. 
Thus 
Note t h a t  the  junction t o  t he  polynomial need not occur a t  t he  edge of the 
boundal layer ,  bu t  anywhere in s ide  it. It has been found adt-antageous t o  
place the  junction two o r  th ree  l i n e s  ins ide  the  boundary layer .  
Thus i f  the boundary l aye r  thickness,  6, and the number of l i n e s  there in ,  
n6, a r e  spec i f ied ,  along with the  d is tance  t o  the outer  boundary, yJ, and the  
t o t a l  number of l i n e s  J, and the  junct ion l i n e  N, t h e  cont ro l  funct ion Q(n) can 
be evaluated from 
Q(s) = - y' (N) + yW(N) [q-N] + 12a[q-N]* 
yl(N) + yq1(N) [n-N] + f yW(N) [ Q - N ] ~  + 4 a [ n - ~ ] ~  
with the  required der iva t ives  given by 
Although t h i s  ana lys is  is developed f o r  the  one-d4mensional ca se  of a f l a t  
boundary, t he  same general r e s u l t s  w i l l  be achieved by i ts use with curved 
boundaries s ince  curvature tends t o  a f f e c t  both the  boundary l aye r  thickness 
and t h e  l i n e  cont ro l  i n  t h e  same way. Thus convex curvature t h ins  t h e  bound- 
a r y  l aye r  but  a l s o  causes t h e  l i n e s  t o  concentrate t o  a g rea t e r  degree near the  
boundary. 
An example of coordinatesystems generated with t h i s  concentrat ion of l i n e s  
ir boundary l a y e r s  is shown i n  f i gu re  1. 
The'exponential ve1oci:y d i s t r i b u t i o n  i n  eq. (9) may be replaced by the 
Blasius d i s t r i bu t ion ,  and t h i s  has been done i n  p rac t i ce  s ince  a more even 
spacing is obtained i n  t he  lower pa r t  of the  boundary l aye r  i n  t h a t  case.  
Truncation Error Induced by the  Caordinate System 
Some a t t e n t i o n  must be paid to t he  r ap id i ty  of the  change of coordinate 
l i n e  spacing v i t h  s t rong a t t r a c t i o n ,  e l s e  t runcat ion e r r o r  i n  t he  form of 
a r t i f i c i a l  d i f Iu s ion  may be introduced a s  follows: Consider the  f i n i t e  d i f -  
ference approximation of a f i r s t  der iva t ive  with va r i a t i on  only i n  t he  x- 
d i r ec t ion  t o  which the {-lines a r e  normal, Then 
The d i f fe rence  approximat ion then would be 
where T is the  ioca l  t runcat ion e r ro r .  Taylor s e r i e s  expansions of fi+l and i 
fi-l about f then y ie ld ,  a f t e r  some algebraic  rearrangement, i 
But t he  l a s t  f a c t o r  is simply t he  d i f fe rence  approximation of x s o  t h a t  
€ 6  
This t runca t ion  e r r o r  thus introduces a numerical d i f f u s i v e  e f f e c t  i n  the  
d i f fe rence  approximation of f i r s t  der iva t ives .  Care must therefore  be taken 
t h a t  t he  second de r iva t ives  of t he  physical coordinates  (i .e. ,  t he  r a t e  of 
change of t he  physical  spacing between cu rv i l i nea r  coordinat; l i n e s )  a r e  not  
too l a r g e  i n  regions where t he  dependent va r i ab l e s  have s i g n i f i c a n t  second 
de r iva t ives  i n  t he  d i r e c t i o n  normal t o  t he  c lo se ly  spaced coordinate  l i ne s .  
J u s t  what is a permissible upper l i m i t  t o  t h e  r a t e  of change of t h e  l i n e  
spacing is problem dependent. Consider, f o r  instance,  viscous flow pas t  an 
i n f i n i t e  f l a t  p l a t e  p a r a l l e l  t o  t he  x-direction. Here t h e  ve loc i ty  p a r a l l e l  
t o  the  .wall changes rap id ly  from zero a t  the  wal l  t o  its f r e e  stream value 
over a small d is tance  t h a t  is of t h e  order  of 1 , where R is the  Reynolds 
U,x tfir 
number, R = - , based on freestream ve loc i ty ,  Uoo, t he  d i s t ance  from the  lead- 
ing edge of tfle p la te ,  x, and the  kinematic v i s cos i t y ,  v. The equation f o r  
the  time r a t e  of change of the  ve loc i ty  p a r a l l e l '  t o  t h e  wal l  is 
Recalling t h a t  the  l a rge  spac i a l  v a r i a t i o n  i n  ve loc i ty  occurs i n  the y-direction, 
coordinate l i n e s  would be contracted near  the  p la te .  The t ruaca t ion  e r r o r  
introduced by t h i s  cont rac t ion  would be  
v This introduces a negat ive numerical v i s c o s i t y  (- - y ), s i n c e  v and y a r e  
both pos i t ive .  2 nrl n rl 
The e f f e c t i v e  v i s cos i t y  is thus reduced ( e f f ec t i ve  Reynolds number in- 
creased) ,  so  t h a t  t he  ve loc i ty  gradient  near the  wal l  is steepened. Therefore 
ca re  should be taken t h a t  y is l imi ted  so  t h a t  t h e  numerical v i s cos i t y  
v rl rl 1 (- -- y ) is  not s i gn i f  icane i n  comparison with t he  physical  term (P). The 2 rln 
s i t u a t i o n  is mitigated somewhat of t h e  f a c t  t h a t  t he  numerical v i s cos i t y  is 
proportional t o  the small ve loc i ty  normal t o  t h e  wal l ,  t h i s  ve loc i ty  being of 
order 1 . Actually t h i s  l i m i t  is conservative,  s i n c e  the  normal ve loc i ty  
r'R 
drops t o  zero a t  the  wal l  and only a t t a i n s  t he  order  on the ou te r  port ion SR- 
of t h e  reg ion  of l a r g e  g r a d i e n t  of v e l o c i t y  p a r a l l e l  t o  t h e  w a l l ,  where u is 
very  small. W 
Trensformation of I n f i n i t y  t o  an  I n t e r i o r  C i r c u i t  
With multiple-bodies involving two closely-spaced bodies ,  t h e  coord ina te  
l i n e  spacing i n  t h e  a r e a  between t h e  bodies  w i l l  no t  b e  too good w i t h  t h e  type 
of coord ina te  system generated by t h e  o r i g i n a l  TOMCAT code ( r e f .  8) as i l l u s -  
t r a t e d  i n  f i g u r e  2. This r e s u l t s  from t h e  smoothness of s o l u t i o n s  of Poisson 
equat ions ,  t h e  con tours  of which tend t o  avoid concave regions .  Coordinate 
system c o n t r o l  can improve t h e  s i t u a t i o n  somewhat as shown i n  r e f e r e n c e  3. 
However, wi th  two bodies ,  an even b e t t e r  system can b e  ob ta ined  by f i r s t  
transforming t h e  remote o u t e r  boundary c i r c l e  t o  a smal l  i n t  r i o r  c i r c l e ,  o r  
even a po in t ,  by t h e  a n a l y t i c a l  complex t ransformat ion Z' = . Here 
Z = x + i y  is a p o i n t  i n  t h e  physical  p lane,  whi le  Z' =- x' + iy'  is a cor- 
responding p o i n t  i n  t h e  transformed plane.  These o r i g i n a l  and transformed 
boundary c i r c u i t s  are i l l u s t r a t e d  i n  f i g s  . 3&4 f o r  an a i r f  o i l - f  l a y  combination. 
The coord ina tes  (x',y4) of t h e  transformed boundary c i r c u i t s  a r e  then in- 
put t o  t h e  TOMCAT code i n  t h e  usua l  manner, wi th  t h e  body c i r c u i t s  comprising 
the  e n t i r e  t o p  and bottom s i d e s  of t h e  rec tangu la r  transformed p lane  and one 
h a l f  of t h e  smal l  o u t e r  boundary c i r c l e  appearing on a por t ion  of t h e  l e f t  and 
r i g h t  s i d e s .  The r e s u l t  of t h e  TOMCAT code, i n  t h e  form of 5 and n l i n e s  
drawn i n  t h e  x' - y' p lane,  is shown i n  f i g .  5 f o r  a wing-slat .  
The i n v e r s e  a n a l y t i c  t ransformat ion,  Z = - back t o  t h e  x - y plane then 2' ' 
produces coord ina te  l i n e s  of constant  5 and r~ i n  t h e  x - y plane a s  shown i n  
f i g s .  6-8, t h e  second f i g u r e  being an expanded view of t h e  s l o t  region.  A s i m i -  
l a r  coord ina te  system f o r  a l ead ing  edge s l a t  conf igura t ion  is  shown i n  f i g s .  
9&10. 
INCOMPRESSIBLE SOLUTION 
' l ~ i e  incompressible s o l u t i o n  is  w r i t t e n  i n  t h e  p r i m i t i v e  v a r i a b l e  formula- 
t i o n ,  and some d e s c r i p t i o n  has been given i n  re fe rence  3. The s o l u t i o n  is 
completely i m p l i c i t ,  so  t h a t  a l l  equat ions  a r e  solved s imul tsneously  a t  each 
time s t e p .  The cons t ruc t ion  e s s e n t i a l l y  p a r a l l e l s  t h a t  desc r ibed  f o r  t h e  com- 
p r e s s i b l e  s o l u t i o n  i n  t h e  next  s e c t i o n ,  wi th  t h e  except ion t h a t  t h e  Poisson 
equat ion f o r  t h e  p ressure  has  no time d e r i v a t i v e ,  of course .  On t h e  a i r f o i l  
su r face ,  t h e  p ressure  is determined by i t e r a t i v e l y  a d j u s t i n g  t h e  p ressure  a t  
each po in t  on t h e  s u r f a c e  i n  propor t ion t o  t h e  divergence of t h e  v e l o c i t y  a t  
the  same po in t ,  so  t h a t  upon coal ergence the  c o n t i n u i t y  equat ion is smtisf  ied  
on t h e  a i r f o i l .  s u r f a c e  ( r e f .  3 ) .  
This code has been w r i t t e n  with g r e a t  g e n e r a l i t y ,  so  t h a t  i t  can s e r v e  a s  
a resea rch  t o o l  wi th  which d i f f e r e n t  numerical r e p r e s e n t a t i o n s  can beeva lua ted .  
The following f e a t u r e s  can be s e l e c t e d  simply by input  op t ions  without changing 
the  code: 
2-point c e n t r a i  convective der iva t ives  
6-point c e n t r a l  convective de r iva t ives  
2-point upwind convective de r iva t ives  
3-point upwind convective de r iva t ives  
4-point c ross  de r iva t ives  
7-point c ros s  de r iva t ives  
product-of-average nonl inear  terme 
average-of-product nonl inear  t e r b  
f u l l y  nonlinear 
second-order l i n e a r i z a t i o n  
conservat ive f  o m  
noncom erva t ive  f  o m  
time-dependea: form 
steady-state  form 
Input opt ions can a l s o  s e l e c t  s eve ra l  s t a r t i n g  procedures as follows: 
(a) Impulsive s t a r t  from .rest 
(b) Impulsive s t a r t  from p o t e n t i a l  flow 
(c) Accelerating start from r e s t  
(d) Decreasing penetrat ion s t a r t  
(e) Increasing Reynolds number s t a r t  
The pressure boundary condi t ion can be se lec ted  a s  from the  cont inu i ty  
equation a s  discussed above o r  from t h e  normal momentum equation appl ied on the  
body. These boundary condi t ions can be e i t h e r  f i r s t  o r  second order ,  Th6 time 
de r iva t ive  can be  e i t h e r  f i r s t  o r  second order ,  and f i r s t  o r  second-order pro- 
j ec t i on  can be used f o r  t h e  i n i t i a l  guess f o r  the  i t e r a t i o n  a t  each time s t e p  
i f  desired.  Diffusion based on the  change between time s t e p s  can be ac t iva ted  
i f  de; i red,  a s  can be flux-corrected t ranspor t  o r  a two c e l l  wave length f i l t e r .  
The code a l s o  contains  t h e  following choices of i t e r a t i o n  scheme, with 
s e l ec t i on  by input option: 
(a) point  SOR with conputed acce l e r a t i on  parameters 
(b) l i n e  SOR, e i t h e r  rows o r  columns 
( 4  AD1 
(d) Stone s t rongly  imp l i c i t  
The point  SOR i t e r a t i o n  uses a va r i ab l e  acce l e r a t i on  parameter f i e l d ,  t h e  
parameter a t  each point  being cont inual ly  adjusted t o  be equal t o  the l o c a l l y  
l inear ized  optimum, This f ea tu re  is important a t  high Reynolds number s ince  
t he  optimum acce le ra t ion  parameter depends on both t h e  l oca l  ve loc i ty  and the  
mesh spacing. F ina l ly ,  a multi-grid i t e r a t i o n  form of t h i s  same code has been 
wr i t ten ,  and three va r i a t i ons  of the  multi-grid algorithm a r e  now under study. 
These codes t r e a t  the full .  incompressible Navier-Stokes equations f o r  any 
numbor of mult iple  bodies and thus can handle a l l  configurat ions produced by 
the  TOMCAL coordinate  code. Experimentation is  now i n  progress wjth a l l  these  
opt ions a t  high Reynolds number. 
The incompressible Navier-Stakes so lu t ion  ha& a l s o  been wr i t t en  i n  the 
vort ic i ty-s t ream funct ion formulation ( r e f .  6) and i n  the  in tcgro-d i f fe ren t ia l  
(vort ic i ty-veloci ty)  fonnttlation ( r e f .  91, a s  wel l  a s  t he  pr imi t ive  va r i ab l e  
formu1atio.n discussed above, Resul ts  f o r  flow about NACA s i n g l e  symmetric and 
&series a i r f o i l s  a t  high Reynolds number ( lo6)  have been obtained. These 
high Reynolds number r e s u l t s ,  however, p r ed i c t  drag t h a t  is  .,out twice t h e  
experimental value,  ind ica t ing  t h e  need f o r  f u r t h e r  development. 
Some typ i ca l  r e s u l t s  a8 descr ihed . inre f .  9 a r e  shown i n  f i gu re s  11-13 
f o r  a Reynolds number of lo6. Some lower Reynolds number r e s u l t s  f o r  a mul- 
t i p l e  a i r f o i l  a r e  shown i n  f i g s .  14-16. 





b. The compressible so lu t ion  is based on th2 f u l l  Navier-Stokes equctions i n  
F f u l l y  conservat ive form i n  t h e  transformed coordinates.  A t  t he  i n t e r i o r  f i e l d  points ,  a second-order backward time, c e n t r a l  space scheme is used t o  represent  
the d i f f e r e n t i a l  equations. Along the  body surface,  t he  cont inu i ty  equation is  
represented using second-order, one-sided space d i f fe rences .  
Turbulence Model 
The compressible code a 1  s o  includes an a lgebra ic  two-layer turbulent  eddy 
v i scos i t y  model a s  used i n  reference 10 (termed Model 3 t he re in ) .  
The compressible code is  s t i l l  under development, but preliminary r e s u l t s  
a r e  sho'wn i n  f igs .  17-21 for a NACA 0018 a i r f o i l  a t  5' angle  of a t t ack ,  Mach 
number of 0.9, Reynolds number of 20,000, and sur face  temperature of 0.8. 
The Mach contour8 i n  f i gu re  18 show a r a t h e r  d i f f u s e  shoclk and the  th ick  
boundary l a y e r ' r e s u l t i n g  from the  somewhat low Reynolds number. The ve loc i ty  
vec tors  of f igure.19 ind i ca t e  separa t ion  on t h e  upper sur face ,  The peak i n  
the dens i ty  p r o f i l e s  ahead of  and behind t h e  a i r f o i l  ( f i g .  21 ) a r e  compression 
and expansion waves r e su l t i ng  from the  impulsive s t a r t  from incompressible 
po t en t i a l  flow. 
CONCLUDING REMARKS 
Both the  incompressible and compressible so lu t ions  a r e  s t i l l  under devel- 
opment. .The search a l s o  continues f o r  t h e  most appropriate  multi-element 
coordinate configurat ions.  A s  noted, a wide v a r i e t y  of r~umerical procedures 
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1 Subscripts I E 5 Denotes Differentiation with Respect to 5 $ rl Denotes Differentiation with Respect to rl 
r I- 
x Denotes Differentiation with Respect to x t 
f y  Denotes Differentiation with Respect to y t 
t Denotes Differentiation with Respect to t 
I 6 Denotes Value at Edge of Boundary Layer 1 : J Denotes Value at Outer Boundary 
I 
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Figure 1.- Wing-flap coordinate system. Original iOMCAT form. 
Figure 2.-  Wing-flap coordinate system. Poor spacing in concave regiun. 
Figure 3.- Modified NACA 643-418 wing f lap.  
Figure 4. - Transformed modified wing-flap configuration. 
Figure 5 . -  Coordinate l ines  i n  transformed plane for wing s l a t .  
2 
0 
Figure 6 . -  Rectangular computational plane for wing flap. 
Figure 7 .  - Wing-f lap coordinate sys  tem. 
Figure 8. - Expanded view of wing-f lap coordinate system. 
Figure 9 . -  Wing-slat coordinate system. 
Figure 10.-  Expanded view of  wing-slat  coordinate sys  tern. 
Figure 11.- Coordinate system of NACA 0018 a i r f o i l .  R = 1,000,000. 
Figure 12.- Velocity vector f i e l d  of NACA 0018 a i r f o i l .  R = 1,000,000; 
0 = OO; T = 2 . 2 5 .  
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Figure 13.- Velocity vector f i e l d  of NACA 0018 a i r f o i l .  Leading- and 
trailing-edge dz ta i l s ;  R = 1,000,000; 8 = OO; T = 2 . 2 5 .  
Figure 14. - Multiple a i r f o i l .  
-. 
- - ..-. _ 
I - .  - - - ----. 
R ~ l ~ , T = O . O l m d 1 . 1  
Figure 15.- S lo t  de ta i l  of mult2ple a i r f o i l .  
Figure 16 .- Aft trailing-edge deta i l  of multiple a i r f o i l .  
Figure 17.- Coordinate system of NACA 0018 a i r f o i l .  R = 20,000. 
CONTOUR INTERVAL : 0.05 
Figure 18.- Mach contour*. M- = 0.9:  R = 20.000; 9 = 5'; T = 1.277. 
(a) Trailing edge. 
(b) Leading edge. 
Figure 19.- Velocity vectors.  M, - 0 .9 ;  R - 20,000; 8 = 5'; T - 1 . 2 7 7 .  
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Figure 20 .- Surf ace pressure. 
Figure 21.- Density forward of leading edge, 
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I , INTRODUCTION 
.This  paper descr ibes  the  d t i p h a s e  e f f o r t  i n  t he  development of t o o l s  
f a r  t he  ana lys is  and design of two-element a i r f o i l  Systems -- t h a t  is, air- 
f o i l s  with a s l a t  o r  a f l a p  a t  t ransonic speeds. The f i r s t  phase involved 
t h e  development of a method t o  compute t h e  inv isc id  flow over such configura- 
t ions.  In  the  second phase the  inv isc id  code was coupled t o  a boundary l aye r  
ca lcu la t ion  program i n  order  t o  compute the  l o s s  i n  performance due t o  
viscous e f f ec t s .  I n  the  t h i r d  phase, which i s  cur ren t ly  i n  progress,  an  
inverse code t h a t  constructs  t h e  a i r f o i l  system corresponding t o  a des i red  
pressure d i s t r i bu t ion  is t o  be developed. The symbols a r e  defined i n  an 
appendix. 
't 
I TWD-ELEMENT AIRFOIL ANALYSIS 
t The methodology used t o  compute t h e  inv isc id  flow over two-element a i r f o i l  
L systems has been described i n  previous r epo r t s  ( re f .  1-3). It w i l l  be 
I summarized here only br ie f ly .  The flow f i e l d  over such configurat ions is  obtained by mapping t h e  doubly connected physical domain i n t o  an annulus. The transformation i t s e l f  follows from the  work of Ives  ( re f .  4), and i t  is  the  r e s u l t  of f i v e  sequent ial  mappings. The f i r s t ,  a Karmap-Trefftz t rans-  t formation, opens up the  main a i r f o i l  i n t o  a r.ear c i r c l e ;  t h e  second turns  the  near c i r c l e  i n t o  a perfec t  one. Then the second a i r f o i l  i s  opened up and 
f t ransfer red  t o  t he  i n t e r i o r  of the  main c i r c l e .  Final ly ,  the  second f o i l  
! is mapped i n t o  a c i r c l e  while managing t o  r e t a i n  the  shape of the  f i r s t  c i r c l e .  
1 With t h i s  transformation the  e n t i r e  physical space +-s mapped i n t o  the  annular 
L 1 region between the two c i r c l e s  with i n f i n i t y  becoming a s i n g l e  poin t  betr en 
them. 
i 
The governing equations f o r  the  inviscid,  i r . .  L , t i ona l  compressible flow 
a r e  wr i t ten  i n  t h i s  computatianal domain using the  metric of the mapping. A 
potent ia l  function is then introduced t o  reduce the  number of equations t o  one. 
The mapping introduces several  s i n g u l a r i t i e s  i n  the  po ten t i a l  equation, but 
s ince  the  mapping is  ana ly t i c  and the  transformation is known everywhere, the 
s i n g u l a r i t i e s  can be removed ana ly t i ca l ly .  The metr ic  of the transformation 
is thus normalized with i ts value a t  t he  infin!.ty point ,  and terms corresponding 
* T h i ~  work was supported by t he  Office of Naval Research through Contract 
NO. N00014-75-C-C722 
t o  the  f r e e  stream and the  c i r cu l a to ry  flows around each element a r e  
subtracted from the  poteo t ia l  f u x t i o n .  The r e s u l t  is a second-order p a r t i a l  
d i f f s r e n t i a l  equation f o r  a reduced po ten t i a l  function, whic11 is continuous 
and single-valued everywhere. A s  usual  i n  t ransonic flow problems the equation 
is of mixed type and is solved numerically. The boundary condit ions imposed 
are, of course, that the  normal component of ve loc i ty  be zero a t  each surface.  
The equation contains  tw . i r cu l a t ion  constants  t h a t  a r e  evaluated by 
applying the  Kut t a  condition a t  each t r a i l i n g  edge. 
I n  t h e  computational domain a simple polar  coordinate system emanating 
from the  cen te r  of t he  annulus automatically generates  an  orthogonal g r id  
i n  which both a i r f o i l s  l i e  along g r i d  l i n e s .  An accurate  appl ica t ion  of t h e  
boundary condit ions is then made i n  a r e l a t i v e l y  s t raightforward manner. A s  
described i n  reference 2, an addi t iona l  s t r e t ch ing  is used t o  concentrate  
poin ts  near  t h e  leading and t r a i l i n g  edges of both elements and to  p lace  both 
t r a i l i n g  edge poin ts  and t h e  poin t  of i n f i n i t y  exact ly a t  g r i d  points .  The 
numerical procedure employs standard re laxa t ion  techniques along with a non- 
conservative, type-dependent , ro ta ted  d i f fe rence  scheme. To make sure  t h a t  
t he  f i e l d  is  never swept at  more than 90° from t h e  s t reamline d i r ec t ion ,  t h e  
computational domain i s  divided i n t o  four regions along the  r i n g  going through 
the  i n f i n i t y  point ,  a s  shown i n  f i gu re  1, and then the  region over each 
of t he  a i r f o i l  sur faces  is swept from the leading edge t o  t he  t r a i l i n g  edge. 
Figure 2 shows a typ ica l  computational g r i d  a s  i t  appears i n  t h e  physical  
plane. The appropriate  high l e v e l  of concentration of mesh po in t s  is obtained 
near  t he  leading and t r a i l i n g  edges and i n  the  gap. 
The cor~f igura t ion  shown i n  f i gu re  2 is a c l a s s i c  one, and the  r e s u l t s  of 
a computation f o r  a Mach number of 0.6 and an angle of a t t a c k  of 6' are given 
in Figure 3. Very l a rge  supersonic regions can be seen t o  be present  on both 
elements. These a r e  evident i n  f i gu re  4, which g ives  the  sonic  l i n e  along 
with some computed streamlines.  
Transonic da ta  f o r  two-element a i r f o i l  systems a r e  scarce, and there  a r e  
l i t t l e  da t a  a t  any speed where viscous e f f e c t s  a r e  negl igible .  However, da t a  
recent ly  made ava i l ab l e  by the  David Taylor Research and Development Center 
have made possible  the  v e r i f i c a t i o n  of the r e s u l t s  of the  method. The 
a i r f o i l - s l a t  combination shown in  fig,lre 5 was designed f o r  low-speed 
appl ica t ion  on a c i r cu l a t ion  cont ro l  wing. The unconventional back end of 
the  main a i r f o i l  was designed t o  operate  a s  a Coanda j e t .  A j e t  of high 
ve loc i ty  a i r  is e jec ted  tangent ia l ly  along the  upper sur face  near the t r a i l i n g  
edge of the main a i r f o i l .  The j e t  wraps around the  rounded t r a i l i n g  edge 
en t ra in ing  the  outer  flow. The r e s u l t  is an a i r f o i l  system with a very 
high c i rcu la t ion .  The s l a t  is deployed t o  prevent flow separat ion near the  
leading edge of the main component. The case shown i n  f i gu re  5 is f o r  a low 
Mach number, an angle of a t t a c k  of 12O, and zero blowing. Because of the 
small amount of a f t  loading, viscous e f f e c t s  on the main a i r f o i l  a r e  small 
and because of the high angle of a t t a c k  there i s  very l i t t l e  separat ion on 
the s l a t .  A s  a r e s u l t  there is very good agreement between the computations 
and the experimental data.  Leading edge expansions a r e  predicted co r r ec t ly  
on both elements. The only discrepancy is on the lower surface of the  s l a t  
where a small separat ion bubble is  l i k e l y  t o  e x i s t .  The l i f t  coe f f i c i en t  on 
t h i s  configuration is  1.83. 
. ! Blowing can be simulated i n  t h e  computational method by s h i f t i n g  the  r e a r  t 
I s tagnat ion point  on t h e  main a i r f o i l  away from its geometricdl l oca t ion  toward j 
i 4 the  lower surface, as seen i n  f l g u r e  6. The loca t ion  i t s e l f  is  chosen t o  match I the  circcls l t ion around t h e  main a i r f o i l .  The s t reamline p a t t e r n  i n  f i gu re  6 1 
i has been computed f o r  a n  angle of a t t a c k  of 4.6' and a moderate amount of 1 
blowing. I n  t h i s  case the  slat i s  p r a c t i c a l l y  al igned with t h e  oncoming 
flow. The computed pressure coe f f i c i en t  d i s t r i b u t i o n  and ",he experimental 
da t a  are compared i n  f i g u x  7. Agreement i n  t h i s  case is even be t t e r .  Now 
the re  is no flow separat ion on t h e  lower surface of  t h e  s l a t ,  and t h e r e  is 
good agreement i n  t h i s  region also.  Leading edge peaks a r e  c o r r e c t l y  predicted 
and t h e  l a r g e  expansion near  t h e  t r a i l i n g  edge of t h e  main component 
corresponding t o  t h e  Coancla jet is a 1 s o . h  agreement. The l i f t  coe f f i c i en t  
i n  t h i s  case  is 4.70. 
Unfortunately, no t  a l l  a i r f o i l  systems are as f r e e  of viscous e f f e c t s  
a s  t h i s  one. Therefore, t he  inv i sc id  code has been coupled t o  a boundary 
l aye r  program t o  account f o r  viscous e f f e c t s  as described i n  reference 3. 
Consideration is present ly '  l imi ted  t o  a i r f o i l  systems whose boundary l a y e r s  
do not  merge hut develop independently on each of t he  two a i r f o i l s .  Boundary 
l ave r  growth is computed using standard laminar and turbulen t  boundary l a y e r  
methods. Transi t ion poin ts  a r e  e i t h e r  input o r  determined from empir ical  
c r i t e r i a ,  and checks a r e  made f o r  sho r t  and long bubble laminar separat ion.  
The presence of the  boundary layer  is accounted f o r  i n  t he  ou te r  rnvisc id  f2ow 
by employing a sur face  source flow formulation f o r  t he  boundary condit ions 
a s  described by L i g h t t i l l  (reference 5). The viscous flow over t h e  a i r f o i l  
system is then computed by solving i t e r a t i v e l y  f o r  t he  ou te r  i nv i sc id  flow 
and t h e  boundary l a y e r  i n  a self-consis tent  fashion. A t  shock waves the  
computed pressure is  smearod over a few mesh poin ts  and a t  the  t r a i l i n g  edges 
the  displacement thickness  is extrapolated from upstream. Since separat ion 
is a frequent problem in multielement a i r f o i l  systems, a crude eeparated 
flow model has been incorporated i n t o  t h e  program t o  enable i t  t o  run t o  
completion. However, r e s u l t s  i n  cases  where the model is implemented a r e  
not necessar i ly  accurate.  
Resul ts  of computations with the  viscous program a r e  c o ~ p a r e d  i n  f i gu re  
8 with experimental da ta  obtained on another s l a t  configurat ion t e s t ed  a t  a 
Mach number of 0.049, and angle of a t t a c k  of 4.6', and a Reynolds number of 
20 mil l ion.  The agreement on the  s l a t  is  not  very good, but turbulent  
separat ion was predicted on the lower surface, The trend i n  t he  pressure 
is, however, cor rec t ,  and t h e  measured t r a i l i n g  edge pressure value is q u i t e  
c lose  to  t h e  predicted value. Because of the  slenderness of the  s l a t ,  
separat ion on t h i s  element has l i t t l e  e f f e c t  on the  main a i r f o i l 1  ,Agreement 
here is much b e t t e r  both on the  upper and on the  lower surface. I n  pa r t i cu l a r ,  
the theory co r r ec t ly  p red ic t s  the  mul t ip le  peaks i n  t he  pressures  t h a t  have i> 
been measured near the  leading edge. The flow acce l e ra t e s  t o  supersonic 
ve loc i t i e s ,  goes through a shock, and then quickly reacce lera tes  t o  supersdnic 
speeds. This pa t t e rn  is seen more c l e a r l y  i n  f i gu re  9 where some computed 
I Mach l i n e  contours f o r  t h i s  case a r e  shown. To be noted a r e  the  supersonic 
region spanning the e n t i r e  gap with the e x i t  of the  s l o t  e s s e n t i a l l y  sonic 
and the  sonic  bubble j u s t  behind it. 
DESIGN OF TWO-ELEMENT AIRFOIL SYSTEMS 
An ana lys is  program can be of g r e a t  help in the design of new a i r f o i l  
configurations,  but even so  t h e  a n a l y t i c a l  design could be a long process. 
The program would have t o  be run repeatedly wi th  many contour modif icat ions 
t o  achieve. the  des i red  flow cha rac t e r i s t i c s .  A computer program which could 
solve t h e  inverse.  problem would indeed .be valuable. An inverse program is 
one t h a t  generates  t h e  a i r f o i l  system t h a t  corresponds t o  a given pressure  o r  
ve loc i ty  d is t rkbut ion .  The development of such a ?rogram is cu r ren t ly  under- 
way. The approach t o  t h e  inverse  problem is t h a t  described by Tranen i n  
reference 6 f o r  t h e  s ing le  a i r f o i l  design. The method c o n s i s t s  of prescr ib ing  
a desired ve loc i ty  d i s t r i b u t i o n  on a s t a r t i n g  a i r f o i l  system. The input  
v e l o c i t i e s  a r e  in tegra ted  on each of t h e  two a i r f o i l  surfaces t o  g e t  the  
po ten t i a l  on t h e  boundaries of t h e  computational domain. The Di r i ch l e t  
problem i n  the  annulus is then solved and the  normal component of ve loc i ty  
on the boundaries is  computed. The boundaries are n o t  necessar i ly  stream- 
l i n e s  now, but  t he  computed normal v e l o c i t i e s  a t  t h e  boundaries can be used 
t o  f i nd  nearby s treamlines which are taken t o  be sought-after contours.  This  
procedure is repeated u n t i l  t he  normal ve loc i ty  a t  t he  boundaries is  driven 
t o  zero. But convergence is very f a s t .  I n  t he  s ing le  a i r f o i l  design three  
o r  four  iteratims a r e  usua l ly  su f f i c i en t .  Of course, one could e l e c t  t o  
design only one a i r f o i l  element o r  pieces of one o r  of both elements. I n  
such cases  a mixed boundary value problem needs t o  be solved, but t h i s  does 
not  e n t a i l  any addi t iona l  numerical d i f f i c u l t i e s .  
A d i f f i c u l t y  with a i r f o i l  design is that no f u l l  so lu t ion  of t h e  inverse 
problem has ever been given, even f o r  t he  case of incompressible flow over a 
s ing le  a i r f o i l .  The problem a r i s e s  because there  is  rho assurance t h a t  a 
physical ly  acceptable a i r f o i l  shape w i l l  follow from an a r b i t r a r i l y  prescribed 
pressure d i s t r i bu t ion .  For a given sur lace  pressure d i s t r i b u t i o n  an  a i r f o i l  
w i l l  genera l ly  not  c lose  a t  t he  t r a i l i n g  edge and the upper and lower sur faces  
may in t e r sec t .  Provisions have t o  be mkde t o  allow the  achievable pressure 
d i s t r i b u t i o n  to  vary somewhat from t h e  i n i t i a l l y  prescribed values t o  obta in  
closure.  Also it is probably t rue  that i f  we wish t o  design both a i r f o i l  
elements completely one w i l l  not be ab le  t o  specify the pressure d i s t r i b u t i o n  
on one element without taking i n t o  account t he  e f f e c t  on t h i s  element due to  
t he  flow c h a r a c t e r i s t i c s  required on the  second element. But t h i s  s i t u a t i o n  
shoulpl not a r i s e  of ten  i n  p rac t i ce  though. More l i k e l y  w i l l  be the problem 
of redesigning only one of the a i r f o i l s  or ,  even more commonly, only pieces 
of one element. This br ings about the t h i r d  type of design problem t o  be 
considered. I n  t h e  cava of a mixed design there  a r e  some r egu la r i t y  
condit ions t h a t  must be s a t i s f i e d  a t  the  point.where one switches from a 
geometry t o  a ve loc i ty  boundary condition. This  problem, a e  the t r a i l i n g  
edge closure problem, is  not unique t o  t he  two-element design, but is  a l s o  
present i n  t he  s i n g l e  a i r f o i l  design. It has not  been d e a l t  with s a t i s f a c -  
t o r i l y  even i n  t h i s  case. 
CONCLUDING REMARKS 
Beyond completion of the inverse code there are additional tasks that 
need to be undertaken to make the tonls more useful to the designer. Melnik 
et al. have recently developed a more rational model for the viscous tralling 
edge. Its implementation in the analysis would certainly be an improvement. 
Also the viscous analysis code would have to be generalized to take into 
account the possibility of the boundary layers and/or wakes from the two 
elements merging as might be the case where the two elements are very closely 
spaced. In the design problem the desirable characteristics of a pressure 
distribution need to be determined. Clearly one wants shocks to be weak and 
to eliminate, or at least reduce, boundary layer separation. A bit harder to 
determine is what to design for, or try to achieve, on the surfaces along the 
slot between the two airfoils. Experimental data would serve as a useful 
guideline in this task. Shortcomings of previous designs and discrepancies 
between data and theory can give useful indications on which are the desirable 
pressure characteristics and which are the undesirable ones. 
APPEIJDIX 
SYMBOLS 




free-stream Mach number 
radial direction in annular domain 
radius of inner ring corresponding to secondary airfoil in annular domain 
Reynolds number 
augle of attack 
azimuthal direction in annular domain 
REFERENCES 
Grossman, B, and Melnik, R.E., "The Numerical Computation of t h e  
Transonic Flow Over Two-Elenhent !Airfoi l  Systems," Proceedings of t he  
F i f t h  In terna t ional  Conference on Numerical Methods i n  Fluid Mechanics, 
Springer-Verlag, pp. 220-237, June 1976. 
Grossman, B. and Volpe, G., "An Analysis of the  Inviscid Transonic 
Flow Over Two-Element A i r f o i l  Systems ,I1 Off i c e  of Naval Research 
Report ONR-CR215-241-1, June 1977. 
Grossman, B, and Volpe, G., "The Viscous Transonic Flow Over Two-Element 
A i r f o i l  Systems," AIAA paper 77-688, June 1977. 
Ives,  D.C., "A Modem Look a t  Conformal. Mapping, Including Doubly 
Connected Regions," A M  Paper 75-842, June 1975. 
5. L igh th i l l ,  M. J., "On Displacement Thickness," J. Fluid Mech. vol.  4, 
pp. 383-392, 1958. 
6. Tranen, T.L., "A Rapid Computer Aided Transonic A i r f o i l  Design Method," 
AIAA paper no. 74-501, June 1974. 
7. Melnik, R.E., Chow, R., and Mead, H.R., " ~ h e o r y  of Viscous Transonic 
Flow Over A i r f o i l s  a t  High Reynolds Number," AIAA Paper 77-680, 
June 1977. 
-- ---- ---- - 
A LA-- 
.-. A. .- 
-..- * - t .L 
r = R  
ANNULAR DOMAIN 
Figure 1.- Coordinate grid. 
Figure 2.- Coordinate grid. Clark Y a i r f o i l ;  
30 percent Maxwell s la t ;  10 percent gap. 
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Figure 3.- Clark Y a i r f o i l  with 30 percent Maxwell s l a t ,  
Moo = 0 . 6 ;  a = 6 " .  
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Figure 4 . -  Computed streamlines for Clark Y a i r f o i l  with 30 percent 
Maxwell s l a t .  Mm = 0 . 6 ;  a - 6". 
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Figure 5 . -  Computed and experimental surface pressures on a CCGJ a ir fo i l .  
with 25" s l a t .  M- - 0.1; a = 12"; Cp = 0.  
Figure 6 . -  Computed streamlines, CCW a i f o i l  with 25' s l a t ;  
Mm - 0.1; u = 4 . 6 ' ;  C,, = 0.1285. 
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Figure 7.- Computed and experimental surface pressures on a CCW 
airfoil with 25' slat. Mm = 0.1; a = 4.6'; CP = 0.1285. 
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Figure 8.- Computed and experimental surface pressures on an 
NACA 64A406 airfoil with 7.8A slat. 
Figure 9.- Computed Mech number ccntours. NACA 64A406 a i r f o i l  
with 7.8A s l a t ;  Moo = 0.649; a = 4.6' .  
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Mcilonnell Douglas Corporation 
The coupl ing of  t h e  combined source-vortex d i s t r i b u t i o n  of Green's poten- 
t i a l  flow func t ion  w i t h  contemporary r~umer ica l  techniques  is  shown t o  provide  
accura te ,  e f f i c i e n t ,  and stehle s o l u t h n s  t o  subsonic  i n v i s c i d  a n a l y s i s  and 
des ign p r o b l e m  for z u ~ t i - e l e m e n t  a i r f o i l s .  The a n a l y s i s  problem is solved by 
d i r e c t  c a l c u l a t i o n  of  t h e  s u r f a c e  s i n g u l a r i t y  d i s t r i b u t i o n  requ i red  t o  s a t i s f y  
the  flow tangency boundary cond i t ion .  The des ign  o r  inverse  problem is  solved 
by an i t e r a t i r ' l .  process .  I n  t h i s  p rocess ,  t h e  geoaetry axLd the  a s s o c i a t e d  
p r e s s u r e  d i s t r i b u t i o n  are i t e r a t e d  u n t i l  che p ressure  d i s t r i b u t i o n  most n e a l l y  T 
corresponding t o  the  p resc r ibed  des ign d i s t r i b u t i o n  i s  obta ined.  Typ ica l ly ,  
f i v e  i t e r l t i o n  c y c l e s  a r e  r equ i red  :or convergence. A d e s c r i p t i o n  of  t h e  
a n a l y s i s  and des ign method i s  presented,  a long wi th  suppor t ing  examples. 
INTRODUCTION 
The s u r f a c e  panel  method philosophy f o r  s o l v i n g  a r b i t r a r y  incompressible 
p o t e n t i a l  flow problems invo lves  t h e  mating of  c l a s s i c a l  p o t e n t i a l  theory w i t h  
contemporary cumerical  techniques.  C l a s s i c a l  theory is used t o  reduce an 
a r b i t r a r y  flow problem t o  a  s u r f a c e  i n t e g r a l  equat ion r e l a t i n g  bouildary condi- 
t i o n s  t o  an unknown s i n g u l a r i t y  d i s t r i b u t i o n  (Reference l) .The contemporary 
numerical  technique., a r e  then used t o  c a l c u l a t e  an hpproximate s o l u t i o n  t o  t h e  
i n t e g r a l  equa t ion  (References 2-14). 
p roper ly  formulated s u r f a c e  panel  methods a r e  e x a c t  i n  the  sense  t h a t  
t h e  d i f f e r e n c e  between t h e  approximate numerical  s o l u t i o n  and the  exac t  solu- 
t i o n  t o  t h e  i n t e g r a l  equat ion can be made a r b i t r a r i l y  smal l  a t  t h e  expense of  
i n c r e a s i n g  the  number of  con~puta t ions .  This does no t  imply t h a t  a l l  panel  
methods a r e  equa l ly  success fu l .  Indeed, v a s t  d i f f e r e n c e s  e x i s t  wi th  r e s p e c t  
t o  p r e d i c t i o n  accuracy ve r sus  computational  e f f o r t ,  r e l i a b i l i t y ,  s i m p l i c i t y ,  
and a p p l i c a b i l i t y  t o  an i n v e r s e  s o l u t i o n  mode f o r  des ign problems. 
The major d i s t i n g u i s h i n g  c h a r a c t e r i s t i c s  of panel  methods a r e  dep ic ted  i n  
Figure 1. For the  s p e c i a l  case  of two-dimensional flow, n e a r l y  a l l  the  pos- 
s i b l e  combinations of  Figure 1 have been formulated and t e s t e d  a t  WcDonnell 
A i r c r a f t  Company (MCAIR). The most s u c c e s s f u l  of t h e  t e s t e d  f o r m c ~ a t i o n s  was 
s e l e c t e d  a s  t h e  foundat ion f o r  the  MCAIR Multi-Element A i r  f o i l  Analys is  and 
Design Computer Program, h e r e i n  a f t e r  des ignated the  MCAIR A i r f o i l  Program. 
The a n a l y s i s  ( d i r e c t )  mode c a l c u l a t e s  t h e  v e l o c i t y  d i s t r i b u t i o n  of an a rb i -  
t r a r y  air£(  il geometry, whereas the  des ign ( i n v e r s e )  mode i t e r a t e s  t o  genera te  
the  geometrf most n e a r l y  corresponding t o  a  p resc r ibed  s u r f a c e  v e l o c i t y  d i s t r i -  
but ion.  Unusually r a p i d  and c o n s i s t z n t  convergence is  obta ined because the  
i n v e r s e  a lgor i thm i n c l ~ d e s  a l l  t h e  f i r s t  o r d e r  terms i n  the  r e l a t i o n s h i p  be- 
tween a r b i t r a r y  geometry and v ~ l o c i t y  pe r tu rba t ions .  8 
This paper p r e s e n t s  '.background theory,  t h e  formulat ion,  and 
t i v e  numerical s o l u t i o n s  f o r  t h e  MCAIR A i r f o i l  Program. 
NOMENCLATURE 
A i r f o i l  l i f t  c o e f f i c i e n t  
v 2 P ressure  c o e f f i c i e n t  (1 - (ii-1 1 
Unit  normal v e c t o r  t o  a boundary 
Flow v e l o c i t y  
Vortex d e n s i t y  
Doublet d e n s i t y  
Source Density 
External  ( f l u i d )  s i d e  of a boundary 
I n t e r n a l  s i d e  of  a boundary 
Normal component 
Tangential  component 
Free s t ream cond i t ions  
representa-  
SURFACE SINGULARITY THEORY 
Any three-dimensional, incompressible,  p o t e n t i a l  f low f i e l d  can be  con- 
s ide red  t o  be induced by a s u i t a b l e  d i s t r i b u t i o n  of source  and double t  singu- 
l a r ~ t y  d e n s i t i e s  on flow boundary s u r f a c e s  (Reference 1 ) .  It is us%lly  con- 
venient  to  t r e a t  the  flow f i e l d  as the  sum of s uniform f r e e  s t ream V, p l u s  a 
d i s tu rbance  p o t e n t ~ a l  f i e l d  a ~ s o c i a t e d  wi th  the  presenze of t h e  body (Figure  
2 ) .  Then the  t o t a l  v e l o c i t y  V a t  any f i e l d  po in t  can be expressed a s  
where 4 is the  p o t e n t i a l  of the  d i s tu rbance  f i e l d .  
The value  of @ a t  a n  a r b i t r a r y  f i e l d  p o i n t  P can be expressed i n  t h e  
following form: 
I 
t. where d s  is a d i f f e r e n t i a l  area element a t  a r b i t r a r y  sur face  point  Q of  the  
body; r is the  d i s tance  t o  point  P; n is the d i s tance  measured along an a x i s  
! normal t o  t he  body sur face  a t  Q, pos i t i ve  outward; and a and a r e  functions 
of loca t ion  on the body sur face ,  i.e., funct ions of Q. a and p a r e  respect ive-  
i l y  the  source and daublet dens i t i es ,  
For two-dimensional flow, i t  is general ly  more convenient t o  use vortex 
s i n g u l a r i t i e s  in place of doublets. As is proved i n  Reference 4, a sur face  
doublet d i s t r i b u t i o n  of dens i ty  v can be  repl3cea by an  equivalent  vortex 
d i s t r i b u t i o n  where the  vortex dens i ty  vector  y s a t i s f i e s  t h e  following equa- 
t i o n  a t  each sur face  point:  
: is the  l o c a l  un i t  normal vector  point ing i c t o  the  flow f i e ld .  
1 It is noteworthy t h a t  there  is no l i m i t  : . IJ  the  number of d i f f e r e n t  solu- 
t i on  source - vortex d i s t r i b u t i o n s  correspondlna t o  any given flow f i e ld .  The 
theo re t i ca l  d i s t i n c t i o n  between t h e  d i f f e r e n t  d i s t r i b u t i o n s  is bes t  i l l u s -  
I t r a t e d  by examining the  imaginary flow f i e l d  i n t e rna l  t o  t h e  boundaries (Fig- 
ure  3). Consider two-dimensional flow. The d iscont inu i ty  across  any sur f  ace 
L 
shee t  of sources and Sor t ices  can be expressed as follows: 
where a and y a r e  the l oca l  source and vortex dens i t ies .  For s o l i d  body bound- 
a ry  condi t ions ( V N ~  = 0),  Equation (4) ind ica tes  t h a t  a vortex-only so lu t ion  
I w i l l  correspond to  VNI = 0 a t  every i n t e r n a l  boundary point. The unique in- 
1 t e r n a l  flow f i e l d  generated by zero normal ve1ocit.y boundary condi t ions is, 
I of course, stagnation. Then Equation (5) ind ica tes  t h a t  V T ~  = y everywhere 
on the  e x t e n ~ A  sur  ldce. 
1 
A p a r t i c u l a r l y  useful  cornbi~~ed sp ree -vo r t ex  d i s t r i b u t i o n  corresponds t o  
the  uniform i n t e r n a l  flow f i e l d  VI = V,. For t h i s  case,  Equations (4) and (5) 
imply t h a t  the source and vor tex  d e n s i t i e s  a r e  equal  t o  the ex te rna l  pertur- 
bat ion ve loc i ty  components, i.e, , 
! 
t 
VT = VT', + Y (7)  
k Subscript E has been omitted for  brevi ty .  The above combiued source-vortex 1 d i s t r i b u t i o n  is equivalent  t o  the app l i ca t i on  of Green's t h i r d  i den t i t y  (Refer- 
ence 15) t o  the per turbat ion po t en t i a l  $. A schematic of Equations (6) and i [ (7 )  is presented i n  Figure 4. 
L 
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1 An i l l u s t r a t i o n  of  the na ture  of  th ree  d i f f e r e n t  s i n g u l a r i t y  d i s t r i b u t i o n s  
corresponding t o  t he  same po ten t i a l  f i e l d  is presented i n  Figure 5. The theo- 
r e t i c a l  s i ngu la r i t y  d i s t r i bu t ions  f o r  a  source so lu t ion ,  vor tex  so lu t ion ,  and 
the combined Green's i d e n t i t y  source-vortex so lu t ion  a r e  shown f o r  the flow 
around an i n f i n i t e  c i r c u l a r  cyl inder  with flow tangency boundary conditions.  
It is i n t e r e s t i n g  t ha t  the  combined source-vortex d i s t r i b u t i o n  is a  f i f t y  per- 
cen t  blend of t he  source only and vor tex  only solut ions.  k e e n ' s  i d e n t i t y  
t yp i ca l l y  provides a source d i s t r i b u t i o n  mre mild than t h e  source only solu- 
t i on  and a vortex d i s t r i b u t i o n  more mild than the  vortex only so lu t ion .  
The combined source-vortex d i s t r i b u t i o n  of   re en's i d e n t i t y  is  espec ia l ly  
s u i t a b l e  f o r  appl ica t ion  t o  a  numerical panel method. The equa l i ty  between 
s ingu la r i t y  d e n s i t i e s  and dis turbance flow ve loc i ty  means t h a t  regard less  of 
e i t h e r  boundary condi t ions o r  geometry, the s ingu la r i t y  magnitudes cannot be- 
come disproport ionately large. This con t r a s t s  sharply with source only solu- 
t ions,  $or which t h e  source dens i ty  can increase without bounds a s  body thick- 
ness  approaches zero even though the  ve loc i ty  remains f i n i t e  everywhere. The 
p rac t i ca l  s ign i f icance  is t h a t  the mild source-vortex d i s t r i b u t i o n s  assoc ia ted  
with Green's i d e n t i t y  el?-minate excessive ve loc i ty  gradients  between boundary 
condi t ion cont ro l  points ,  thereby reducing the  p o s s i b i l i t y  of leakage. The 
re la t ionsh ips  between dis turbance flow ve loc i ty  and s ingu la r i t y  dens i ty  holds 
regardless  o f  boundary conditions,  be they Neumann, Di r ich le t ,  o r  mixed. 
These r e l a t i onsh ips  can always be used t o  e l imina te  half  the  unknown singular-  
i t y  d e n s i t i e s  a  p r i o r i ,  l eav ing  no more e f f e c t i v e  unknowns t h a t  a  source only 
o r  vortex only approach. 
TWO-DIMENSIONAL SOLUTION FORMULATION 
The present  formulation is based on the combined source-vortex d i s  t r i b  a- 
t i on  of Green's i d e n t i t y  (Equations 6 and 7). Low order  panel modeling is 
employed t o  the e f f e c t  t h a t  source gradient  and sur face  curvature  cor rec t ions  
on each panel a r e  ignored. However, the  use of i n t e r n a l  p o t e n t i a l  boundary 
conditions and the  appl ica t ion  of the ve loc i ty  - s i n g u l a r i t y  s t r eng th  equa l i t y  
r e s u l t s  i n  c lo se  t o  higher order  predict ion accuracy fo r  most p r a c t i c a l  geo- 
met r ic  shnpes. The advantage of  the  low order  modeling is the  s imp l i c i t y  
inherent  i n  e s t ab l i sh ing  inverse capabi l i ty .  
l'he geometry of each a i r f o i l  element is simulated by a  closed polygon, 
where the polygon segment end poin ts  a r e  assumed t o  l i e  on the  a c t u a l  a i r f o i l .  
The midpoint of each segment (panel) 1s se lec ted  a s  the  boundary condition 
cont ro l  point. 
For Neumann prescribed normal ve loc i ty  boundary condi t ions,  the  source 
densi ty  d i s t r i b u t i o n  i s  es tab l i shed  a  p r i o r i  from Equation (6).  It is assumed 
t h a t  the source densi ty  i s  uniform on each panel. 
The g i s t  of the  so lu t ion  t o  ana lys i s  problems is to  determine the ap.pro- 
p r i a t e  vortex d i s t r i bu t ion .  The vortex dens i ty  is assumed t o  vary l i n e a r l y  
on each panel and to  be continuous a t  panel end poin ts ,  wi th  one exception. 
I f  the geometry has any s lope d i s con t inu i t i e s  such a s  a  sharp t r a i l i n g  edge, 
the vortex densi ty  i s  all-owed t o  be discontinuous a t  the corresponding panel 
end point. This is cons is ten t  with exact t heo re t i ca l  so lu t ions ,  for  which 
[ e : corners a r e  r e f l ec t ed  a s  d i scon t inu i t i e s  in the vortex d i s t r i bu t ion .  The 
! magnitude of the  discont inui ty is  an addi t iona l  unknown which is determined 
through the  introduct ion of an i n t e r n a l  boundary condit ion cont ro l  point  near 
the  corner. The dis tance from the c o m e r  is nomL.tally se lec ted  a s  1% of the 
local. panel length. 
Instead of d i r e c t l y  imposing prescribed normal ve loc i ty  boundary condi- 
t ions  a t  the cont ro l  points,  a theo re t i ca l ly  .equivalent approach f i r s t  appl ied 
by Morino, $t al+(Reference 13) is used. Consistent with the  i n t e r n a l  velo- 
c i t y  f i e l d  VI = V, uniform in t e rna l  per turbat ion po ten t i a l  is prescribed a t  
each cont ro l  point  of an a i r f o i l  element. In  the present  two-dimensional 
formulation, t h i s  is easily accomplished by specifying t h a t  the ana ly t i ca l  l i n e  
i n t e g r a l  of per turbat ion ve loc i ty  component along an i n t e r n a l  path connecting 
adjacent  cont ro l  points  be zero. 
The c i r cu l a t ion  of each a i r f o i l  element is control led by e i t h e r  of two 
methods a t  the  d iscre t ion  of t h g  user. F i r s t ,  the n e t  vortex s t r eng th  can be 
prescribed d i r ec t ly .  Alternately,  a Kutta condition can be applied i n  which 
the veloci ty  normal t o  the t r a i l i n g  edge b i sec to r  is s e t  e q w l  t o  zero a t  a 
loca t ion  approximately 2% l o c a l  segment length downstream. The nominal 2% 
value has been selectc: L c a u s e  i t  cons4*?tently provides l i f t  coe f f i c i en t  pre- 
d ic t ion  accuracy t h a t  agreeswi th in  1% of the  v i r t u a l l y  exact conformal so lu t ion  
of Catheral l  e t  a l .  (Reference 16) f o r  t yp ica l  panel models. 
Imposition of the  .po ten t ia l  boundary condit ions and one c i r cu l a t ion  con- 
t r o l  equation per a i r f o i l  element e s t ab l i shes  a system of l i n e a r  equations with 
the same number of unknown vortex d e n s i t i e s  a s  equations. This number is equal 
to  the sum of the t o t a l  number of panels and t o t a l  number of sharp corners. 
Solution t o  the  system renders the complete s e t  o f  s i n g u l a r i t i e s  known. 
A t  each.contro1 point ,  the surface ve loc i ty  is ca lcu la ted  from Equation 
(7) and, f o r  steady s t a t e  flow, the pressure d i s t r i b u t i o n  is  calculated by 
Bernoulli 's  equation 
Force and mment in tegra t ion  is performed under the  assumption t h a t  the con- 
t r o l  point  ,pressure appl ies  uniformly t o  each panel. 
Inverse so lu t ions  a r e  generated i n  accordance with the  i te ra t ive- l inear -  
i z a t i o n  philosophy developed i n  Reference 17. For the e1:mentsto be designed 
i n  a multi-element a i r f o i l  s y s t e ~ . t h e  following s t eps  a r e  involved: 
(1) The user prescr ibes  a design pressure o r  ve loc i ty  d i s t r i bu t ion  around 
the surfaces of the various elements. 
(2) The use r  p r e s c r i b e s  a s t a r t i n g  geometrv t o  i n i t i a l i z e  t h e  calcula-  
t i o n s  and t h e  l o c a t i o n  of one p o i n t  p e r  element t o  be  f i x e d  i n  space, 
such a s  t h e  t r a i l i n g  edge. 
(3) The program so lves  t h e  d i r e c t  problem f o r  t h e  geometry, 
i n  o r d e r  t o  determine t h e  change i n  v e l o c i t y  d i s t r i b u t i o n  required 
t o  achieve t h e  prescr ibed values.  
( 4 )  The program c a l c u l a t e s  t h e  rate of change o f  s u r f a c e  v e l o c i t y  wi th  
r e s p e c t  t 3  an  a r b i t r a r y  change i n  s u r f a c e  ang le  d i s t r i b u t i o n .  Each 
element per imeter  remains f ixed.  I f  t h e  t a n g e n t i a l  component of . 
v e l o c i t y  a t  t h e  con t ro l  p o i n t  o f  t h e  i t h  panel is designated V T ~  and 
i f  t h e  s u r f a c e  ang le  o f  t h e  j t h  panel  is  designated 9, then t h e  
a r r a y  A is c a l c u l a t e d  where 
i j 
(5) The change i n  s u r f a c e  angle  d i s t r i b u t i o n  is c a l c u l a t e d  i n  accordance 
w i t h  t h e  p resc r ibed  v e l o c i t i e s  and t h e  following f i r s t  o rder  expres- 
s ion:  
( 6 )  The geometry is cor rec ted  by t h e  program and s t e p s  (3)- (5) are 
repeated a s  a s e r i e s  o f  i t e r a c i o n  cycles .  
The most d i f f i c u l t  and important s t e p  i n  2ormulating t h e  inverse  c a p a b i l i t y  i s  
t o  generate  t h e  matr ix  A i j  . It is  noted t h a t  a l l  terms were incorporated i n  
d e r i v i n g  t h e  p a r t i a l  d e r i v a t i v e ,  inc lud ing  s i n g u l a r i t y  s t r e n g t h  changes and 
the  displacement of panels  j + l ,  j+2, e t c .  corresponding t o  t h e  s u r f a c e  a n g l e  
change dO The corresponding s i n g u l a r i t y  s t r e n g t h  changes are obta ined by a j f i r s t  order  expansion to  t h e  boundary cond i t ion  equation.  I n  o r d e r  t o  o b t a i n  
numerical s t a b i l i t y  i n  t h e  inverse  process ,  t h e  v e l o c i t i e s  a r e  prescr ibed no t  
only a t  the  panel midpoints b u t  a t  endpoints  as w e l l .  Then t h e  s o l u t i o n  in- 
volves minimizing t h e  mean square  e r r o r  between t h e  p resc r ibed  and c a l c u l a t e d  
d i s t r i b u t i o n s .  
EXAMPLE SOLUTIONS 
The following examples demonstrate the  numerical  behavior of t h e  p resen t  
MCAIR A i r f o i l  Program a s  compared t o  a l t e r n a t e  approaches. 
The b e n e f i t s o f  using a combined source-vortex d i s t r i b u t i o n  versus  source- 
only i s  improved accuracy f o r  (1) t h i n  h igh ly  loaded a i r f o i l s  and f o r  
(2 )  sha rp  concave corners.  Examples of t h e  f c r c e r  a r e  presented i n  Reference 
1 4  and a r e  n o t  repeated here. The l a t t e r  is  t y p i c a l  of wing-fuselage i n t e r -  







t he  present  method and the Douglas Neumann source method (Reference 2) were f 
applied t o  the geometry using i d e n t i c a l  panel modeling (244 panels). The I 
r e s u l t s  a r e  v i r t u a l l y  i den t i ca l  except near t he  sharp concave corner,  i n  which 
region the source so lu t ion  diverges while the present so lu t ion  properly ap- 
Z 
! proaches stagnation. 
The advantage of the  i n t e r n a l  po t en t i a l  boundary condi t ions is r e f l ec t ed  
i n  the  ca lcu la ted  pressure d i s t r i b u t i o n  f o r  the  Karman-Trefftz a i r f o i l  of 
Figure 7. In  each of the  th ree  ca lcu la ted  panel method d i s t r i bu t ions ,  the  
combined source-vortex d i s t r i b u t i o n  of Green's i d e n t i t y  was appl ied and the  
exact  l i f t  coe f f i c i en t  from the Catheral l -Sel ls  so lu t ion  was prescribed. Con- 
ve r t i ng  from t h e  d i r e c t  imposition of  zero normal ve loc i ty  boundary condi t ions 
t o  prescribed in t e rna l  per turbat ion po t en t i a l  generates t he  same type of accur- 
acy improvement a s  obtained by applying higher order  cor rec t ions  f o r  source 
gradient and panel curvature e f fec t s .  For each of the t h r ee  panel method 
so lu t ions ,  the conversion from ca lcu la ted  s ingu la r i t y  densi ty  t o  su r f  ace velo- 
c i t y  was conducted by the  most accurate  approach, namely, Equation (7) for  
po t en t i a l  boundary conditions and the summation of inf luence c o e f f i c i e n t s  f o r  
flow tangency. 
The t h i r d  example demonstrates pred ic t ion  accuracy of the  MCAIR method 
fo r  one of the few two-element a i r f o i l s  f o r  which an  exact  conformal mapping 
so lu t ion  is ava i lab le  for  comparison (Reference 18).  Using a t o t a l  of 66 
panels, the geometry and calculated pressure d i s t r i b u t i o n s  a t  zero incidence 
a r e  presented i n  Figure 8. The agreement with the  exact  so lu t ion  is  good, 
including the calculated l i f t  corresponding t o  the  t r a i l i n g  edge b i sec to r  
Kutta condition. 
The objec t ive  of the f i r s t  inverse  example i s  t o  design a c i r c u l a r  
cyl inder  by the  MCAIR method using a near ly  f l a t  p l a t e  fo r  the s t a r t i n g  geometry 
(Figure 9).  The exact ana ly t i ca l  aurface ve loc i ty  d i s t r i b u t i o n  was prescr ibed,  
and the converged solut ion geometry of Figure 9 was obtained a f t e r  four  iter- 
a t i m  cycles.  The panel endpoints a r e  within a maximum dis tance  of 0.002 
radius  of l y ing  on a c i r c l e .  The complete p a r t i a l  der iva t ives  of ve loc i ty  
with respect  t o  surface angle change were necessary but not  s u f f i c i e n t  f o r  
obtaining convergence about the  periphery of t h i s  exan.gle. The use of mild 
combined source-vortex s ingu la r i t e s  is a l s o  a factor .  To i l l u s t r a t e ,  the 
example was repeated, but t h i s  t i m e  vortex-only s i n g d a r i t i e s  were used t o  
induce the flow f i e l d  i n  accordance with the ana lys i s  method of Dvorak and 
Woodward (Reference 7). The geometry never converged (Figure 10) but o s c i l l a t e d  
+300 i n  t h e  leading edge region from one i t e r a t i o n  cycle  to  the next.  
- 
The f i n a l  example demonstrates inverse so lu t ion  capab i l i t y  f o r  the  two- 
element Williams a i r f o i l  presented e a r l i e r  i n  Figure 8. The s t a r t i n g  geometry 
of Figure 11 was used to  i n i t i a l i z e  the  ca lcu la t ions ,  and the  ca lcu la ted  sur- 
face ve loc i ty  d i s t r i bu t ion  of Figure 8 was prescribed on both elements. The 
geometry converged and agreed with the t a r g e t  geometry t o  within a tolexance 
of one-tenth of one degree i n  f i v e  i t e r a t i o n s  (Figure 11). 
The above examples a r e  typ ica l  of the  accuracy and numerical s t a b i l i t y  
of the MCAIR A i r f o i l  Program. On the CDC CYBER 173, a two-element a i r f o i l  
a n a l y s i s  s o l u t i o n  using 70 pane l s  t o t a l  r e q u i r e s  approximately 4 seconds com- 
put ing time. For the  corresponding i n v e r s e  s o l u t i o n ,  a p p r o x i m t e l y  20 seconds 
is  requ i red  p e r  i t e r a t i o n  cycle.  
CONCLUDING REMARKS 
The use of t h e  source-vortex d i s t r i b u t i o n  of Green's i d e n t i t y  coupled 
wi th  i n t e r n a l  pe r tu rba t ion  p o t e n t i a l  boundary cond i t ions  provides  a simple,  
accura te ,  r e l i a b l e ,  and e f f i c i e n t  procedure f o r  s o l v i n g  a i r f o i l  incompressible 
p o t e n t i a l  flow problems. For a wide range o f . g e o m e t r i c  shapes,  low o r d e r .  
panel ing modeling generates  p r e d i c t i o n  accuracy usua l ly  a s s o c i a t e d  w i t h  h igher  
o rder  so lu t ions .  :'he procedure is  e s p e c i a l l y  s u i t a b l e  f o r  a p p l i c a t i o n  t o  in- 
ve rse  des ign problems. 
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Figure 1.-  Diagram of surface singularity panel methods for 
incompressible, :otential flow. 
Figure 2.- Body immersed i n  an unbounded flow f i e ld .  
E > Fluid Side of Boundary 
(External) 
I => Imaginary Flow 
(internal Side 
of Boundary) 
Figure 3.- Two aides of a flow boundary surface. 
Figure 4 .- Green '8 identity velocity-singularity relationship. 
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Figure 5.- Equivalent singularity representations for a 
circular cylinder. 
Figure 6.- Comparisons of source and source-vortex solutions. 
concave corner flow. 
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Figure 7.- Effect of panel modeling and boundary conditions. 
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Figure 9 . -  Circular-cylinder inverse  so lut ion .  MCAIR method. 
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Two theoretical methods are presented for optimizing multielement air- 
foils to obtain maximum lift. The analyses assume that the shapes of the 
various high-lift elements are fixed. The objective of the design pr~cedures 
is then to determine the optimum location and/or deflection of the leading- 
and trailing-edge devices. The first analysis determines the optimum hori- 
zontal and vertical location and the deflection of a leading-edge slat. The 
structure of the flow field is calculated by iteratively coupling potential- 
flow and boundary-layer analysis. This design procedure does not require 
that flow separation effects be modeled. The second analysis determines the 
slat and flap deflection required to maximize the lift of a three-element 
airfoil. This approach requires that the effects of flow separation from 
one or more of the airfoil elements be taken into account. The theoretical 
results are in good agreement with results of a wind-tunnel test used to 
corroborate the predicted optimum slat and flap positions. 
INTRODUCTION 
To achieve acceptable takeoff and landing performance, modern fixed- 
wing aircraft typically use mechanical high-lift devices such as leading-edge 
slats and slotted flaps. An essential step in the development of high-lift 
wings is the determination of the position (horizontal lqcati.on, vertical 
location, and deflection) of the slat and/or flaps required to maximize 
aerodynamic performance. Theoretical methods which predict the optimum 
position of slats and flaps for multicomponent airfoils are being developed 
to: (1) reduce the number of high-lift configurations which must be evaluated 
experimentally; (2) reduce substantially the amount of wind-tunnel testing 
required to optimize a multicomponent airfoil; and (3) insure that experi- 
mentally determined optimums are true optimums. Two criteria generally used 
to evaluate the performance of a high-lift airfoil are maximum lift coef- 
f icient (CkmaX) and maximum lift to drag ratio (CI1/Cd)max at a given lift 
coefficient. This paper addresses the problem of optimization for maximum 
lift. At present, Jrag is not considered a criterion in the theoretical 
optimization method because the drag of multielement airfoils cannot be 
predicted accurately. 
Configuration optimization of multielelnent airfoils for maximum lift 
is separable into two general classes of problems. This classification 
depends on the level of sophistication required of the aerodynamic analysis .I 
to determine the structure of the flow field and to evaluate the airfoil 1 
performance. Configurations which can be optimized without modeling the z 
effects of flow separation are called Class 1 design problems. Configuration 
optimization which requires that the effects of flow separation be modeled , 
are called Class 2 problems. For Class 1 optimization, viscous effect8 are 
determined by an analysis based on laminar and turbulent boundary-layer 
flows on the various airfoil surfaces. This type of analysis is simpler, 
requires less computation effort, and is generally more reliable than the 
separated flow modeling techniques required for Class 2 problems. 
Section I outlines the aerodynamic analysis including a brief description 
of the separated flow model. The Class 1 design procedure is then used in 
Section I1 to determine the optinum position of a leading-edge slat. 
Optimization of the deflection angles of a slat and of a slotted flap for 
a three-element configuration is presented as a Class 2 design problem in 
Section 111. Section IV briefly describes the experimental study conducted 
to obtain data for verification of the analysis techniques presented in this 
paper, and Section V compares the0.y with expersment for both optimization 
methods. 
SYMBOLS 
A wing area = cb 
AR wing aspect ratio = b 2 / ~  
b wing span 
c airfoil reference chord = 1.7 m 
section drag coefficient = airfoil drag 
(112) p&um2c 
skin-friction coefficient at the upper surface trailing edge 
of airfoil component 
airfoil lift coefficient = airfoil lift (1/2) pmum2c 
wing lift coefficient = wing lift (1/2) p,U,2A 
P-P, 
airfoil surface pressure coefficient = (1/2) pUm2 
static pressure 
UooC 
reference chord Reynolds number = - 
v 
b r 
c s chordwise dietance along a i r f o i l  sur face  (measured from stagnat ion 
5 a point)  
I 
b 
i s* dimensionless d i s tauce  Erom separa t ion  point  (eq. ( 6 ) )  
b 
! u s-direct ion ve loc i ty  component at o u e r  edge of boundary l aye r  
r 
1 ", free-stream ve loc i ty  
! 
I v ve loc i ty  component normal t o  a i r f o i l  surf  ace 
L 
1 
, *sY hor izonta l  and v e r t i c a l  coordinates  i n  coordinate system of main 
a i r f o i l  
I 
a angle  of a t tack ,  deg 
I 
i i 6 component de f l ec t i on ,  deg 
v kinematic v i s c o s i t y  
1 P f l u i d  dens i ty  
5 'I w 
w a l l  shear  stress 
Subscr ipts  : 
P f f l a p  
m main element 
8 s l a t  
0 f r e e  stream 
I. AERODYNAMIC ANALYSIS 
General Coments 
The objec t ive  of the  t heo re t i ca l  ana lys i s  16 , > determine the  pos i t ion  
of a h igh - l i f t  element (or elements) required t o  achieve maximum l i f t .  Up 
t o  th ree  design va r i ab l e s  a r e  required t o  specify pos i t ion  of each element. 
These pos i t ion  var iab les  p lus  t he  angle of a t t ack  of t h e  ove ra l l  configura- 
t i o n  r e s u l t  i n  a multidimension design space which is  searched t o  determine 
the  optimum posi t ion.  As a r e s u l t ,  not only must t h e  ae -odynamic ana lys i s  
accura te ly  p red i c t  t h e  f l o r f i e l d  s t r u c t u r e  f o i  e wide vdr ie ty  of configura- 
t ions ,  but. i t  must a l s o  be computationally e f f i c i e n t  i f  the optimization 
technique is t o  be a useful  design tool .  It should be noted t h a t  t he  
primary objec t ive  of the  t heo re t i ca l  ana lys ie  is  t o  determine the  pos i t i on  
of a h igh - l i f t  element (or  elements) required t o  achieve maximum l i f t .  
. 
-..+ ".....- - <- - - -  - ---La-- ' 
Although the present analysis should give a reasonable estimate of the 
maximum lift coefficient of an optimized configuration, a more accurate 
computation of 
'hax will be the subject of future study. i 
.m 
Potential-Flow Calculation 1, i 
/' The potential-flow calculation is a singularity method where each of 
the airfoil contours (fig. 1) is represented by a large number (from 40 to 
80) of straight line segments. A linear distribution of vorticity is placed C 
on each of these segments. The present potential-flow analysis (ref. 1) 
not only provides the accurate surface pressure distributions required for 
subsequent boundary-layer analyses, but it is also computationally efficient. 
This efficiency is essential because a typical optimization calculation J 
requires from 200 to 500 potential-flow solutions to complete the design 
procedure. 
Boundary-Layer Analysis 
The structure of the laminar, transitional, and turbulent boundary layers 
is calculated using the pressure field determined from the potential-flow 
analysis. For the three-element configuration considered in this study, a 
complete optimization calculation requires between 500 and 2000 solutions 
for conventional boundary layers such as those on the upper and lower sur'face 
of the leading-edge slat shown in figure 1. The need for computational 
efficiency resulted in the selection of the finite-difference method of 
Blottner (ref. 2) for solving the boundary-layer equations. The correlations 
of Smith (ref. 3) are used to determine the point of laminar instability. 
The transitional and turbulent b.-undary-layer eddy viscosity model of 
Cebeci (ref. 4) and Cebeci, Kaups, Mosinakis and Rehn (ref. 5) is then used 
to calculate Reynolds stresses. If laminar boundary-layer separation occurs, 
the empirical criteria of Gaster (ref. 6) is used to determine whether 
turbulent reattachment occurs. If reattachment is indicated, the calculation 
is continued as a turbulent boundary layer. If the criterion of Gaster 
indicates catastrophic flow separation, the boundary-layer calculation is 
terminated. A boundary-layer calculation of this type takes only 0.1 to 
0.2 sec on the CDC 7600 computer. 
The structure of the confluenx boundary layer on the flap upper surface 
(fig. 1) is determined using the finite difference method of referenc- 7, 
a method which takes from 20 to 30 sec on the CDC 7600 computer for e.-h 
confluent-boundary-layer calculation. 
Potential-Flow/Boundary-Layer Coupling I 
The effect of boundary-layer displacement and entrainment on the inviscid 
flow is simulated by linear source distributions (fig. 1) placed on the 
straight line segments.used to define the airfoil contours. The strength 
of the source distribution is equal to d(ued*)/ds where ue is the velocity 
at t h e  edge of t he  boundary layer ,  6* is  the  l oca l  boundary-layer displace-  
ment thickness ,  and s is t h e  a r c  length  measured along the  a i r f o i l  surface.  
This type of potential-flow/boundary-layer coupling is p a r t i c u l a r l y  usefu l  
when optimizing the  pos i t ion  of h igh - l i f t  devices because t h e  displacement 
e f f e c t  of any p a r t i c u l a r  boundary l aye r  can conveniently be "frozen. " For 
example, t he  boundary layer  on t h e  lower sur face  of t he  f l a p  ( f i g .  1) is  
not  appreciably a f fec ted  by changes i n  the  leading-edge s l a t  pos i t ion .  
Therefore, t he  f l a p  lower-surface boundary layer  need only be computed f o r  
the  i n i t i a l  s l a t  posi t ion.  The displacement e f f e c t  f o r  subsequent s l a t  . 
pos i t ions  is  then based on the  f l a p  lower-surface source s t rength  d i s t r i b u t i o n  
a s  ca lcu la ted  with t he  s l a t e  i n  t h e  i n i t i a l  pos i t ion .  
Separated Flow Analysis 
i The separated flow model developed f o r  t h e  present  study is  s i m i l a r  
t o  t he  source d i s t r i bu t ion  method of Jacob and Steinbach ( r e f .  8). The 
separated flow model requi res  t h a t  t he  s t a t i c  pressure d i s t r i b u t i o n s  i n  
I t h e  separated zone ( f ig .  2) be near ly  constant.  This constant  p ressure  
condition i n  t he  separated region is  approximated by requir ing t h a t  t h e  
s t a t i c  pressure at s2 ( t he  c e n t r a l  panel i n  t h e  separated zone) and the  
the  a t a t i c  pressure a t  s3 ( the t r a i l i n g  edge of t he  a i r f o i l )  both be equal 
t o  t h e  s t a t i c  pressure a t  sl ( the  boundary-layer separat ion loca t ion ) .  
Thus 
2 
I A two-parameter source d i s t r i b u t i o n  loca ted  on the  sur face  of t h e  a i r f o i l  i n  the separated zone ( f ig .  3) is introduced t o  enforce the  above conditions.  The func t iona l  form of t h e  source d i s t r i b u t i o n  is given by 
< 
v - v  
max 
0.4.  . ,- 0.6 
< < 
v = v - v )(5s*-312/4 0.6-  S*- 1.0 
max - (vmax 3 
The separat ion loca t ion  calculated from a previous i t e r a t i o n  i s  used t o  
determine the  maximum source s t rength  i n  t he  separated zone (v ) and the 
max 
source strength at the airfoil trailing edge (v3) so that equations (1) 
and (2) are satisfied. The airfoil static pressure distribution obtained 
from this solution is then used to recompute the airfoil upper-surface 
boundary layer and a new separation point is determined. This process is 
repeated until convergence is achieved. 
Figure 4 compares the theoretically predicted lift for a range of 
angle of attack with experiment (ref. 9) for a GA(W)-1 airfoil. Figure 5 
presents a similar comparison for a three-element configuration tested b.: 
Foster, Irwin, and Williams (ref. 10). The agreement between theory and 
experiment is good for both cams at angles of attack below stall. At angles 
of attack near stall the lift is underpredicted by approximately 8% for the 
GA(W)-1 airfoil and by 3% for the three-element configuration. 
11. SLAT OPTIMIZATION: A CLASS 1 PROBLEM 
! [ The objective of this optin~ization procedure is to theoretically determine the position (horizontal location, vertical location, ard deflec- i tion) of a leading-edge slat for maximum lift based on aerodynamic calcula- 
i 
; tions which do not model the effect of flow separation. The analysis is 
I 
L based on the premise that, at the maximum lift coefficient at which 
attached flow can be maintained on the main airfoil, the optimum slat 
t position for maximum lift miaimizes the suction peak on the upper surface 
of the main element. For configurations which stall abruptly this is a 
reasonable assumption. However, for configurations which stall gradually, 
the validity of such an assumption remains to be proven. 
, The constrained function minimization method described by Vanderplaats 
in reference 11 and Vanderplaats and Moses (ref. 12) is used to numerically 
optimize the slat position sa that the suction peak in the leading-edge 
region on the main component is minimized. This minimization is performed 
with the main element at a fixed angle of attack. The design variables 
(fig. 6) are slat horizontal and vertical location, and slat deflection. 
All three parameters are referenced to the slat trailing edge and can be 
varied independently. 
Slat translation and deflection are subject to two constraints. The 
first constraint -that there be no flow separation on the slat upper 
surface-is applied to prevent the slat from moving into a separated flow 
regime. Numerically, this condition is satisfied by requiring that the 
skin-friction coefficient at the trailing edge of the upper surface of the 
slate, Cfs, be slightly positive (i.e., Cfs 2 0.0001). The second con- 
straint requires that the slat trailing edge be no closer than 0.02 c to 
the surface of main element (a reasonable slat gap for this configuration 
(ref. 10)). This cocstraint prevents the slat wake from merging with the 
boundary layer on the wing upper surface so that the computationally time 
consuming confluent boundary-layer calculation for the viscous flow above 
the main element can be replaced by a computationally efficient conventional 
boundary-layer calculation. 
Figure 7 shows a  sequence of pos i t ions  through which the s l a t  is  moved 
during t h e  numerical design procedure. For t h i s  p a r t i c u l a r  example, t h e  angle 
of a t t a c k  of the main a i r f o i l  is 1.5O. With t h e  s l a t  i n  t he  i n i t i a l  pos i t i on  
( s l a t  posi t ion no. 1 )  it  i s  l i g h t l y  loaded, whereas the  leading-edge region 
of t he  main a i r f o i l  is highly loaded, r e s u l t i n g  i n  a  l a rge  suc t ion  peak and a  
s t rong adverse pressur2 gradient .  After  nine i t e r a t i o n s ,  each requi r ing  the  
ca lcu la t ion  of t he  grad ien t  of the  suc t ion  peak with respec t  t o  t he  t h r ee  s l a t  
pos i t ion  var iab les ,  the ana lys i s  has converged and the  s l a t  pos i t ion  which 
minimizes t he  suct ion peak a t  an angle of a t t a c k  of 15O has been determined. 
In ch i s  f i n a l  pos i t ion ,  t he  suc t ion  peak (and the re fo re  the  adverse pressure 
gradients  on t h e  main a i r f o i l )  has been subs t an t i a l l y  reduced i n  exchange f o r  
an increased loading on the  s l a t .  The numerical design thus y i e l d s  a  s l a t  
loading which is l imited by the  cons t r a in t  t ha t  flow separa t ion  not occur on 
the  slat upper surface.  Figure 8 shows the sur face  pressure d i s t r i b u t i o n s  f o r  
angles of a t t a c k  of 13O, lgO,  and 24O of t h e  main a i r f o i l .  The s l a t  pos i t i on  
f o r  a l l  angles  of a t t a c k  is such tha t  the  suc t ion  peak is minimized and the  
s l a t  upper-surface boundary l aye r  is  on the  verge of separat ion.  
Figure 9 shows the  r e s u l t s  of t he  ana lys i s  f o r  a  sequence of angles  
of a t t ack  from 13' t o  24'. The f i gu re  shows the  v a r i a t i o n  i n  s l a t  hor izonta l  
positiorr, s l a t  v e r t i c a l  pos i t i on  and s l a t  de f l ec t i on  a s  a  funct ion of angle 
of a t tack .  Also shown is  the sk in- f r ic t ion  coe f f i c i en t  a t  t he  t r a i l i n g  edge 
of the  upper surface of t he  main element, Cfm. I n  f i gu re  9 ,  a s  t h e  angle  
of a t t a c k  i s  increased, the  boundary l aye r  on t h e  main a i r f o i l  approaches 
separat ion ( i .e . ,  Cfm + 0). This separat ion is  caused by an increase i n  t h e  
adverse pressure gradient  on t h e  main a i r f o i l  with angle  of a t t ack  (see 
f i g .  8) even though the s l a t  is  maintained i n  a  pos i t ion  which minimizes 
the suct ion peak i n  t he  leading-edge region of t he  main component. Extrap- 
o l a t i o n  of the  numerical r e s u l t s  p r ed i c t s  i nc ip i en t  flow separat ion (Cf = 0) 
on the main a i r f o i l  a t  an angle  of a t t ack  of 24O. The s l a t  pos i t i on  fop  t h i s  
augle of a t t a c k  is  spec i f ied  a s  t he  t heo re t i ca l l y  predicted optimum loca t ion  
required t o  give maximum l i f t ,  an a s se r t i on  which w i l l  be ve r i f i ed  by 
comparison with experiment. 
I 11. SLAT/FLAP DEFLECTION OPTIMIZATION: 
A CLASS 2 PROBLEM 
The objec t ive  of t h i s  opt imizat ion ana lys i s  is t o  determine t h e  s l a t  
and f l a p  de f l ec t i ons  t o  obtain maximum l i f t  f o r  a  three-element a i r f o t l  
such a s  t ha t  shown i n  f i gu re  10. The s l a t  def lec t ion  is defined r e l a t i v e  
t o  a pivot point a t  t he  s l a t  t r a i l i n g  edge. Thus the  s l a t  gap and s l a t  
overlap a r e  independent of s l a t  def lec t ion .  The pivot  point  f o r  the  f l a p  
is located on the  f l a p  upper sur face  d i r e c t l y  below the  wing t r a i l i n g  
edge. Thus the f l a p  gap and overlap a r e  only weakly dependent on f l a p  
def lec t ion .  The optimum s l a t  def lec t ion  and optimum f l a p  def lec t ion  f o r  
maximum l i f t  a r e  determined by d i r e c t  search r e l a t i v e  t o  the  two design 
va r i ab l e s ,  6, and  IS^. The e f f e c t  of s l a t  def lec t ion  and of f l a p  de f l ec t i on  
on computed C is  shown i n  f i gu re s  11 and 12, respect ively.  The s l a t  
gap for  these ca lcu la t ions  was 0.02 c and the  f l a p  gap was 0.03 c. These 
gaps a r e  s u f f i c i e n t l y  l a rge  t o  insure  t h a t  there  is  no s t rong i n t e r a c t i o n  
? 
between the wakes and the upper-surface boundary layers. It was also 
assumed, therefore, that the viscous flows on the upper surface of the main 
wing and flap could be analyzed as conventional boundary layers. 
IV . EXPERIMENTAL OPTIMIZATION 
As part of this study tests were conducted in the NASA Ames 40-by-80- 
Foot Wind Tunnel to experimentally determine optimum slat and flap positions 
for comparison with the theoretical predictions. The rectangular planform 
wing used in these tests (fig. 13) is equipped with a full-span leading-edge 
slat and a full-span single-slotted flap. The slat chord is 0.17 c and the 
flap chord is 0.40 c. The basic airfoil section is on RAE 2815. A detailed 
description of the slat, main airfoil, and flap shapes can be found in 
reference 10. The wing span is 16 m and the extended chord is 2.15 m. The 
relatively high aspect ratio of 7.5 and the rectangular planform result in 
a configuration with nearly two-dimensional flow over much of the wing span. 
Also, the use of a high aspect-ratio finite wing eliminates adverse wind- 
tunnel wall interference effects associated with two-dimensional high-lift 
airfoils which span the entire test section. 
The slat and flap brackets permit continuous adjustment of the hori- 
zontal and vertical locations and the deflection of both elements. Data 
taken included lift using the wind-tunnel balance and surface static 
pressures along the model centerline. All data were obtained at a Reynolds 
number of 3.8~10~ and a Mach number of 0.10. 
V. COMPARISON OF THEORY AND EXPERIMENT 
The experimentally and theoretically optimized slat positions are com- 
pared in figure 14 for a fixed flap deflection of lo0. The theoretical 
prediction is based on the Class 1 design procedure presented in Section 11. 
It it to be noted that the largest differences hetween themy and experiment 
is 4 of slat deflection. The measured wing maximum lift coefficient with 
:he slat in the theoretically optimized position differs only 4% from the 
experimentally measured maximum lift coefficient with the slat in the experi- 
mentally optimized position. 
The comparison between theory and experiment for the slatiflap deflection 
optimization is summarized in figures 11 and 12. The experimentally measured , 
maximum lift coefficient of the wing, Qmax, is presented together with the 
wing centerline section maximum lift coefficient , CQmax . The experimental 
value of Cgmax was determined by correcting the measured C L ~  for aspect 
ratio effects ueing the lifting line theory described by ~lauerf (ref. 13). 
The ekperimentally determined slat and flap deflections required to maxi- 
mia? the total wing lift are in good agreement with the optimum slat and 
flap defiections determined from the Class 2 analysis presented in Section 111. 
VI. CONCLUDING REMARKS 
Optimization of multielement airfoils for maximum lift is separable into 
two general classes of problems. Class 1 problems are defined as those 
configurations which can be optimized using attached-flow, boundary-layer 
analysis. Class 2 design problems are defined as those which require the 
modeling of separated flows. A computationally efficient theoretical method 
for each class of problems is presented so that the position of leading- and 
trailing-edge high-lift devices can be optimized to obtain maximum lift. 
A Class 1 design procedure is described and applied to the optimization of 
the position of a leading-edge slat. A Class 2 analysis,method is then 
described and applied to th'p optimization of the deflection of a leading-edge 
slat and a trailing-edge single-slotted flap to obtain maximum lift. In this 
investigation the effects of flow separation are modeled using surface source 
distributions located in the separated zones. 
The theoretically optimized positions obtained from the Class 1 and 
Class 2 design procedures were t!~en used as preliminary slat and/or flap 
positions for a wind-tunnel teot of a three-element configuration. The 
refined optimum coniigurations derived from the wind-tunnel experiment are 
in good agreement with the theoretical results, indicating that both analysis 
methods are useful and reliable design tools. 
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Figure 1.- Flow about multielemcnt airfoil. 
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Figure 2,- Separated flow model. 
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Figure 4.- Comparison of experimental and calculated lift on a GA(W)-1 
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Figure 5.- Comparison of experimental and calculated lift on a three- 
element airfoil. Re = 3.8 x 10% M = 0.20. 
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Figure 6.- Aerodynamic analysis for leading-edge slat-position optimization 






Minimization of main airfoil suction pear at an angle of attack 
of lsO. rSf = lo0; Re = 3.8 x 10'; M = 0.10. 
Figure 8.- Pressure distribution on a three-element airfoil with 3lat 
positioned to minimize the auction peak on the main airfoil. 
rSf = 10'; Re = 3.8 x 10'; M = 0.10. 
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Figure 9.- Effect of configuration angle of attack on the skin-friction 
coefficient at the trailing edge of the main component and on the slat 
position required to minimize the suction peak on the main component. 
6f = 10'; Re = 3.8 X lo6; M = 0.10. 
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Figure 10.- Aerodynamic analysis for leading-edge slat and trailing-edge 
flap-deflection optimization for maximum lift. 
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Figure 12.- Comparison of the effect of flap deflection on the computed 
maximum lift Cad, with the effect of flap deflection on the measured 
wing maximum lift C L ~  for a three-element configuration. 
Re = 3.8 x lo6; M 0.?8. 
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Figure 11.- Comparison of the effect of slat deflection on the computed 
maximum airfoil lift CbCx with the effect of slat deflection on the 
measured wing maximum lift Q for three-element configuration. 
^max Re = 3.8 x lo6; M = 0.10. 
Figure 13.- Wind-cunnel model used to determine experimentally opt 
slat and flap positions for maximum lift. 
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Figure 14.- Comparison of theoretically and experimentally optimi 
leading-edge slat position. Position A is theoretical; positi 
B is experimental; b f  = 10'; Re = 3.8 x lo6. 
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WAKE CURVATURE AND TRA If '. EDGE INTERACTION EFFECTS 
IN VISCOUS now OVER AIRFOILS* 
R.E. Melnik 
Grumman Aerospace Corporation 
SUMMARY 
This  paper descr ibes  a new theory developed by t h e  author  and h i &  
5 i col leagues f o r  analyzing v iscous  flows over a i r f o i l s  a t  high Reynolds 
: numbers. The theory includes a complete treatment of viscous i n t e r a c t i o n  
e f f e c t s  induced by t h e  curved wake behind t h e  a i r f o i l  and accounts f o r  
normal pressure  grad ien ts  ac ros s  t h e  boundary l aye r  i n  t he  t r a i l i n g  edge 
region. A b r i e f  descr ip t ion  of a computer code t h a t  was developed t o  
solve t h e  extended viscous i n t e r ac t i on  equations is  given. Comparisons of 
t he  t h e o r e t i c a l  r e s u l t s  with wind tunnel  da ta  f o r  two r e a r  loaded a i r f o i l s  
a t  s u p e r c r i t i c a l  condi t ions a r e  presented. 
INTRODUCTION 
Two c l a s s e s  of t heo re t i ca l  methods a r e  cu r r en t ly  employed i n  t h e  a n a l y s i s  
of viscous flows over a i r f o i l s ;  one based on a d i r e c t  numerical so lu t ion  
of t he  Reynolds-averaged equations of tu rbulen t  flow (e.g., r e f s .  1 and 2) 
and the  o ther  on an approximate boundary l aye r  type formulation. Because 
of t he  magnitude of t h e  computational t a s k  d i r e c t  so lu t ions  of the  Reynolds 
! equations have been r e s t r i c t e d  t o  r e l a t i v e l y  crude gr ids .  Because of  t h e  
i long computing times and poor reso lu t ion ,  these  methods a r e  no t  ye t  s u i t a b l e  
f o r  p r a c t i c a l  appl ica t ions .  Most e x i s t i n g  methods of analyzing the  problem 
a r e  babed on the  displacement sur face  concepts of conventional boundary l a y e r  
theory (e.g., see r e f .  3). Unfortunately these  approaches themselves are 
not e n t i r e l y  s a t i s f a c t o r y  because they neglect  c e r t a i n  s t rong  i n t e r a c t i o n  
e f f e c t s  t h a t  occur near  t r a i l i n g  edges and shock impingement zones. I n  
addi t ion ,  most of t h e  boundary l aye r  formulations employed i n  t h e  pas t  were 
incomplete i n  t h a t  they ignored c e r t a i n  e f f e c t s  due t o  t he  wake. These 
e f f e c t s  a r e  formally t he  same order  of magnitude (as  a funct ion of  t h e  
Reynolds number, R f o r  R -+ =) a s  the  usual  displacement e f f e c t s  on t h e  
a i r f o i l  sur face  an8 shoulg be included ir a completely cons i s t en t  theory. 
There a r e  two wake e f f e c t s ,  one due to  its thickness  and t h e  o the r  t o  its 
curvature.  The wake thickness  e f f e c t  l e ads  t o  a semi- inf ini te  equivalent  
displacement body t h a t  e n t e r s  i n to  the determinaton of t he  ou te r  inv isc id  
solut ion.  Although the re  a r e  no conceptual d i f f i c u l t i e s  i n  doing t h i s ,  t he  
wake thickness  terms have usual ly  been dropped o r  d r a s t i c a l l y  approximated 
(e.g., r e f .  3) i n  most previous s t u d i e s  i n  t he  i n t e r e s t  of s implifying t h e  
computations. The wake curvature  e f f e c t  a r i s e s  from t h e  turning of t h e  low 
momentum flow i n  t h e  wake along the  curved s t reamlines  behind the a i r f o i l .  
sc his work was p a r t i a l l y  supported by NASA under Contract NAS 1-12426. 
, A cons is ten t  app l i ca t i on  of the method of matched asymptotic expansions 
( fo r  R + m) l e ads  t o  a  matching condi t ion requi r ing  a  d i scont inu i ty  of t he  
e  
pressure across  the t r a i l i n g  s t reamline of t he  ou te r  inv isc id  flow. T h i s  
l eads  t o  an e f f e c t  s imi l a r  t o  a j e t  f l a p  with a  negat ive j e t  n~omentum 
coe f f i c i en t  and hence, t o  a  reduct ion of the  l i f t  coe f f i c i en t .  Although the  
need t o  include the wake curvature  terms has been recognized i n  the pas t  
( r e f s .  4 - 6 )  i t  was only r e c m t l y  ( re f .  7) t h a t  a  completely cons i s t en t  
computation including the wake has been ca r r i ed  out.  
It i s  wel l  known tha t  t h e  boundary l a y e r  approximations break down i n  
shock wave boundary-layer i n t e r ac t i on  zones (see r e f .  8).  The present  author  
and R. Chow has shown (ref .  9) that t h e  boundary l a y e r  approximations a l s o  
f a i l  i n  i n t e r ac t i on  regions near t r a i l i n g  edges. Analysis  of t he  higher- 
order  terms ind i ca t e s  t ha t  normal pressure  grad ien ts  a r e  important ac ros s  
the  boundary l aye r  and must be included i n  a co r r ec t  lowest-ordcr descr ip t ion  
of t h e  flow i n  these regions. 
The present  author  and R. Chow have developed a  complete theory f o r  t h e  
inner  region near  cusped t r a i l i n g  edges. We a l s o  developed a  simple pro- 
cedure f o r  using the  l o c a l  t r a i l i n g  edge so lu t ion  to  co r r ec t  the conventional 
boundary l aye r  formulation ( re f .  7). The r e su l t i ng  theory c o r r e c t l y  t r e a t s  the  
wake and the  s t rong i n t e r a c t i o n  region near t r a i l i n g  edges. Both e f f e c t s  
a r e  po t en t i a l l y  important because they d i r e c t l y  inf luence t he  Kutta condi t ion 
and can therefore  have a l a r g e  g loba l  e f f e c t  on t he  l i f t ,  drag, and moment of 
the a i r f o i l  sect ion.  
In  t h e  present  paper we b r i e f l y  descr ibe  t h e  new viscous theory including 
a  descr ip t ion  of the numerical methods employed t o  solve the r e s u l t i n g  
i n t e r a c t i o n  equat ionp. Typical t heo re t i ca l  r e s u l t s  a r e  compared with wind 
tunnel da ta  on r e a r  loaded a i r f o i l s  and some conclusions a r e  drawn regarding 
the p r a c t i c a l  importance of wake curvature  e f f ec t s .  
I n  t he  present  work we do not  provide f o r  a  r a t i o n a l  a n a l y s i s  of  t he  
shock wave boundary i n t e r a c t i o n  problem a r i s i n g  i n  s u p e r c r i t i c a l  cases .  
Instead a  l o c a l  numerical smoothing of the  bounriary l a y e r  and inv i sc id  solu- 
t i o n s  near shock impingement po in t s  is employed that enables  t he  viscous 
theory t o  funct ion i n  these cases .  Experience has indicated t h a t  t he  
smoothing only a f f e c t s  the  l o c a l  pressure d i s t r i b u t i o n  near the  shock wave 
and does not g r e a t l y  inf luence the  predicted sec t ion  c h a r a c t e r i s t i c s  of t h e  
a i r f o i l .  Although the  new theory is s t r i c t l y  appl icab le  only t o  cuspei  
a i r f o i l s ,  a  computer code was wr i t t en  t h a t  i s  appl icab le  to  more general  
a i r f o i l s  with nonzero t r a i l i n g  edge angles. Resul ts  obtained t o  d a t e  
i nd i ca t e  t ha t  the theory provides usefu l  r e s u l t s  f o r  these more general  
a i r f o i l  sect ions.  
BOUNDARY LAYER FOWLATION 
In  t h i s  sec t ion  we review the  matching condi t ions t h a t  couple t he  v i s c id  
and inv isc id  flow so lu t ions  i n  the  conventional boundary l a y e r  formulation. 
The s t ruc tu re  of t he  flow f i e l d  a t  high R e y n c ~ l d s  number is  sketched i n  
f i gu re  1. There a r e  severa l  regions cons is t ing  o f  the  ou te r  inv isc id  flow, 
; ! 
t h in  shear l a y e r s  on the  a i r f o i l ,  and i n  t he  wake and s trong i n t e r a c t i o n  
regions near the  t r a i l i n g  edge and shock impingement points.  The conventional 
boundary l aye r  formulation l eads  to  matching c o n d i t i ~ n s  coupling t h e  inv isc id  
flow t o  the  th in  shear l a y e r s  outs ide  the  s t rong in t e rac t ion  regions. There 
a r e  several  equivalent statements of t he  matching condit ions (see r e f .  10) 
t h a t  follow d i r e c t l y  from the  f a c t  t h a t  t h e  flow i n  t h e  shear  l a y e r s  is  
governed by the boundary l aye r  equations. The matching condit ions a r e  
independent of t h e  p a r t i c u l a r  c losure  assumptions used t o  model the Reynolds 
s t r e s se s ,  anci the  various forms a r e  a l l  equivalent i n  t h e  l i m i t  R + m. I n  
the present study we have used the surface source formulation becguse it was 
bes t  su i ted  f o r  matching t o  the s t rong in t e rac t ion  so lu t ions  and because 
i t  el iminates  t he  need t o  modify the  a i r f o i l  geometry i n  t h e  so lu t ion  
procedure. 
I n  t h i s  formulation the  inv isc id  flow equations a r e  solved subjec t  t o  
viscous boundary condit ions on the  a i r f o i l  a3d i n  wake given by: 
1 dpeUeb* v = -- d S on the  a i r f o i l  surface 
e (N = .O) 
1 dp e ~ e a *  AV = - d 'S on the wake s t reamline 
e (N = 0) 
AU - - U . ( 6 * + e ) ~  on the  wake s t reamline 
. e (N = 0) 
where V i s  ve loc i ty  component normal t o  t h e  a i r f o i l  surface,  AV and AU a r e  the  
jumps i n  t he  normal and tangent ia l  components of ve loc i ty  across  the  wake 
streamline, pe and Ue a r e  t he  densi ty  and tangent ia l  ve loc i ty  along the  a i r f o i l  
and wake, 6* and 6 a r e  the  displacement and monientum thicknesses of t he  shear 
layers ,  S and N a r e  curv i l inear  coordinates along the  normal t o  the  s t reamline 
defining the  a i r f o i l  and wake center l ine ,  and K is  the  curvature of the  wake 
streamline. The three  matching condit ions can be formally derived from a 
standard asymptotic ana lys i s  i n  the  limit R + m. 
e 
Since the wake curvature condition is not  a s  fami l ia r  a s  the o ther  
conditions we summarize the  s t eps  i n  i t s  derivat ion.  The condition a r i s e s  
from the pressure va r i a t i on  induced across  the wake by the nonuniform ve loc i ty  
p r o f i l e  i n  the  wake. A t yp ica l  ve loc i ty  p r o f i l e  and pressure v a r i a t i o n  i n  the  
wake a r e  sketched i n  f i gu re  2. I n  an inviscid flow the pressure gradient  
ap/aN \muld be roughly constant across  the  wake and equal t o  
In the  viscous flow the pressure gradient  is r e l a t ed  t o  the ac tua l  ve loc i ty  
and dens i ty  p r o f i l e s  i n  the wake U(N,S), p (N,S) by the  normal momentum 
equation, a s  follows 
where i t  has been assumed t h a t  the s t reamlines i n  the wake a r e  p a r a l l e l ,  a 
j u s t i f i a b l e  avsumption only i n  the  p a r t  of the wake ou t s ide  the  t r a i l i n g  edge 
region. Subtract ion of equations (4) and ( 5 )  followed by irl tegration with 
respect  t o  N and the imposition of t h e  condition t h a t  t h e  pressure i n  the 
viscous flow approach the 1 i n e a r . v a r i a t i o n  implied by equation (4) a s  
N + + l eads  to  the  r e l a t i o n  
where 
+ 
and P , P- a r e  the  l imi t ing  values of  the pressure i n  the outer  i nv i sc id  flow 
on the  upper and lower s ides  of the  wake streamline, as indicated i n  f i gu re  
2. Equation (6) i s  s imi l a r  t o  t h e  boundary condition t h a t  a r i s e s  i n  j e t  
f l a p  ana lys is ,  except t h a t  t h e r e  CJ is  the jet momentum coe f f i c i en t  which is  
a pcs i t i ve  constant  t h a t  is given as p a r t  of t h e  data.  
For small d i scon t inu i t i e s ,  t h e  pressure and ve loc i ty  d i scon t inu i t i e s  a r e  
re la ted  by AP = - peU AU. Combining t h i s  expression with Equation (6) l eads  
to  t he  wake Condition given i n  equation (3)). In  the present  work we employ 
an i r r o t a t i ~ n a l  approximation t o  the  outer  inv isc id  flow and the wake 
curvature condition is  implemented by prescr ibing a jump i n  ve loc i ty  po ten t i a l ,  
I', ac ros s  t h e  wake streamline, where 
Since AU - dI'/dS we a r r i v e  a t  the f i n a l  condi t ion r~sed  i n  t h e  computation, 
name1 y 
where B is  the angle the  wake s t reamline makes with the  chord of t he  a i r f o i l .  
A t  a given s tage  of the  numerical solut ion,  the r i g h t  s ide  of equation (9) 
i s  known and l' can be evalaated by s i n p l e  quadrature. 
TRAILING EDGE CORRECTIONS 
The source ,veloci ty ,  V, streamline curvature,  K, and the  ve loc i ty  jump, 
AU, appearing i n  the  matching condit ions a l l  develop square root  s i n g u l a r i t i e s  
and become unbounded a t  the t r a i l i n g  edges of l i f t i n g  a i r f o i l s  (see r e f .  7 ) .  
A s  a r e su l t ,  the Kutta condition cannot be s a t i s f i e d ,  the l i f t  cannot be 
determined and the conventional boundery l aye r  theory cannot s t r i c t l y  be used 
t o  determine the  viscous flow over l i f t i n g  a i r f o i l s .  Existing methods 
e~nploying boundary l aye r  theory apparently circumvent these shortcomings by 
numerically smoothing t h e  inv isc id  and boundary l aye r  so lu t ions  near t r a i l i n g  
edges and by i t e r a t i n g  the  coupled inv isc id  and boundary l a y e r  equations to 
obtain a se l f -cons is ten t  solut ion.  The i t e r a t i o n  sezms t o  el iminate  the 
s i n g u l a r i t i e s  but is not cons is ten t  with an order  of magnitude ana lys i s  
of the normal momentum equation. 
t A completely c o n ~ i s r e n t  t rea tment  of t h e  f low n e a r  t r a i l i n g  edges was 
! c a r r i e d  o u t  by t h e  au thor  and h i s  a s s o c i a t e s  f o r  a i r f o i l s  wi th  cusped t r a d l i n g  i 
f edges ( see  r e f .  7). I n  t h a t  a n a l y s i s  we showed t h a t  normal p r e s s u r z  ' ,P 8 g r a d i e n t s  a c r o s s  t h e  boundary l a y e r  and wake a r e  important and must be in- 
cluded i n  t h e  lowest-order d e s c r i p t i o n  of t h e  l o c a l  s o l u t i o n .  We a l s o  showed f t h a t  t h e  f low near  t h e  t r a i l i n g  edge could be t r e a t e d  as a n  i n v l s c i d  , 
r o t a t i o n a l  flow, and we obtained complete a n a l y t i c  s o l u t i o n s  of t h e  r e l e v a n t  
i equa t ions  governing t h e  l e a d i n g  terms of t h e  l o c a l  s o l u t i o n .  Readers $ 
r i n t e r e s t e d  i n  t h i s  a spec t  o f  t h e  problem should consu l t  r e f .  7 f o r  f u r t h e r  
i d e t a i l s .  
8 I n  t h i s  s e c t i o n  we i n d i c a t e  how t h e  l o c a l  t r a i l i n g  edge s o l u t i o n  can 
: be used t o  c o r r e c t  conventional boundary l a y e r  theory t o  o b t a i n  composite 
i 
! s o l u t i o n s  t h a t  a r e  uniformly v a l i d  n e a r  t r a i l i n g  edges. I n  our  approach we 
1 r e p r e s e n t  t h e  s o l u t i o n  by s tandard c ~ m p o s i t e  express ions  t h a t  a r e  v a l i d  in  t h e  i n v i s c i d ,  boundaqy l a y e r ,  wake and t r a i l i n g  edge regions .  For 
example, t h e  r e p r e s e n t a t i o n s  f o r  t h e  p r e s s u r e  c o e f f i c i e n t  C and normal v e l o c i t y  
v  a r e  w r i t t e n  i n  t h e  form P 
from t h e  i n v i s c i d  s o l u t i o n  AC, 
from t h e  i n v i s c i d  s o l u t i o n  
f 3 
V = V  (S.N;Re) + ( s , N ; R ~ )  - v (S,N;Re)I 
o u t e r  com 
where v is  v e l o c i t y  component along a  c u r v i l i n e a r  coord ina te  t h a t  i s  normal t o  
the  a i r f o i l  a t  t h e  surface .  The f i r s t  terms on the  r i g h t  s i d e  of equa t ions  
(10) and (1.1) a r e  s o l u t i o n s  of t h e  o u t e r  i n v i e c i d  f low equa t ions  t h a t  s a t i s f y  
a  s e t  of cor rec ted  matching cond i t ions .  The second terms i n  equa t ions  (10) 
and (11) a r e  from s o l u t i o n s  t o  t h e  inner  shear  l a y e r  equa t ions  v a l i d  near  
t h e  a i r f o i l  and wake, including t h e  s t r o n g  i n t e r a c t i o n  zone near  t h e  
t r a i l i n g  edge. The l a s t  term with  s u b s c r i p t  "corn" i s  t h e  common p a r t  of 
t h e  o u t e r  and i n n e r  s o l u t i o n  and is determined a s  p a r t  o f  t h e  inner  s o l u t i o n .  
We should s t r e s s  t h a t  t h e  ind iv idua l  terms i n  the  r e p r e s e n t a t i o n  are n o t  
expanded i n  formal sum type asymptotic s e r i e s  i n  terms of t h e  Reynolds number 
a s  i n  t h e  usual  method of matched asymptotic expansions. Ins tead ,  t h e  inner  
and o u t e r  t e r n s  a r e  determined from i t e r a t i v e  s o l u t i o n  of t h e  cotlpled i n v i s c i d  
and shear  l a y e r  equat ions .  
I f  t h e  s t andard  boundary l a y e r  matching cond i t ions  were employed wi th  t h e  
above r e p r e s e n t a t i o n s ,  t h e  above procedure would be equ iva len t  t o  t h e  con- 
ven t iona l  boundary l a y e r  type sol l i t ion and m u l d  a l s o  break down near  t r a i l i n g  
edges. The key t o  our  approach i s  t o  develop modified o r  "composite" matching 
cond i t ions  such thar t h e  above r e p r e s e n t a t i o n  reduces t o  the  usual  boundary 
l a y e r  and i n v i s c i d  s o l u t i o n s  o u t s i d e  the  t r a i l i n g  edge region and t o  t h e  
a p p r o p r i a t e  s t r o n g  i n t e r a c t  ion s o l u t i o n  near  t h e  t r a i l i n g  edge. The f a c t  
t h a t  t h i s  r e p r e s e n t a t i o n  can be made t o  work i s  due t o  t h e  c l o s e  r e l a t i o n s h i p  
between the  downwash generated by t h e  v o r t i c i t y  i n  t h e  shear  l a y e r s  and t h e  
su r face  source  v e l o c i t i e s  generated by the  displacement th ickness .  
The a p p r o p r i a t e  c o r r e c t i o n  t o  t h e  matching c o n d i t i o n s  a r e  generated a s  
follows: F i r s t ,  t h e  source v e l o ~ ~ i t i e s ,  V, on t h e  upper and lower s i d e s  of 
t h e  a i r f o i l  are l i n e a r l y  combined i n t o  symmetric and an.tisylmnetric components 
def ined by 
+ 
where V and V- a r e  computed from equa t ion  (1) evaluated on t h e  upper and 
lower s i d e s  of t h e  a i r f o i l ,  r e s p e c t i v e l y .  Then V and VS are m u l t i p l i e d  
by corrections G and G A A S 
= V  G ; 
cor rec ted  A A = V  G 'S cor rec ted  S S (13) 
where G and GS a r e  t h e  r a t i o s  of t h e  i n n e r  s o l u t i o n  t o  i t s  somon p a r t  f o r  
t h e  a n t h y m e t r i c  and symmetric components of t h e  downwash v e l o c i t y  as 
determined from t h e  inner  s o l u t i o n .  Next, equat ions  (13) a r e  recombined t o  form 
c o r r e c t e d  express ions  f o r  t h e  source v e l o c i t i e s  on t h e  a i r f o i l  and wake as 
fol lows : 
On t h e  A ~ L .  o i l :  
+ V cor rec ted  = VA, co r rec ted  + VS, co r rec ted  
V-corrected = VA, co r rec ted  - VS, co r rec ted  (14b). 
I n  t h e  Wake: 
cor rec ted  = .2  VS, co r rec ted  ( 1 4 ~ )  
A s i m i l a r  procedure i s  fol.lowed t o  c o r r e c t  t.he.wake curva tu re  term, 
l e a d i n g  t o  t h e  express ion 
where G i s  the  r a t i o  of t h e  inner  s o l u t i o n  t o  its common p a r t  f o r  t h e  p ressure  
jump acvoss the  wake s t reaml ine  a s  determined from t h e  t r a i l i n g  edge s o l u t i o n . ,  
Closed form express ions  f o r  the  c o r r e c t i o n  f a c t o r s  G G , and G a;i determined A' from the  l o c a l  t r a i l i n g  edge s o l u t i o n  9re  given in  refergrice 7. 'A l l  t h r e e  
func t ions  approach one and t h e  matchirig cond i t ions  reduce t o  conventional 
boundary l a y e r  forms o u t s i d e  t h e  t r a i l i n g  edge i n t e r a c t i o n  zone. I n s i d e  t h e  
i n t e r a c t i o n  zone equat ions  (14) reduce t o  forms t h a t  w i l l  recover  the  l o c a l  
t r a i l i n g  edge s o l u t i o n  when combined wi th  s o l u t i o n s  of t h e  o u t e r  i n v i s c i d  
equat ions .  
The c o r r e c t i o n  f u n c t i o n s  completely e l imina te  t h e  s i n g u l n r i t i e s  a r i s i n g  
i n  t h e  convelltional matching cond i t ions  and l e a d  t o  s o l u t i o n s  t h a t  a r e  uniformly 
v a l i d  i n  t h e  t r a i l i n g  edge region.  We a l s o  note  t h a t  t h e  matching c o n d i t i o n s  
l e a d  t o  d i s c o n t i n u i t i e s  i n  t h e  p ressure  a c r o s s  t h e  wake i n  t h e  o u t c r  invl.scid 
I 
i 
so lu t ion  given by the f i r s t  term i n  equation (10). A t yp ica l  so lu t ion  of the  
outer  inv isc id  equations which shows the  jump i n  pressure a t  the t r a i l i n g  
edge i s  given i n  f i gu re  3. Compensating d i scon t inu i t i e s  a l s o  a r i s e  i n  the  
second and th i rd  terms of equation ( lo) ,  which exac t ly  cancel the  jump i n  t h e  
f i r s t  term leading to  a composite so lu t ion  that is continuous across  the  wake, 
a s  i t  should be. Similar considerat ions a l s o  apply t o  the  so lu t iou  f o r  t he  
normal component of veloci ty .  The a i r f o i l  is not  a s treamline of t h e  ou te r  
inv isc id  flow s ince  vou er is  not  equal  t o  zero on the  a i r f o i l  surface,  but 
is  i n  f ac t ,  equal t o  a Emution determined by the  corrected viscous matching 
cor.ditions. However, the  sum of the  various terms on the  r i g h t  s i d e  of 
equations (11) a l l  cancel a t  the  a i r f o i l  sur face  with the  r e s u l t  t h a t  v LS 
equal t o  zero a t  t h e  surface and the a i r f o i l  is a stream sur face  i n  the  
composite solut ion.  
SOI,UTION PROCEDURE 
With the modified matching condit ions G cussed above the determinaton of 
t he  viscous flow over a i r f o i l s  is  reduced to  t h e  familar  problem of solving 
the  coupled inv isc id  and boundary l aye r  equations, Solution t o  t h e  inv isc id  
equations a r e  obtained with t h e  re laxa t ion  techniques of BGKJ ( re f .  3) fo r  
the f u l l  po t en t i a l  flow equation. We employed the pa r t i cu l a r  version developed 
by Jameson ( re f .  11) t o  provide a f u l l y  conservative, "rotated" scheme. An 
option is a l s o  provided t o  allow f o r  a standard nonconservative fovmulation. 
The ca lcu la t ions  a r e  car r ied  out i n  a computational plane obtained by con- 
formally mapping the  a i r f o i l  t o  a c i r c l e .  The so lu t ion  employs a sequence 
of meshes and uses ~ameson's  accelerated i t e r a t i v e  method ( re f .  11) t o  speed 
convergence. 
The in t eg ra l  parameters appearing i n  the matching conditions a r e  determined 
from so lu t ion  of the boundary l a j e r  equations. The equation0 were solved 
with simple in t eg ra l  methods cons is t ing  of a compressible version of Thwaite's 
method f o r  the  laminar boundary layer  near  the  leading edge and Green's lag- 
entrainment method ( re f .  12) f o r  the turbulent  flow downstream of t r ans i t i on .  
The t r ans i t i on  p o i ~ r t  loca t ions  can e i t h e r  be assigned o r  predicted by one 
of th ree  standard semiempirical methods programmed i n t o  the  code. Jump 
condit ions a r e  imposed across  the t r a n s i t i o n  point  t o  def ine i n i t i a l  da ta  
f o r  the turbulent  ca lcu la t ion  downstream of t r ans i t i on .  Green's lag-entrain- 
ment equations a r e  a s e t  ordinary d i f f e r e n t i a l  equations, which a r e  solved by a 
standard Runge-Kutta method. The lag-entrainment equations include "his tory 
e f fec ts"  through an approximate treatment of the  turbulent  energy equation. 
The wake i s  modeled i n  Green' s method a s  independent symmetric half -wakes 
and seems t o  provide a reasonable engineering descr ip t ion  of the in t eg ra l  
parameters i n  t he  wake. The method is  known t o  be about a s  accurate  a s  
~radshaw'  s "TKE" f i n i t e  d i f fe rence  method f o r  a i r f o i l  type flows. We modified 
the o r ig ina l  method t o  permit a reasonable treatment of flows with s lender  
separat ion bubbles. A s  a r e s u l t ,  the  present  computer coce w i l l  funct ion when 
separat ion occurs, but the accuracy of the method i n  t h i s  case is uncertain.  
Solut ions t o  Green's equations a r e  d iscont imous  across  sheck 3aves. In  
order  t o  obtain reasonable inputs  f o r  the  subscquent inv isc id  so lu t ion  the 
pressure d i s t r i bu t ion  input t o  the  boundary l aye r  equations i s  smoothed over 
a l imi ted  region near shock waves. Experience with the  code ind ica tes  t h a t  
the overa l l  solut ion is insensit?-ve t o  the  degree of l o c a l  smoothing applied i n  
t h i s  way. Although t h e  theory is  s t r i c t l y  r a t i ona l  only f o r  a i r f o i l s  with 
cusped t r a i l i n g  edges the  program can be applied t o  a i r f o i l s  w i t h  f i n i t e  
t r a i l i n g  angles. Good r e s ~ ~ l t s  have been cbtained f o r  a i r f o i l s  with included 
angles  a8 l a r s e  a s  10'. 
The i t e r a t i o n  between the inviscid and v i sc id  so lu t ions  i s  cont ro l led  by 
monitoring the  maximum res idua l ,  which is a parameter t h a t  measures the  
degree of convergence of t h e  h v i s c i d  solut ion.  The boundary layer  equations 
a r e  solved and the matching condit ions a r e  updated whenever the maximum 
res idua l  is redaced by a spec i f ied  fac tor ,  t yp i ca l ly  equal t o  f i ve .  
A l l  ca lcu la t ions  were ca r r i ed  out on an IBM 370/168 computer. Typical 
runs f o r  a f u l l  viscous so lu t ion  required about f i v e  idinutes t o  reduce the  
max.bum res idua l  to  on a 32 x 128 poin t  gr id.  
In  t h i s  sec t ion  we report  on r e s u l t s  obtained with the  new program. 
Comparisons of the  theore t ica l  r e s u l t s  with wind tunnel da ta  a r e  presented 
f o r  two a i r f a i l s ,  one a moderately r e a r  loaded s u p e r c r i t i c a l  a i r f o i l ,  the 
KORN I, which was tes ted  a t  the  National Aeronautical Establishment i n  
Ottawa, a3d the o ther  a newly designed NASA supercr i t i : a l  a i r f o i l  with l a r g e  
r e a r  loading t h a t  was tes ted  i n  the  NASA Langley 8-foo: t ransonic tunnel.  
Theoret ical  r e s u l t s  a r e  a l s o  presented which show the e f f e c t  of neglect ing 
the wake curvature term and of using a nonconservative formulation i n  the  
inv isc id  solut ion.  
The t e a t  of the  KORN I a i r f o i l  a t  Ottawa was car r ied  out a t  a Reynolds 
number of 21.7 x 106 with the  tunnel wal ls  s e t  a t  20.5 percent porosi ty .  
Under these c o n d i t i o : ~ ~  blockage e f f e c t s  wcre small, but dow.~wash e f f e c t s  
due t o  the  w s l l s  were la rge .  Therefore, angle of a t t ack  cor rec t ions  developed 
f o r  the f a c i l i t y  were applied t o  the  data.  (See reference 7 f o r  f u r t h e r  
d e t a i l s ,  ) The a i r f o i l  was aerodynamica1l.y smootl! and was tes ted  with na tu ra l  
t r ans i t i on .  The ca lcu la t ions  were car r ied  out with t r a n s i t i o n  f ixed a t  10% 
chord. This i s  a reasonable est imate considering the  high Reynolds number 
of the  t e s t .  The theore t ica l  so lu t ions  were found t o  be r e l a t i v e l y  insen- 
s i t i v e  to  the assumed pca i t ion  of the  t r ans i t i on  point.  
The theo re t i ca l  surface pressures  a r e  compared with exper:.mental data  i n  
f igure  4 f c r  a f r e e  stream Mach number, M = 0.699 and an angle of a t t a c k  
a = 1.69" (corrected).  The f u l l y  conservative so lu t ion  and the experimeatal 
da ta  a r e  seen t o  be i n  good agreenent. The agreement of the nonconservative 
so lu t ion  with the  da t a  is much poorer. Since the drsg coe f f i c i en t  of the 
nonconservative so lu t ion  given : i n  the  f igure  ddes nQt include the mass flow 
correct ion t h a t  Garabedian ( re f .  13) has shown t o  be necessary, the  favorable 
aqreement of the uncorrected drag r e s u l t  with data  i s  for tu i tous .  
C o m p a t i ~ ~ n s  of theory and experiment f o r  t he  l i f t  curve a t  M = 0.699 a r e  
given i n  f igure  5. The r e s u l t s  show t h a t  the  viscous and wall  i n t e r f e rence  
e f f e c t s  a r e  about the same magnitude. The r e s u l t s  of t he  theory show very 
gcod agreement with corrected wind tunnel data. The choice of conservat ive o r  
nonconservative differencing seems t o  have only a small e f f e c t  on the  
solut ion f o r  the l i f t  coef f ic ien t .  The present code was a l s o  used t o  obta in  
a conventional boundary l aye r  s o l u t i o r ~  by dropping the  terms a r i s i n g  from 
the  wake and the t r a i l i n g  edge correct ion terms. The computed r e s u l t  is  
labeled SCBL theory (self-consis t e n t  boundary l aye r  theory) i n  t h e  f igure .  
This r e s u l t  i nd i ca t e s  t h a t  conventional boundary l aye r  pred.'.cts only about 
half  the  viscous l o s s  of l i f t .  This  is more c l ea r ly  brought ou t  In  the r e s u l t s  
p lo t ted  i n  f igure  6. 
In  f i gu re  6 we present r e s u l t s  t h a t  i l l u s t r a t e  the separate  e f f e c t s  o f  
wake curvature and t r a i l i n g  edge in te rac t ion  on the  l i f t  coe f f i c i en t .  Four 
solut ions,  a l l  obtained with the  present code, a r e  presented f o r  the  va r i a t i on  
of l i f t  coef f ic ien t  with Mach number a t  a f ixed incidence, a = 1.6g0, 
including the inviscid solut ion,  t h e  f u l l  viscous solut ion,  t he  same so lu t ion  
with the  wake curvature terms omitted, and the  conventional s e l f  -consistent 
boundary l aye r  solut ion (SCBL) mentioned above. The r e s u l t s  i n  f i gu re  6 
c l e a r l y  show t h a t  t he  conventfonal boundary l aye r  approach underpredicts t he  
boundary layer  e f f e c t  by about 50 percent. The d i f fe rence  between the  s e l f -  
consis tent  baundary layer  so lu t ion  and t h e  viscous solut'on without wake 
curvature represents  the  e f f e c t  of normal pressure gradien ts  i n  t h e  t r a i l i n g  
edge region. Irhe r e s u l t s  i n  f i gu re  6 ind ica te  t h a t  t h i s  e f f e c t  and the wake 
curvature e f f e c t  combine t o  makz up the  o ther  50 percent of t he  l i f t  reduction 
induced by the boundary layer .  Thus the s ixp le  displacement surface type 
boundary layer  formulation s ign i f i can t ly  underpredicts the boundary l aye r  
e f f ec t .  
The drag polar fo r  M = 0.699 is given i n  f i gu re  7. Theoretical r e s u l t s  
f o r  the f u l l  viscous theory using both the conservative and nonconservat ive 
f o n w l a t  ion a r e  compated with experimental data.  A s i m i L ~ r  comparison 
presented i n  reference 7 was i n  e r r o r  due t o  a mistake i n  the  nonconser- 
va t ive  solutior.. The conservative and nonconservative so lu t ions  a r e  seen 
t o  d i f f e r  s ign i f i can t ly  a t  the  higher l i f t  coe f f i c i en t s  where shock waves 
a r e  present i n  the solut ions.  Carabedian ( re f .  13) has shown t h a t  the e r r o r  
i n  the nonconservative formulation is due to a spurious s ink drag a t  the shock 
wave. The conservative solut ion leads  t o  3 reasonable predict ion of the 
overa l l  shape of t he  drag polar ,  but underestimates t h e  drag level ;  by a b u t  
15 percent. There is some evi3ent:e ( re f .  14) t ha t  experimental uncertainty in  
the drag measurements mignt be responsible f o r  the  poor agreeiaent shown in  
t h i s  case. 
Much tet:er agr-~ment  is  obtained with d r ~ g  measurements from the  8- 
foot  trapsonic wind tunnel a t  the NASA Langley Research Center. In f i gu re  
8 we present tile r e s u l t s  for  the drag polar of the  second a i r f o i l  considered 
i n  t h i s  paper. The a i r f o i l  i s  a 10 percent thick,  heavily rear-loaded super- 
c r i t i c a l  a i r f o i l  r ~ w e n t l y  designed arid tested a t  NASA Langley. Theoretical 
solut ions with and wtthout wake curvature a r e  given in  the f igure  together 
~ i t h  a solut ion obtained with the nonconservative formularion. A blockage 
correc t ion  of AM = -0.01 was employed i n  the theo re t i ca l  computations. 
Although, accurate  w a l l  cor rec t ions  a r e  rwt ava i l ab l e  f o r  t h i s  f a c i l i t y  
recent  s tud ies ,  car r ied  out  a t  NASA Langley Research Center, have indicated t h a t  
cor rec t ions  of t h i s  magnitude a r e  appropriate.  Tranei t ion was f ixed  i n  the  
tests by placing t r a n s i t i o n  s t r i p s  a t  28 percent chord and waa f ixed a t  the  same 
loca t ion  i n  t he  computations. The tests were ca r r i ed  out  a t  a Reynolds number 
of I! = 7.7 x lo6. The r e s u l t s  i n  f i gu re  8 show t h a t  t h e  new viscous theory \0- 
with wake curvature not only p red ic t s  t he  shape of t h e  drag polar  but  a l s o  the  
absolute  l e v e l s  of drag over a wide range of l f f t  coe f f i c i en t s .  The r e ~ u l t s  
a l s o  show t h a t  t h e  neglect  of wake curvature leads  t o  a not iceable  underpredic- 
t i o n  of the  drag and t h a t  t he  nonconservative formulation leads  t o  a s i g n i f i -  
cant  overestimate of t he  drag. 
I n  f i gu re  9 we compare t h e  t h e o r e t i c a l  and experimental pressure 
d i s t r i b u t i o n s  f o r  a point about ha l f  way up the  drag r i s e  on the  polar.  The 
r e s u l t s  show good agreement f o r  both the  pressure d i s t r i b u t i o n  and shock 
posi t ion.  The s l i g h t  underpredictions of t he  pressure over  t he  r e a r  upper 
surface were found t o  be due t o  numerical problems with code t h a t  have s ince  
been eliminated. 
The so lu t ion  f o r  the  l i f t  curve i s  given i n  f i gu re  10. The so lu t ions  
c l e a r l y  show the l a rge  e f f e c t  of wake curvature on t h e  predicted l i f t  
coef f ic ien t .  The type of d i f fe renc ing  is  see3 t o  have only a s l i g h t  inf luence 
on the  predicted l i f t  coef f ic ien t .  Uncorrected da t a  from the  test a r e  a l s c  
p lo t ted  i n  the f igu re  f o r  reference. The r e s u l t s  a r e  suggestive of r e l a t i v e l y  
l a rge  w a l l  induced downwash on t h e  a i r f o i l .  However s ince  accurate  angle 
of a t t a c k  cor rec t ions  were not ava i l ab l e  comparisons with corrected da ta  
could not be provided. 
CONCLUSIONS 
The main conclusions t o  be drawn from the  r e s u l t s  obtained t o  da te  with 
the new viscous theory are: 
o Wake curvature and t r a i l i n g  edge in t e rac t ion  e f f e c t s  a r e  required 
i n  a completely consis tent  the,ory of viscous flow over a i r f o i l s .  
Together they account f o r  about a half  of the reduction of l i f t  
caused by the  boundary layer .  They a r e  most important f o r  r ea r  
loaded a i r f o i l s  
o The new theory l eads  t o  accurate  predict ions of l i f t  and drag 
provided a ful1.y conservative differencing scheme is used t o  
solve the equations. Both the shape of the  drag polar  and the 
absolute  l eve l a  of the drag a r e  well predicted by the theory. 
The above a r e  only t en t a t ive  conclusions. The unce r t a in t i e s  i n  the drag 
meaaur-ments of t he  Ottawa f a c i l i t y  and the  unknown l e v e l  of the  angle of 
a t t ack  and blockage cor rec t ions  required i n  the Langley tunnel prevent u s  
.':om drawing more d e f i n i t e  conclusions regarding the  adequacy of the  new theory. 
A more clear-cut va l ida t ion  of t he  theory would requi re  improved wind tunnel 
t e s t s  with e i t h e r  small wall e f f e c t s  o r  accurate  and documented correct ions.  
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Figure 1.- Flow structure and viscous matching conditions. 
\ 
Figure 2.- Wake-curvature condition. 
Figure 3.- Outer inviscid solution for the pressure distribution where 
CL denotes lift coefficient, CD denotes drag coefficient, and 
CM denotes pitching-moment coefficient. 
- VISCOUS CON CL = .868 CD = .0082 CM -.WE9 
---- VISCOUS NONCON CL = .664 CD - .01W CM = -.I023 
A 0 EXPERIMENT CL = .069 CD .- .0107 CM -.I056 (aG = 2.77O) 
Figure 4.- Pressure distribution on a KORN I airfoil where RE denotes 
the Reynolds number. 
Figure 5.- Variation of lift coefficient with incidence for the KORN I 
airfoil. 
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Figure 9.- Pressure distribution on the NASA airfoil. 
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Figure 10.- Variation of lift coefficient with incidence 
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A STUDY OF THE INTERACTION OF A NORMAL SHOCK WAVE 
A.F. Messiter and T.C. Adamson, Jr. 
The Univczrsity of Michigan 
SUMMARY 
An asymptotic desc r ip t i on  is der ived f o r  t h e  interac.:ion of a weak normal 
shock wave and a turbulen t  boundary l a y e r  along a plane wall .  In tho case stud- 
i ed  t he  nondimensional f r i c t i o n  ve loc i ty  is small  i n  comparison with t he  nondi- 
mensional shock s t r eng th ,  and t h e  shock wave extends w e l l  i n t o  the  boundary 
layer .  Analyt ical  r e s u l t s  a r e  described f o r  t h e  l o c a l  pressure d i s t r i b u t i o n  
and wal l  shear ,  and a c r i t e r i o n  f o r  i n c i p i e n t  separa t ion  is proposed. A compar- 
i son  of predicted pressures  with ava i l ab l e  experimental da ta  includes t h e  e f f e c t  
of longi tud ina l  wal l  curvature.  
INTRODUCTION 
I n  t ransonic  flows a i r a n s i t i o n  from supersonic t o  subsonic speeds typi-  
c a l l y  occurs through a shock wave which is  normal t o  a s o l i d  boundary. Across 
t he  boundary l aye r  along t h i s  sur face ,  t h e  upstream f l u i d  ve loc i ty  decreases  
from its value i n  t h e  ex t e rna l  flow to zero a t  t he  wal l ,  and the  s t r e n g t ! ~  of an 
incident  shock wave must decrease t o  zeyo i n  t he  supersonic pa r t  of t he  boundary 
layer ;  a t  the wal l  t he re  is no d i scon t inu i ty  i n  pressure.  
In  the  undisturbed turbulen t  boundary l aye r ,  viscous forces  a r e  important 
only i n  a very t h i n  wal l  l aye r  having thickness  of the  order  of the  l o c a l  v i s -  
cous length and ve loc i ty  of t h e  order  of t he  f r i c t i o n  ve loc i ty .  In most of the 
bouqdary l aye r  t he  mean ve loc i ty  p r o f i l e  is near ly  uniform, with a decrease from 
the  external-flow va lue  of the  same order  a s  t he  f r i c t i o n  ve loc i ty .  The flow 
changes caused by a weak inc ident  normal shock wave w i l l  depend on the r e l a t i v e  
s i z e s  of t h i s  ve loc i ty  v a r i a t i o n  and the  d i i f e r ence  I :ween the  external-flow 
Mach number and one, i . e . ,  on the  r a t i o  of t he  nonr'. : t~s iona l  f r i c t i o n  ve loc i ty  
t o  the nondimensional shock-wave s t rength .  Asymp,,:-ic flow descr ip t ions  have 
been derived f o r  l a rge  ( r e f .  1 )  , moderate ( r e f s .  2,3,4) and small ( r e f .  5 )  
values of t h i s  r a t i o ,  and the  oblique-shock problem has a l s o  been s tudied (ref.6).  
In  each case the  l o c a l  meen pressure grad ien t  and f l u i d  dece le ra t ion  a r e  la rge  
enough Chat the  flow near t he  shock wave may be described a s  an inv isc id  rota-  
t i o n a l  flow i n  most of t he  boundary layer .  In  a thinner  sublayer,  changes i n  
t he  turbulent  s t r e s s e s  do inf luence the changes i n  ve loc i ty ,  and here some model 
must be chosen (e.g. ,  a mixing-length model) f o r  descr ibing these s t r e s s e s .  T'.e 
displacement e f f e c t  of the  flow changes i n  t h i s  sublayer is  small enough tha t  
the  dominant terms i n  the  pressure a r e  not  a f fec ted .  Thus the pressure is ca l -  
*This work was supported by NASA Langley Research Center, under Research 
- - 
Grant NSG 1326. 
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culated from the invj-scid-flow equations and then is substituted into the sub- 
layer equation8 for the calculation of changes in wall shear. 
The present work is a continuation of the work of reference 5. Asymptotic 
solutions are obtained in the limit as the nondimensional friction velocity and 
shock-wave streggth approach zero, such that the ratio of friction velocity to 
shock strength also approaches zero, as does the distance from the wall to the 
undisturbed sonic line divided by the boundary-layer thickness. The pressures 
found in reference 5 are shown to be modified by higher-order and curvature 
cffects, and the calculation of wkll shear ia carried out, lending to a pro- 
posed criterion for incipient separation. 
skin-f ric tion coefficient 
local wall curvature, nondhensional with LO' 
length of boundary layer, up to @hock wave 
Mach number in external flow ahead of shock 
local static pressure, and external-flow static and stagnation 
pressures ahead of shock, nondimensional with sonic pressure ahead 
of shock 
Reynolds number based on L and on external-flow quantities or sonic 
values 
local velocity and external-flow velocity, nondimensional with 
critical sound speed 
2.1 u 2 c  nondimz:isional friction velocity; u,, 
L 2 e f  
- - 
XIL, (M: - 1)-lf2 XI6 ; X - coordinate along wall 
- -112 - 
Y ~ L ,  ~ 1 6 .  (M:- 1) ylu, ; Y = coordinate normal to wall 
ratio of specific heats 
boundary-layer thickness ahead of shock, nondimensional with L 
Ue - 1 
von G d n  constant, taken equal to 0.41 
pressure-gradient parameter in velocity profile 
wall shzar streos, nondimensional with undisturbed value 
7 
PRESSURE DISTRIBUTION 
In the velocity defect layer, y ~ / 6  = 0(1), where 6  = O(uT), and ahead 
cf the shock wave U - 1 + E + u T  uO1(y), as in figure 1. We take 1,101 = ~ - 1  in y 
- K - ~  ll (1 + cos IT y) for O < y < 1 and u01 = 0 for y . 1 (e.g., ref. 7), where 
K = 0.41 and for zero pressure gradient I'I is about 0.5. The sonic line is lo- 
cated at y = exp (2ll - KE/u~), and for uT << e this value is small. In the 
very thin wall layer Y  = O(UT~R~-I), and the velocit]. Ir = O(uT) has the same 
form as for an incompressible flow having density srid viscosity coefficient 
equal to the wall values in the actllal flow. For uT-1 ~e-' << Y << 6  a mixing- 
length model is used for the shear stress, and the velocity profile obtained is 
required to match asymptotically with both the defect-layer and the wall-layer 
profiles. These matching conditions provide a relatlonship among the quantities 
6, uT, and Re. A second such relationship is found from the momentum integral 
equation, in the manner described for incompressible flow, e.g., in reference 7, 
with quadratic terms in uT retained. For simplicity the total enthalpy is 
assumed unif om. 
For Y = O(6) immediately downstream of the shock wave, the differential 
equations and shock jump conditions (expanded for uT. + 0, E + 0, and uT/c + 0) 
show that pressure changes O(uT) occw over a distance x = (142 - 1)-1/2 X/6 
= 0 (1). The mean velocity profile has a term (1 + plus terms 0 (uT) con- 
taining a known rotational part and an unknown irrotational part (fig. 2). The 
shock wave is located at x = O(uT/iz), and so the shock jump conditions are ex- 
panded in Taylor series about x = 0 .  For a first approximation Laplace's equa- 
tion in the variables x,y is solved in a quarter plane by distributing fluid 
sources along x = 0. For (x2 + y2)1/2greater than about 2, it is found that the 
solution is nearly that due to a point source which represents the change in 
boundary-layer displacement thickness (as also noted in refs. 3,4). Two correc- 
tion terms, while formally of higher order, are important numerically at realis- 
tic values of t+ and E.  One represents changes in vo~ticity along a streamline 
of the mean flow; the other accounts for the difference between streamlines and 
lines y = constant in the calculation of the rotational part of U, and also 
enters in the irrotational part through the boundary condition at x = 0. The 
wall pressure with these effects 'ncluded is 
The solution (1) is logarithmically Cafinite as x + 0, as must be expected since 
the overall pressure change is O(E) rather than O(uT). Numerical solution of 
the nonlinear transonic small-disturbance equations would be required to obtain 
the correct form in a region near x = O which is small if U ~ / E  << 1. For a wall 
with longitudinal curvature, the. pressure gradient in the inviscid flow behind a 
normal shock wave has a logarithmic singularity described by 
The boundary-layer interaction effect for x = O(1) is not large enough to change 
this expression, and so a curvature term can simply be added as a correction to 
equation (1). 
The pressure distributions found by adding equations (1) and (2) are com- 
pared in figure 3 with experimental results from reference 8. For Me = 1.322 
and Re = 9.4 x 105, other parameters are calculated as E = .247, ur = ,050, 
6 = .0182, and cf = .0032. The shock-wave position found from the data is the 
origin for the pressure at 15 mm., where y z 4.1. The origin for the wall 
pressure is shifted upstream through Ax = 2.87, equal to the displacement of the 
shock wave calculated using the fact that the shock-wave slope is proportional 
to the y-component of velocity at x = 0. In the experimezts the wall was a 
plate having longitudinal curvature which can be inferred from the msasured 
pressures immediately behind the shock wave. The change AP/Po in a y-distance 
of 15 mm. was taken as .015, giving K = .21. The theoretical curves also in- 
clude a constant streamwbe pressure gradient caused by cross-section area 
change, estimated from the data as AP/Po = .93 in a distance of 50 mm. The 
parameter ll was taken equal to the constant-pressure value ll = 0.5, which leads 
to a predicted location of the undisturbed sonic line at y = .36. If instead 
n = 0.4, the I;-:ediction is y = .30, whereas the measured value is y = .29; this 
change in ll would influence the pressures only slightly. The wall pressures are 
in excellent agreement for x greater than about 3; the reofon x < 3 requiring 
solution of nonlinear equations is relatively large in this case, because the 
Reynolds number is not high enough for the upstream sor.,r line to be really 
close to the wall. The very beginning of the rise in wall pressure can be ex- 
pressed by an exponential function with known rate of decay but unknown multipli- 
cative constant, as shown in figure 3 with or4b,in chosen tentatively for good 
agreement with the data. By comparison with umerical results of ref. 2, it 
should be possible to estimate this constant. The pressures at 15 mm. from the 
wall ar.: in good agreement except for small x, where the error probably arises 
from approximating the shock-wave location by x = 0; adding the appropriate 
second-order term is expected to improve the agreement. 
WALL SHEAR 
The above description of mean-flow perturbations in terms of disturbances 
in. an inviscid rotational flow does not remain valid as y -+ 0. For y = Y / 6  
= O(u, c1I2), it is easily found that turbulent stresses as well as pressure and 
inertia terms must be retained in the boundary-layer momentum equation. This 
thinner layer (still much thicker than the viscous wall layer) has been calk 
Reynolds stress sublayer in reference 1 and a blending layer in reference 2. 
Double expansions as uT + 0 and E + 0 are assumed for the velocity componeqts, 
pressure, and Reynolds stress, with the latter represented by a simple mixing- 
length model, chosen for analytical convenience Ln the belief that the results 
may not depend strongly on the model used. The wall shear stress has the form 
where a = constant. This expansion, like that for the pressure, requires modifi- 
cation when x is small. The y-component of velocity and the related displacement 
effect of this sublayer are small enough that the previous calculation of pres- 
sure is unaffected, and the boundary condition v = 0 at y = O used for y = O(1) 
is thereby verified. With use of the solution for pressure evaluated as y + 0, 
it is found th&t T~(X) is proportional to the pressure perturbation, and there- 
fore decreases monotonically with increasing x; also rle is constant. The term 
T~~(x) is obtained as a lengthy expr~ssion including terms proportional to the 
pressure perturbation and a pos!t:\re teri proportional to In x (ref. 9). Since 
the pressure perturbation decreases to zero as x increases (i.e., is small for 
€1126 << X << l), it follows that rw has a minimum. Thus for typical values of 
Me and Re figure 4 shows that .rw first decreases sharply and then rises again 
slowly. At a given x, T, decreases as E iricreases and increases as Re increases. 
This behavior is in general agreement with existing experimental results. 
If it is assumed that equation (3) remains a good approximation even when 
changes in T, are not small as originally assumed, a criterion for incipient 
separation can be proposed. F3r example, curve 111 in figure 4 is drawn for 
Re* = lo6 and Me = 1.149, corresponding to E = 0.12; if E is increased to 0.2, 
the minimum value of .rw decreases to zero, and this is taken as an indication of 
incipient separation. Values of Me corresponding to this condition, namely that 
-rW = 0 and dPrw/dx = 0 simultaneously, are plotted against Re* in figure 5, and 
show a slow increase in the shock strength required for separation as Re in- 
creases. As a first step toward studying flows with separation, a numerical 
solution was also carried out for a momentum equation appropriate for describing 
a slender low-speed separation bulsble. having length Ax = O(1). Terms were 
retained to represent the laminar and turbulent stresses and the pressure gra- 
dient, which was considered known from the previous solutions because the dis- 
placement effect of the bubble was sufficiently small. Velocity profiles 
obtained are plotted against 9 in figure 6. 
COIJCLUDING REMARKS 
The favorable compar!son with experiment shown in the figures for the latter 
part of the pressare rise seems to imply that the asymptotic representation 
given here, with the addition of second-order terms as noted, does correctly 
include the most important features of the local flow field. A study of other 
second-order terms is continuing, and an analytical ~ol.ution has been derived 
for the correction necessary in the flow behind a sl: : wave in a circular pipe; 
a comparison with existing experimental results is .qg carried out. It is 
anticipated that a comparison with numerical resu~ , of Melnick and Grossrnan 
will suggest a simple curve fit, in terms of a cool~fnate nondimensional with 
the distance to the sonic line, to fill in the pressure in the region near 
the origin. It should now be passible to incorporate these dnalycical representa- 
tions £0; the local yrcsst~e and velocity into potectial-flow calculations of 
;he transonic flow past an airfoil. The predictions for wall shear, and for the 
Mach cumber at which separaLion first occurs, show the expected trends, and 
s h m - ~ l d  be checked for quantitative accuracy against existing experimental data. 
It ~ould seem especially importanc to continue the attempt at devdloping a 
rational theory of separation for turbulent boundary layers. 
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Figure 1.- Velocity profile i n  undisturbed boundary layer. 
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Figure 2.- Representation of outer flow f ie ld .  
Figure 3. - Pressure distributions . 
Figure 4.-  Predicted wall shear stress. 
Figure 5.- Predicted variation of Mach numl~er with Reynolds number a t  
incipient separation. 
Figure 6 . -  Calculated velocity profi les  in  a slender separated-flow 
region. 
RECENT DEVELOPMENTS IN FINITE ELEMENT ANALYSIS FOR TRANSONIC AIRFOILS* 
M. M. Hafez and E. M. Murman 
Flow Research Co., Kent, Washington 
t INTRODUCTION i 
The prediction of aerodynamic forces in the transonic regiee generally 
requires a flow field calculation to solve the governing non-lin2ar mixed 
elliptic-hyperbolic partial differential equations. Finite difference tech- 
niques have been developed to the point that design and analysis application 
are routine, and continual improvements are being made by various research 
groups. The principal limitatiou in extending finite difference methods to 
complex three-dimensional geometries is the construction of a suitable mesh 
system. Finite element techniques are attractive since their application to 
other problems have permitted irregular mesh elements to be employed. The 
purpose of this paper is to review the recent developments in the applscation 
of finite element methods to transonic flow problems and to report same recent 
results of our own study. In most cases, the reader is referred to the original 
paper for the details. 
Finite element methods have been quite sucessful when applied to elliptic 
problems, particularly in elasticity and structures. A straightforward appli- 
cation of these techniques to the transonic problem involving mixed elliptic- 
hyperbolic equations with embedded shock waves has not proven successful. In 
general, either the finite element method must be modified to treat the tran- 
sonic flow equations or the transonic flow equations must be modified to fit 
the finite element method. For the latter approach, additional terms (with 
b hopefully small coefficients) are added to the equations representing arti- 
ficial viscosity, artificial density or artificial time. The general mesh 
shapes used for elliptlc problems result in matrices which are not well 
ordered. Thus either a direct matrix inversion or an explicit iterative method 
is required. Both of these approaches are computationally inefficient for 
realistic problems compared to the implicit methods which have been developed. 
Some work reported later in this paper lnay relax this conclusion. Finally, the 
I r as attrac- higher order shape functions used in elliptic problems do not appe- 
I tivz for mixed problems with shocks. In this paper, we review the subject by generally grouping together methods follotring the same general formulation. 
t SYMBOLS E .All symbols are dimensionals. 
A matrix operator in equation Aw = f 
Cp pressure coefficient 
i c coefficient in Tricomi equation 
f right hand side in equation Aw = f 
* Thjs work was supported under NASA Contract N 1-14246, 4% a 
NQI l ( ) w a ~ w ' I  r~+ '?  
function in equation (5) 
matrix iiu equations (6). (7) 
functional 
Laplace operator 






velocity campornat in x,y directions 
d q  dependent variable 
independent variables 
coefficients in equation (1) 
ratio of specific heats &I incremental difference operator (6a = a - an) 
finite difference operator (Ax = x2 - xl) 
coefficient in equation (1) 
parameter in equation (4) 
switching factor, equation (34) 






The hler equations as well as the unsteady full potential equation are 
hyperbolic in time, whether or not the flow is locally subsonic or supersonic 
in space. With this in mind, Wellford and Hafez (ref. 1) solved the following 
augmented system for the transonic small-disturbance equation: 
where regularization terms 6vt 9 VIUXX 9 V2VV , E1u , E ~ V  are added 
explicitly. The coefficients E, V, B are assumed to be small. An implicit 
Crank-Nicholson finite difference scheme was used for the time derivatives and 
a standard Galerkin finite element approach was used for the space derivatives. 
Stability and convergence were rigorously analyzed. It was shown that a mini- 
mum amount of viscosity V1 , related to the magnitude of the drag, is needed. 
Results shown in fig. 1 are generally in agreement with finite difference 
results, but the accuracy is not acceptable for the element density used. The 
method converged slowly, but it may be useful for unsteady problems. 
Hafez, Wellford and Murman (ref. 2) considered an extention of this method 
to the full potential equation in the consenrative form 
v = w  Pt -(puIx - ( P V ) ~  Y Ut = w X '  t y 
Again, artificial viscosity terms as well as damping terms (UW) are 
added to the system. If we are interested only in the steady state solution, 
the transient behavior is not important and a faster iterative procedure may be 
possible. The work is still in progress. 
Pharas and Kneile (ref. 3) have reported finite element solutions of the 
unsteady Euler equations using a time dependent method. The equations are in 
non-conservative form with the dependent variables being u,v,t. Isoparametric 
elements are used along with a Galerkin method for the spatial derivatives. A 
result from their study is shown in figure 2. The results look quite good, 
but the rate of convergence is about a hundred times slower than relaxatian 
solutions of the full potential equation. 
VARIATZONAL METHODS 
For subsonic flows, the full potential equation is elliptic and there are 
many impressive finite element solutions. Most of this work is based on the 
Bsteman variational principle. For transonic flows, however, the second 
variation ceases to be positive definite. Hafez, Wellford and Murmaa (ref. 2) 
introduced mixed variational formulations using two different functionals. The 
where p a pY/yn2 , h is a free parameter and p - p (u,v) . Numerical 
results shown in figure 3 for the case of small-disturbance approximation 
indicate approximately the right solution but some apparent inaccuracies. The 
second functional given in terms of (J and p is: 
continuity and the energy equations in p and + . Notice that the natural 
boundary condition ~ssociated with equation (5) admits the right jump con- 
ditions across the shock (i.e., mass is conserved). Thi? is a consequence of 
the definition of weak solutions. The two Euler equations nust be solved 
simultaneously. The method appears attractive, but no solutions are yet avail- 
able. As an extension to the above ideas, we note that it is possible to 
construct a general gradient method 
in time for subsonic as well as supersonic regions. Different choices of G may 
lead to faster convergence. Dissipation terms will be needed for stability and 
to handle flows with shocks. 
Eberle (ref. 4)  has recently introduced a variational finite element 
method for the full potential equation. Artificial viscosity term are added 
which may be interpreted as an artificial compressibility. The density Cs 
retarded upstream by a small (Ax)  amount. The equations are solved in a 
transformed plane using a relaxation method. A calculated result is shown in 
figure 4. Other results in Eberle's report indicate a noticeable dependence of 
the solution on element density, element shape and the magnitude of the 
artificial viscosity. We note that the work of Eberle motivated the artificial 
compressibility work discussed later. 
LEAST SQUARES AND OPTIMAL COKTROL METHODS 
Given the differential equation Aw = f, an associated functional whose 
second variation is positive definite can always be formulated using least 
squares, namely minimizing the residual 
where the usual notation of inner products, norms, and adjoints are used. 
Notice that I = (A*Aw,w) - 2(A*f,w) is the Ritz variational functional for 
the problem A*Au = A*f which is automatically self-adjoint. However, the 
order of the equation has doubled, and therefore, a gradient method such as 
6w = - Iw = - A*(Aw - f )  ( 9 )  
will converge very slowly. In order to accelerate the convergence of the 
iterative process modified gradient methods can be used. We will discuss here 
three examples. 
In the first gradient method, a modification is made such that a Poisson's 
equation is solved at each iteration; namely 
Notice that higher order inter-element continuity of the shape functions is 
required for the least squares method compared to a Galerkin method. This 
problem may be avoided by writing the differential equatior. as a system of 
$1 j j  3 
i I lower order equatione (see Lyrm and Arya (refs . 5 and 6) ) . As an example, 
consider the Tricml equation: 
I 
f 






let u =  t, V m f  ; hence cu + v = 0 
X Y  
and minimize 
For'simplicity, X is taken to be unity. In general, the choice of h may 
4 improve the rate of convergence with respect to the mesh size as well as with 
respect to iteration. The Euler equations then may be written as 
(cu + (vyIy - v = - 4y 
x Y (17) 
A straightforward iterative procedure to solve equations (15) to (17) is 
as follows: Given $I , find u and v from equations (16) and (17), then 
a using the most recent values of u and v in equation (15), a new value of $ 
is obtained. This procedure can be described by 
In terms of 4 , equation (18) is essentially (except for compatibility terms) 
It should be mentioned that the advantage of using equation (14) instead of 
equation (11) is that the eleniente used in the approximation of the latter must 
have continuous first derivatives, a fact which eliminates virtually all of the 
important practical elements. It is also worth mentioning here that a linear 
element approximation leads to undesirable convergence characteristics with 
respect to mesh size as discussed by Lynn and Arya (refs. 5 and 6). It is 
obvious that if linear element trial functions are used for u and v , a 
bilinear approximation is needed for @ . 
Different least square formulations of the full potential equation are 
given in Table I. Chan and Brashears (ref. 7) solved the transonic small- 
disturbance equation by least squares similar to equation (11). Fix and 
Gunzburger (ref. 8) as well as Glowinski et al. (refs. 9 and lu) used a formu- 
lation similar to equation (14). 
For the second method, we note that A is a second order operator. The 
"closest" positive operator to A*A is the Bihatmonic L*L ; hence an iter- 
ative procedure based on 
is expected to be fast provided the inverse of (L*L)-l is easily obtained. 
Equation (20) is also equivalent to 
The third method results from a more elegant decomposition of equation 
(20) obtained by modifying the inner product, namely 
= ((Aw - f) , Q(Aw - f)) 
hence, 
where Q* = Q the clroice of Q = L-l makes A*L-'A effectively second order. 
The gradient method gives 
and the modified gradient method gives 
which may be decomposed into 
Effectively, each step has an operator of zero order. Notice that 
3 




I Recently Glowinski et al. (refs. 9 and IG) solved the full po~.ntial transonic 
I 




under the constraint 
LZ = Aw - f where 5 = I$ - w . (30) 
The discussion with Professor Antony Jameson of Courant Institute helped the 
, author in the preparation of this section of this paper. 
s TREATMENT OF SHOCKS 
In the above formulations, expansion as well as compression shocks are 
admitted since the potential flow is reversible. In order to exclude expansion 
shocks, Glowinski et al. (refs. 9 and 10) introduced an entropy constraint* to 
the least squares formulation, namely 
A result shown in figure 5 indicates quite good agreement between the results 
and an exact solution for a shock-free airfoil. An alternative procedure has 
been introduced by Bristeau (ref. 12) in which artificial viscosity term are 
explicitly added to the continuity equation in addition to the above con- 
straint. A result is shown in figure 6. We notice here that the special 
assembly procedure used by Chan and Brashears (ref. 7) may effectively produce 
some sort of artificial viscosity in an obscure way without which the solution 
cannot be obtained. 
FINITE VOLUMES 
Finite volume methods use general nonorthogonal coordinates and consider 
the governing integral equations as balances of mass, momentcm, and energy 
fluxes for each finite volume defined by the intersection of the coordinate 
surfaces. Rizzi (ref. 13) applied the finite volume method to the Euler 
equation for transonic flows and calculated the time-accurate solution until it 
converged to a steady state. Factored explicit and implicit difference oper- 
ators were used to accelerate the calculations. Several computed examples are 
given in the reference. 
*A different procedure was used by Chattot (ref. 11) in his least squares for- 
mulation of Euler Equations to exclude the expansion shock by imposing 
USx + vs > 0. 
Y - I 
James~n and Caughey (ref. 14) have recently applicd the finite volume 
method to the steady full-potential equation in conservation forn by using 
mixed-type flux operators. Centered difference operators are used with 
artificial viscosity added in supersonic cells. Isoparametric mesh system is 
ubed and the equations are solved by relaxation. The method combines the 
advantage of finite elements for handling complicated geometries and the ~dvan- 
tage of using simple finite difference schemes k the transformed coordi3ates. 
A typical calculation is shown in figure 7. 
The same concept has been recently used by Lucchi (ref. 15) with different 
hightr order elements and with the velocities and the density as variables. He 
used direct inversion to solve the matrix equation. 
ARTIFICIAL COMPRESSIRILITY METHODS 
Following the work of Eberle (ref. 4), we have explored the application of 
an artificial compressibility approach for both finite element and finite 
difference methods for mixed equations. The idea behind these new methods is 
to modify the density (andlor the speed nf sound) in the supersonic region 
slightly (within the same order of the truncation error) and solve the 
resulting problem iteratively with standard methods used for the solution of 
elllptic problems. The dersity modification can be intsrpreted as an arti- 
ficial viscosity effec:. The modified equation reads 
For example, Jameson's fully conservative schemes can be approximated by this 
form where 




and u = max (0, 1 - 1 1 ~ ~ 1  . (34  
We have tested an alternative form 
where u v Asps = - p AX + - p Ay 
q x q Y (36) 
Other possf.bl. forms are under study includlng modification of the speed of 
sound. 
Standard central difference formulas are used for equation (32) and ii 
evaluated at the previous iteration. In the formula for 5 , upwind differ- 
encing is used in the supersonic region. Various interative :nethods have been 
tested s~~ccessfully including SOR (vertical-horizontal-SSOR), P A ,  a second 
order explicit method, fast solver and multigrid method. A ..~merical relult is 
shown in flgure 8 usi11g.a three level explicit scheme. The rate of convrrgencc 
of this calculation is comparable to the relaxation methc3. The method is 
still under development and details will be reported in a separate paper. 
CONCLUDING REMARKS 
A considerable amount of work his been reported during the  l a s t  few years 
exploring the application of f l n i t e  element methods t o  transonic flow p r o b l m .  
In general, i t  is found tha t  c l a s s i ca l  finite eiement methods are not d i r e c t l y  
applicable. Modifications must be made e i t h e r  i n  the f i n i t e  element method o r  
the governing equation. For the l a t t e r  approach, a r t i f i c i a l  v iscos i ty  terms 
must be added. ~ l l i p t i c  type solvers  a r e  required f o r  the  s p a t i a l  derivat ives 
with a su i table  i t e r a t l v e  scheme required i n  the time-like direction. Some of 
the methods appear a t t r a c t i v e  and are being applied t o  r e a l i s t i c  a i r f o i l  
geometries. 
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TABLE I.- LEAST-SQUARE FORMULATIONS FDR F'ULL POTENTIAL EQUATION 
s - ( P U ) ~  + (PV)~ 
Functional 
where 
t i I(@,u,v) =/'ys2 + (U - ox) 2 + (V - +y) 2 
where P ' 
where a& = 
Figure 1.- Solution of transonic small-disturbance equations for parabolic- 
arc airfoil using implicit time-dependent finite-element method of Hafez, 
Wellford, and Murman (fig. from ref. 2). 
Figure 2.- Solution of Phares and Kneile using time-dependent finite-element 
method to solve Euler equations for flow past parabolic arc (fig. from 
ref. 3). 
Figure 3.- Solution of transonic small-disturbance equation for flaw past 
parabolic arc using mixed variational finite-element formulation of 
Haf ez, Wellf ord, and Murman (fig. from ref. 2). 
Figure 4.- Finite-element solution by Eberle for flow past NACA 0012 airfoil. 
Figure 5.- Finite-elment solution by Glowinski et al. for flow past Korn 
airfoil. 
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Figure 6.- Finite-element solution by Bristeau for flow past 
NACA 0012 airfoil. 
Figure 7.- Finite-volume solution of full-potential equation by Jameson and 
Caughey . 
Figure 8.- Solution of full-potential equation using artificial compressi- 
bility method. 
SUPERCRITICAL TESTS OF A SELF-OPTIMIZING, 
... 
VARIABLE-CAMBER WIND TUNNEL MODEL* 
Ely S. Levinsky 
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SUMMARY 
A testing procedure h u  been used in the 16-foot Transonic Propulsion Wind Tunnel (PWT-I6T) I 
r at the Arnold Engineering Development Center (AEDC) which lea& to optimum wing airfoil 
eections without stopping the tunnel for model changee. Being experimental, the optimum 1 ehapes obtained incorporate varinu three-dimemiul and nonlinear viscous and transonic 
- \ effecta preeently not included in analytical optimization methode. The present method is a 
I cloeed-loop, computer-controlled, interacti;-G procedure and employe a Self-optimizing Flexible 
! 
I Technology (SOlVl wing eemiepan model that conformally adapts the airfoil section a t  two 
, 
.spanwiee control stations to maximize or minimize various preecribed merit functions (e.g., 
t minimum drag) subject to both equality and inquality constraints (e.g., fued lift, maximum 
I spanwiee differential deflection). The model, which employed twelve independent hydraulic ac- 
tu@or syetems (nine functioned) and flexible skins, wae also ueed for conventional testing (Ref. 
1). Although eix of seven optimizations attempted were at  least partially convergent (several of 
, 
which are ehown herein), further improvements in model akin emoothne~a and hydraulic 
reliability are required to make the technique fully operational. 
INTRODUCTION 
Although considerable interest has been generated a t  this Advanced Technology Airfoil 
Reeearch conference and in the paet in the analytical design of optimum airfoils (e.g., Ref. 2-41, 
i such methoda are somewhat approximate, because of the inability of current-generation com- puters to evaluate the flow field with sufficient accuracy and rapidity. Thie is especially true 
under condition8 of high lift or supercritical transonic flow, where boundary layer traneition, 
eeparation and poeeible reattachment, and ehock wave interaction are among the highly non- 
linear flow phenomena still beyond analytical soluson. In addition, the large number of flow 
field solutions required for each optimization may preclude analytical optimization of three- 
dimensional wings, Bven with the most advanced digital computere. 
The preeent SOFT wing optimization procedure ditrers from the analytical methods in that 
the wind tunnel is uaed as an analog computer, in codunction with a flexible and controllable 
. * Thk work wo supported by the US. Navy, m e  ofNaval Re8earch, under Contract N00014-7642.0742; 
by the US. Air Force Flight Dynamice Laboratory and Arnold Engheeriw Development Gnter; curd by 
ARO, Znc. . . 
I 1 model, to rapidly generate aerodynamic data, instead of wing a digital computer for thia pur- 1 
I 
i pose. In both came, the data are then eupplied to a computer, which controls and optimizes wing ehape by application of nonlinear programming techniquee. The SOFT wing procedure will, i however, be limited by the extent of wing articulation and degree of shape control that may be J i *obtained with a wind tunnel model. 
1 Under a previoue contract for the U.S. Navy (ONR), Geaeral Dynamice Convair Division 
i fabricated and teeted a two-dimensional flexible airfoil model that could be optimized in the 
I tunnel in a manner similar to that used for the preeent SOFT wing model. The 2-D model wae 
*. 
tested under both low-epeed and transonic conditione (Ref. 61, and employed five pairs of hy- 
draulic actuators to vary leading edge radius and camber. Airfoil ehape and angle of attack were 
, controlled "on line" to minimize drag, subject to conetrainta, using the gradient projection op- 
timization algorithm. Satisfactory convergence was found, even with flow eeparation; however, 
i because of the intermittent blow-down type operation of the transonic teet facility, a sequence of 
I individual rune waa required to complete a eiugle optimization problem. The preee~t 3-D SOFT wing model wae teeted in PWT-16T a t  AEDC during the eummer of 
! 1977. Tegt Mach numbers ranged from 0.6 to 0.926. The SOFT wing model employed twelve in- 
I dependent hydraulic actuator eyetems eimilar in deeign to those in the 2-D model. The com- puter-controlled teeting and optimization techniquee were also eimilar, but the number of con- 
\ trol channels was increased to handle the larger number of independent control variablee. 
I Because of the continuous operation of Tunnel 16T, continuous computer control of the wing 
could be maintained during an optimization, and under ideal circumstances, a eingle run in the 
wind tunnel was sufficient to arrive a t  an optimum wing ehape for a prescribed teet condition. 
The preeent paper briefly describer the SOFT wing model, cloeed-loop teating technique 
and optimization pxcedure, summarizes several of the optimization probleme attempted, and 
reviewe the cause8 of various difficulties. 
SYMBOLS 
Aii Actuator poeitione in counta (0 d Aij S 1000) 
CD Drag coefficient 
CL Lift coefficient 
F Objective function being minimized 
g Vecfcr of conetraints 
Ki Stepsize of ith simultaneous mode point 
M Mach number 
N Iteration number 
R Reetoration function 
S,SR Vector search direction8 
a Angle of attack 
A L~grange multiplier vector 
4 Merit function to be minimized 
0 Independent variables (traneformed) 
V Gradient vector 
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WIND TUNNEL MODEL 
The '10-scale semispan model consisted of an exieting fuselage with a flow-through nacelle, an : 
existing horizontal tail surface, and the three-dimensional SOFT wixg panel tested at  leading %. 
edge sweep angle 26'. The wing actuators, s h ~ m  schematicalIy in Figure 1, are designed to 
perform the following variations: , 
! All Nose radius, inboard station 6 
< 5 A12 Noee deflection about 16% chord line, inboard station 
E Nose deflection about 26% chord line, inboard station 
t 4 4  Upper surface 'humping, inboard station 
*IS Trailing edge deflection about 66% chord line, inboard station 
A16 Trailing edge deflection about 80% chord line, inboard station 
A21'A26 Same as All-Als, except at  outboard stations 
I All systems except for the AI4, A21, and A24 actuators remained functional throughout the test, 
giving a total of ten degrees of freedom, including a. The wing was fabricated with flexible lead- 
* ing edge and trailing edge ekins with sliding joints to permit deflections up to 15" (nose! and 30" 
(trailing edge). The spars, skin sections, and linkages were designed to conform to a specific 
target shape designated T-1 with the actuators set at  the nominal po~itions (Figure 2). Other 
' target (T), envelope (El, parametric (P) and optimum (0) wing shapes tested are listed in Table 
1. 
The model was mounted horizontally and inverted off a sharp edge reflection plane sup- 
: ported from the wind tunnel sidewall. The model is shown fully asaembled and installed as 
tested in Figure 3. 
CLWED-WHIP TEST PROCEDURE 
A closed-loop testing technique was employed to set wing shape from the time that the skins 
were installed to avoid damaging the model. The block diagram of Figure 4 ahows the basic ele- 
ments of the control system and computer linkup. All actuator position changes were made 
through the PWT DEC System 10 computer, both for conventional and optimization runs. Con- 
! ventional runs were made either by stepping the actuatore through a prescribed sequence of positions at  fixed a and M, or by holding the actuators fixed and stepping a through a 
prescribed schedule. 
In general, the tunnel was run continuously while making airfoil ahape changes between 
runs and while changing from conventional to optimization runs. Thus, even for conventional 
tests, the SOFT wing showed promise of being highly efficient and productive in that no tunnel 
down time was required to make model changes. 
For optimization testin~, the optimization program played a central role in that it gener- 
ated the commarrds for changing the 4 and a wttinge, a8 described below. 
OPTIMIZATION PROGRAM 
A flow chart of the optimization procedure, which was baed on the gradient projection op- 
timization algorithm, is presented in Figure 6. The optimization program operatee in two dis- 
tinct modee: "incremental" and "simultaneoue." Only the incremental mode is wed during the 
initial iteration (and reatarb), during which each active actuator and angle of attack is per- 
turbed individually to generate gradient vec@ra V.@ and V g of the merit function and active 
constrainta, respectively. The number of incremental mode pointa per iteration depends on the 
number of active actuators and on the number of timee the perturbations are repeated to im- 
prove accuracy (termed "cycling"). With 9 active actuatora, there were 11 iikcremental mode 
pointa per cycle. 
After the incremental mods, the vector directions & or S, fqr either reetoring the con- 
atrainta g = 0 or minimizing the objective function F during the next iteration, depending upon 
whether any constrainta were violated at the nominal incremental mode point, are calculated by 
the gradient projection algorithm, which ejvea in matrix form: 
and 
A --cogT vg1-l v g T v #  
The next iteration begins with the simultaneoue mode, during which all abtive actuatora and o 
are advanced together in the direction S or QR, as obtained from the previow iteration, through 
a sequence of up to 11 tat  points of step size Ki. The eequence ie aborted if any of the con- 
etraihts are violated by more than the preecq-ibed tolerance. Upon completion of the steppin 
'4 the computer aelecta the "beet" of the simultaneow mode pointa K* (either minimum R = gg 
or minimum F), arid. then reeets the wing ehape to that configuration. The incremental mode ie 
then repeated in prepatation for the neqt iteration. 
CONVENTION.AL' RUNS 
Only the conventional run data comparing the SOFT wing 'I'-1 ahape with a comparable solid- 
wing model equivalent to the VJ6z theoretical shape shown in Figure 2 will be preeented. J?igure 
6 showe that wing ehape T-1 experienced uignificantly higher drags, particularly at the higher 
Mach numbera, even though T-1 wan mt to match the W62 theoretical ehape ar cloeely as poeei- 
ble. The higher drag was moat likely cawed by the leading edge sliding  kin joint (lap) of ap- 
proximately 0.13 cm thicknerrs that protruded out of contour on the upper surface, by a bulge 
that protruded out of contour in the outboard region of the aft lower eurface, and by deviation8 
in nose ehape. The deviations in Figure 2 between the pre- and pont-test T-1 shapes may account 
for the scatter band in Figure 6, dnce the flow a t  tranoonic conditiom is highly m m i h  to small 
changes in airfoil shape (Ref. 2). It is planned to improve the SOFT wing model for eubsequent 
testa to approach nolid model drag levela. 
1 OPTIMIZATION RUNS 
The optimization problems are eummarized in Table 2, which b t a  Mach number, merit func- 
tion, active conetrainta, convergence amemment, iteration number N conddered optimum, and 
the percentage reduction in merit function. Each optimization problem was initiated with the 
wing set a t  the T-1 target shape; the percentage of Cb decrease is with respect to the T-1 shape 
tested during the same (or closest) run sequence. 
Weight tare corrections were inadvertently omitted during the on-line data reduction used 
to steer the direction of wing optimization. Conoequently, evaluations of convergerce were 
based upon uncorrected coefficients C: and c;, rather than on CL and Co. This error biased the 
optimization procedure in favor of increasing a a t  the expense of aft camber. 
&ly optimization Problem 4-2 (completed as'Pmblem 30) will be discussed in detail. I t  
deals with minimizing C; for C: = 0.50, subject to various inequality constraints on the actua- 
tors a t  Mach 0.86. As shown in Figure 7, Problcm 4-2 was continued for six iterations, after 
which a premature shutdown was experienced, due to lubrication difficulties with a main coin- 
, 
pressor bearing. The optimization was then contimed as Problem 30, without rainitialization. 
Figure 7 shows a graphical representation of the convergence process. All constraints are 
satisfied for the iterations represented by solid symbols, while the open symbols signify that a t  
least one constraint has been violated. Iteration 17 ia readily seen to have the Idwest value of C; 
with all constraints satisfied; it was, therefore, selected as optimum. The gap between Iterations 
6 and 7 in Figure 7 was caused by the low q while the tunnel was shutting down during Iteration 
6. The double values for C; during Iterations 12 and 14 and the poor convergence displayed dur- 
ing this rpriod were the result of excessive shifts in the A15 actuator position. 
Variations of each functional actuator, a ,  and various dependent data functions during 
iteration N = 11 from Problem 30 are shown in Figure 8. The iteration, during which C; is 
minimized, contains 11 simultaneous and 22 incrementai mode points cycled twice. The precise 
control of actuator pasitions and the good repeatability of the aerodynamic data during the two 
incremental mode cycles are apparent. 
Convergence in the C; C; plane is shown in Figdre 9. Also shown are the drag polars for 
the T-1 wing shapes run just before and after the optimization run, and that made with the op- 
timum wing 0-30 (Iteration 17). The advantage of the 0-30 wing shape over T-1 a t  the design 
C; is clearly apparent. Unfortunately, this same reduction was not found in CD because of the 
tare effects referred to previouely. A correction for tare effects (made after the test for iteration 
N - 4) showed that increased trailing edge deflections, decreased anglec of attack, and 
decreased values of CD would have been obtained with the tare correction included (Figure 10). 
Similar optimization results are shown in Figures 11 through 18 for problems 3-2,41-2, and 
4-3 of Table 2. Problcm 3-2 is similar to 4-2 and 30, except for reduced articulation (cnly the 
A12, A15, A22, and actuators were varied, subject to A12 = Aa2 and A15 = AZ5) Figure 11 
demonstrated excellent convergence, although the C; improvement (N = 20) was now much 
less. The reduced articulation is apparent in Figure 12 (iteration N = 181, which also s h ~ w s  that 
the sin~ultaneous mode was aborted after the ninth point of this iteration because the ccnstraint 
on h.15-A26 was violated. Figure 13 shows that the C: reduction for the optimum wiug shape 
designated 0.3.2 persisted over a wide range of Cl,. 
Problem 41-2 dealt with minimizing Ci, a t  Ci = 0.26 with full model articulation. Excellent 
convergence was obtained, and iteration N = 29 wab selected as optimum (Figure 141, Iteration 
N - 21 (Figure 15) is an example of a restoration. Note that all active constraints C; and \AiJ - 
AZil are restored within tolerance during the simultaneous mode. The convergence of Problem 
41-2 in the c;, C; plane is shown in Figure 16. 
Optimization Problem 4-3 wa8 similar to 4-2 and 30, except that M = 0.90 instead of 0.85. 
Convergence in this caee was rapid, as shown in Figtire 17, with N = 10 selected as optim&. 
The corresponding wing shape 0-4.3 shows a considerable improvement over the T-1 wing, pa 
seen in Figure 18. 
The resultant optimum wings are compared with T-1 in Figure 19. Although the weight 
tare biased the optimum shapes toward decreased aft camber, the increased leading edge droop 
of the optimum shapes, especially outboard, may well signify a shape modif~cation that lea& to 
lower drag a t  moderate to high G. On the other hand, Problems 42 and 10 (Table 2) showed 
marginal and no colhvergence, respectively. Both problems were attempted a t  high and 
showed evidence of reduced control precision, possibly due to the high airloada on the actuators 
andior buffeting. Further teeting with an improved SOFT wing model is planned to over$ome 
some of these diffcultiee and make experimental wing optimization an operational tool for the 
aircraft designer. 
CONCLUSIONS 
A fmt attempt ha8 been rnade a t  developing an experimental 3-D wing optimization procedure 
involving a computer-controlled LQOFT wing wind tmnel model. Although six of seven optimiza- 
tion problem attempteC were a t  least partially convergent, difficulties were uncovered with 
deviations in airfoil contour, inadequate control precision a t  high Cr,, and hydraulic system 
reliability, which increased drag levels and slowed or prevented convergence. Nevertheless, the 
SOET wing technique appears to promise a means of generating optimum airfoil and wing 
shapes, w'nich include all aerodynamic nonlinearities and viacoua effects, with a saving in teat 
time and which might not be f ~ u n d  by conventional testing or by numerical optimization. Of 
course, any optimum wings will be limited by moiel articulation, and will reflect effects of tun- 
nel wall interference, test Reynolds number and model deformation under airload. Plane call for 
improving the model and performing further tests to make the technique more operational. 
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TABLE 2.- SUMMARY O F  OPTIMIZATION 
PROBLEMS: AEDC 457 
Problem Mach Merit Convergence k t  R C b  Decreuc 
No. No. Function ActlveConrtrainc~ Propertiea N from standard Wing 
SO 0 . 1  Mln CD' CL = 0.5, J Twirt S 4' Oood 17 18% 
3-2 0.86 Min CD* CL - 0.5, "Reduced" Excellent 20 6% 
Articulation. J Twirt - 0' 
41-2 0 . 1  Mln CD* CL - 0.25, J Twilrt - 0 + 2' Excellent 29 17% 
4.3 0.90 Min CD0 CL = 0.50, J Twirt s P Excellent 10 14% 
43 0 Min CD* CL = 0.70 J Twiat = 0 2 2' Very m . 4 ~ 1  33 eX 
except for Iart 
4 / b E r a t / ~ #  
6.2 0 . 1  Min CD* CL+ C~14.3  - 0.50 Excellent up to 8 18% 
J Twist S 3' N -  8 
Poor for N > Y 
10 0.90 MaxCL9 CD*= 0.11, J Twtrt S 3' Poor None X 
Figure 1.- Three-dimensional wing model hydraulic actuator system. 
Figure 2.- T-1 actual and theoretical wing shape. 
Figure 3.- Three-dimensional wing model installed in tunnel. 
Figure 4.- SOFT wing closed-loop testing procedure. 
I*; 
i ; 
Figure 5.- Flow chart of mathematical optimization procedure. 
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A SOLID WING 




Figure 6.- SOFT wing and solid wing drag variations. 
Figure 7.- Optimization summary. Problems 4-2 and 30. Minimum 
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APPLICATION OF NUMERICAL OPTIMIZATION TO THE 
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SUMMARY 
i A recent ap,!lication o f  numerical opt imizat ion t o  the design o f  advanced t 
: a i r f o i l s  f o r  tratisonic a i r c r a f t  has shown t h a t  low-drag sectfons can be 
developed for a given design Mach number without an accompanying drag increase 
a t  lower Mach numbers. This i s  achieved by imposing a constra int  on the drag 
1 coef f i c ien t  a t  an off-design Mcsh number whi le minimizing the drag c o e f f i c i e n t  
a t  the design Mach number. This mu l t i p le  design-point numerical opt imizat ion 
has been implemented w i t h  the use o f  a i r f o i l  shape functions which permit a 
wfde range of a t ta inab le  p ro f i l es  during the opt imizat ion process. h a l y t i c a l  
data f o r  the s t a r t i n g  a i r f o i l  shape, a s ing le  design-point optimized shape, 
and a double design-poi n t  opt imi zed shape are presented. Experimenta: data 
obtained iri the NASA Ames Two-by Two-Foot Wind Tunnel are a lso presented and 
discussed. 
INTRODUCTION 
The design of superc r i t i ca l  a i r f o i l s  fo r  advanced high speed a i r c r a f t  has 
been f a c i l  i tated by the computerized ana ly t ica l  methods which have been devel - 
oped i n  recent years. Althcugh these methods provide good performance predic- 
t ions  f o r  each ind iv idua l  design po in t  which i s  considered, they do not  a l low 
the designer t o  automatical ly consider off-design charac ter is t i cs  during the 
design process. A method which does provide mu1 t i p 1  e des-ign-point capabil i ty 
i s  described i n  reference 1 . It i s  based on design by numerical opt imizat ion. 
An appl icat ion of t h a t  method t o  a s ing le  design-point and a double design- 
po in t  a i r f o i l  opt imizat ion i s  addressed i n  the present study. The double 
design-point opt imizat ion produced a low drag supercri t i c a l  a i r f o i l  'or a given 
Mach number subject t o  a drag constra int  a t  a lower Mach number. 
The t r e a t m e ~ t  of the superc r i t i ca l  a i r f o i l  design problem by t h i s  method 
has been facilitated by the  development of a set  of a i r f o i l  shape functions (reference 1 ) which provide a wide range o f  a t ta inab le  p r o f i l e s  during the 
design process. The coefficients o f  t h s e  shape f ~ n c t ~ i o n s  are used as design 
variables i n  the numerical opt imizat ion techn,ique which consists o f  two exfs- 
t i n g  computer codes: (a) an opt imizat ion program based on the method of 
l l q  
p ~ a t  *w: 31 5 
feasible direct ions (reference 2) and (b) an aerodynamic analysis program 
based on an i t e ra t i ve  solut ion o f  the f u l l  potent ia l  equation f o r  transonic 
flow (reference 3). 
SYMBOLS 
shape function coeff icients 
chord 
section drag coe f f i c ien t  
section 1 ift coef f ic ient  
section pi tching mament coefficient 
pressure coef f ic ient  
a i r f o i l  shape functions 
Mach number 
a i r f o i l  abscissa 
a i r f o i l  ordinate 
DESIGN METHOD 
Only a br ief  descript ion of numerical optimization w i l l  be given here. 
A complete discussion o f  the technique can be found i n  referznce 4. 
A schematic f low chart o f  the numerical optimization design program used 
during t h i s  study i s  shown i n  f igure 1. A baseline a i r f o i l  i s  required t o  
s t a r t  each design problem. The a i r f o i l  shape i s  represented i n  the program 
by the fol lowing equation: 
= 'basic + C i lifi 
where Ybasic i s  the set of ordinates of the baseline a i r f o i l  and fi are the shape 
functions. The shape functions are added 1 inear ly  t o  the base1 ine p r o f i l e  
by the optimization program t o  achieve the desired design improvement. The 
contr ibution o f  each function i s  determined by the value of the coefficient, 
a i  , associated wi th that  function. These a i  coef f ic ients are therefore the 
design variables, Other inputs t o  the program Snclude Mach number, angle of 
attack, and any constraints t o  be imposed on the design. 
The hypothetical design problem represented by the f low chart i s  drag 
minimization a t  one Mach number, MI, w i th  drag constrained tu some specif ied 
value a t  another Mach number, M2. The optimization program begins by chang in~  
the design variables, one by one, from the i n i t i a l  value of zero t o  0.001. It 
returns t o  the oerodynami cs program for evaluation o f  the drag coe f f i c ien t  a t  
both Mach numbers Mi and M2 af ter  each change. The value o f  0.001 i s  somewhat 
arb i  t r a r y  t u t  has been found t o  be an effective step change i n  the design 
variables t o  calculate the required p a r t i a l  derivatives. The pa r t i a l  der i -  
vatives of drag w i th  respect t o  each design variable form the gradient o f  drag, 
VC . The d i rec t ion i n  which the design variables are changed t o  reduce the 
drag coef f ic ient  a t  R i s  -VCd (the steepest descent d i rec t ion)  i f  the drag 
constraint a t  M2 i s  no 1 active. The optimization program then increments the 
design vsriables i n  t h i s  d i rec t ion  u n t i l  the drag s ta r ts  t o  increase because 
o f  nonl inear i ty  i n  the desi gn space o r  the drag constraint a t  Mach number M2 
i s  encountered. I f  e i ther  of these poss ib i l i t i e s  occurs, new gradients are 
calculated and a new d i rec t ion  i s  found t ha t  w i l l  decrease drag without v io-  
l a t i n g  the constraint. When a minimum value of drag for Mach number M i  i s  
attained w i th  a sa t i s f ied  drag constraint a t  M2, the required optimized a i r -  
f o i l  has been achieved. 
AIRFOIL SHAPE FUNCTIONS 
Supercri t ical a i r f o i l  design by numerical optimization i s  f ac i l i t a t ed  
by using a set  of geometric shape functions, each of which a f fec ts  a d i f f e ren t  
1 i m i  ted region sf the prof i le. General classes of such functions which have 
been used successful 1 y t o  optimize supercri t i c a l  a i r f o i  1 s are described i n 
reference 1. The shape functions tha t  were used i n  the present stu+ were 
selected from t,hose general functions and were applied t o  the a i r f o i l  upper 
surface only. The exponential decay function and the sine functions are 
presented i n  f igure 2. The exponential decay function, fl , provided varia- 
t ions i n  curvature near the a i r f o i l  leading edge. I n  the sine functions, the 
exponents on the chordwise coordinate, x, were assigned so tha t  the maximum 
perturbations of f2, f3, f4 and f g  were a t  20, 40, 60, and 80 percent o f  the 
chord respectively. The width of the region affected by each sine function 
was control led by the l o c a l i z a t i ~ n  power, 3. Previous studies (reference 1) 
have found tha t  these shape functions provide a broad range o f  smooth a i r f o i l  
contour modifications during the optimization process. 
ANALYTICAL DESIGN RESULTS AND DISCUSSION 
The importance of considering off-desi gn performance o f  an a i  r f o i  1 during 
the design process w i l l  be i l l u s t r a t e d  by comparing the resu l ts  of a s ingle 
design-point optimization wi th  a double design-point optimization, The f i r s t  
invol ves recontouring the upper surface of an ex is t ing supercri t i c a l  a i r f o i  1 
t o  reduce the wave drag a t  a s ingle design Mach number. The second consists 
of recontouring the upper surface of the same a i r f o i l  t o  reduce the wave drag 
a t  the design Mach number subject t o  a drag constraint a t  a lower Mach number. 
I 
The calculated wave drag (reference 3) f o r  Mach numbers near drag diver-  
gence for the s ta r t ing  a i r f o i l  and the two optimized a i r f o i l s  are presented 
i n  f igure 3. A l l  these data are f o r  0,40 C1, the design l i f t  coeff icient of 
the s ta r t ing  a i r f o i l .  Mach number 0.78 was a r b i t r a r i l y  selected as the primary 
design point, i .e., the Mach number a t  which the drag would be minimized. 
Results of the s ingle design point  optimization arc indicated as 412M1. The 
drag a t  Mach number 0.78 i s  s i gn i f i can t l y  less than tha t  o f  the s ta r t i ng  a i r -  
f o i l  and as a r e s u l t  the drag r i s e  occurs a t  a higher Mach number. I:cxvert 
the drag a t  lower Mach numbers, 0.76 and 0.77, i s  greater than t ha t  o f  the 
s ta r t ing  a i r f o i l .  This local  region o f  drag-creep could l i m i t  the usefulness 
o f  the improved drag r i s e  character ist ics o f  the optimized a i  r f o i  1 . 
I n  order t o  avoid the drag-creep problem, the a i r f o i l  was optimized 
a second time w i th  an upper bound o f  .0005 imposed on the drag coef f ic ient  
a t  Mach number 0.77. Results o f  t h i s  double design-point optimization are 
indicated i n  f i gu re  3 as 412M2. The drag r i s e  f o r  t h i s  a i r f o i l  occurs a t  
a s l i g h t l y  lower Mach number than i t  does f o r  412M1, but  there i s  no drag- 
creep over the range o f  Mach numbers f o r  which the a i r f o i l s  were analyzed. 
Therefore, a i r f o i l  412M2 i s  the more desirable design. 
Chordwise pressure d is t r ibut ions f o r  the s ta r t ing  a i r f o i l  and f o r  a i r f o i l  
412M2 a t  Mach number 0.77 are presented i n  f i gu re  4. The reason f o r  the lower 
wave drag o f  the optimized a i r f o i l  i s  obvious. The s ta r t ing  a i r f o i l  has a 
well  developed shock a t  approximately 40 percent o f  the chord, but a i r f o i l  
412M2 does not. Instead, i t  exhibi ts a gradual recompression from approxi- 
mately 10 percent t o  50 percent o f  the chord. The geometric modification 
which has produced the pressure d is t r ibu t ion  change i s  shown i n  f igure 5. 
This modif icat ion i s  pr imar i ly  a reduction i n  surface curvature from 5 per- 
cent t o  40 percent o f  the chord. 
The aerodynamics code tha t  was used i n  the optimization program i s  an 
inviscid,  potent ia l  f low analysis method. I n  order t o  account f o r  f i r s t  
order viscous e f fec ts  i n  the f low f i e l d  solution, a boundary layer displace- 
ment thickness was added t o  the s ta r t ing  p ro f i l e  before the optimization 
process. The displacement thickness was calculated for the pressure d i s t r i  - 
bution o f  the s ta r t ing  a i r f o i l  a3 a Mach number near i t s  design condition, 
0.78. ! : remained unchanged throughout the optimization process, and each 
o f  the optimized a i r f o i l s  included t h i s  same passive displacement thickness. 
Therefore, the analyt ical  character ist ics o f  the a i r f o i l s  d id  not re f lec t  
potential  changes i n  boundary layer behavior due t o  changes i n  the chordwise 
pressure distr ibut ions.  
Another aerodynamic analysis code (reference 5) was used t o  evaluate 
the act ive boundary layer character ist ics o f  the s tar t ing a i r f o i l  and op t i -  
mized a i r f o i l  412M2. That computer program i s  a1 so based on an i t e r a t i v e  
solut ion of the full potent ia l  equation f o r  transonic flow, and i t  includes 
a momentum-integral calculat ion o f  the turbulent boundary layer parameters. 
During the solution, the a i r f o i l  geometry i s  regular ly updated w i th  the 
boundary layer displacement thickness, The resu l ts  o f  the viscous analyses 
wi th tha t  code f o r  Mach numbers between 0.76 and 0.81 indicated that  the 
differences i n  boundary 1 ayer cha' :cteri s t i c s  would be small . The calculated 
wave drag f o r  the s ta r t ing  a i r f o i l  and a i r f o i l  412M2 i s  presented i n  f igure 6. 
The re l a t i ve  increase i n  the drag r i s e  Mach number i s  i n  good agreement wi th 
the resu l ts  o f  the inv isc id  code ( f i gu re  3). 
EXPERIMENTAL RESULTS 
Models o f  the s ta r t ing  a i r f o i l  and a i r f o i l  412M2 were tested i n  the NASA 
Ames Two-by Two-Foot Wind Tunnel. Data were obtained a t  angles o f  attack 
from -40 t o  s t a l l  a t  Mach numbers from 0.20 t o  0.81. The t es t  Reynolds 
number varied w i th  Mach number as presented i n  Table I. Preliminary data 
from the t e s t  are presented i n  figures 7 and 8. The incremental values o f  
drag coef f ic ient ,  C , have been referenced t o  the minimum drag measured f o r  
e i ther  of the ai r fo i?s a t  each lift coefficient. Thereby, extraneous com- 
ponents i n  the absolute drag level  have been excluded from the comparison. 
Drag character ist ics f o r  the s ta r t ing  a i r f o i l  and a i r f o i l  412M2 a t  l i f t  
coe f f i c ien t  0.40 ( f igure 7) indicate a difference i n  drag r i q e  Mach number 
of 0.02 t o  0.03. This improvement i s  greater than had been predicted by the 
analyt ical  codes (figures 3 and 6). Drag character ist ics f o r  the two a i r f o i l s  
a2 lift coe f f i c ien t  0.60 ( f igure 8) also 3ndicate s ign i f i can t l y  less drag f o r  
the optimized a i r f o i l  412M2 a t  a l l  Mach numbers. Therefore the a i r f o i l  per- 
fonnance a t  t h i s  off-design condition has not been adversely affected by the 
design improvement a t  0.40 l ift coeff ic ient .  
The low speed drag-creep which occurs between Mach numbers 0.60 and 0.70 
f o r  both a i r f o i l s  i s  caused by the i n i t i a l  development o f  supercriZica1 veloc- 
i t i e s  over the upper surface and the formation of a m i l d  shock npar the leading 
edge, Only Mach numbers greater than 0.76 were considered during the present 
analyt ical  des4gn study, but the numerical optimization technique could also 
be applied t o  the minimization of drag-creep a t  the lower speeds. 
CONCLUDING REMARKS 
A technique f o r  designing low-drag supercr i t ica l  a i r f o i l s  has been demon- 
strated. The technique was used t o  modify the upper surface o f  an ex is t ing 
12 percent th ick  supercri t i c a l  section t o  achieve a substantial drag reduction 
a t  Mach number 0.78 without an accompanying drag increase a t  lower Mach numbers. 
The a b i l i t y  t o  t r ea t  t h i s  and other mul t ip le  design-point problems has been 
achieved by the use o f  a set o f  a i r f o i l  shape functions which provide the 
necessary f l e x i b i l i t y  i n  the pro f i les  that  are at ta inable fly the numerical 
optimization design technique. Such capabi 1 i t y  i s  important because each 
design point  might require the modif icat ion o f  a d i f f e ren t  region of the prof i le.  
The two design-point problem considered i n  the present study i l l u s t r a t e s  
the advantage of design by numerical optimization. Aerodynamic requirements a t  
any number o f  off-design conditions are handled automatically without manual 
intervention by the designer. Therefore, i t  provides a powerful too l  for the 
design o f  a i r f o i l s  t o  meet specif ied performance goals throughout a f l i g h t  A 
envelope, 
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PARAMETERS 
Reynolds Number 
AERODYNAM l C  PROGRAM OPTIMIZATION PROGRAM 
INPUT INITIAL AIRFOIL AND 
DRAG CONSTRAINT AT M2 I PERTURB DESIGN VARIABLES - 
INITIALIZE DESIGN VARIABLES (a1.. . an) / ....................... I I aCd b C d  C A L C U U T E X '  ' ' ' ' - a= n 1 / FOR MI AND M2 I J I CALCULATE Cd AT M1 AND M FORM GRADIENTS V C d  AT M1 AND V C d  AT M 2  
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Figure 6 . -  Comparison of wave drag characterist ics  for the start ing 
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Figure 7.- Experimental drag characteristics for the starting airfoil 
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Figure 8.- Experimental drag characteristics for the starting airfoil 
and optimized airfoil 412M2 at CR = 0.60. 
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SUMMARY 
Y This research was conducted i n  order t o  provide a d e f i n i t e  c r i t e r i o n  f o r  
a the predict ion of the  bubble burs t  on a i r f o i l s  t yp ica l  of those used f o r  f igh t -  
5 
& e r  wings. The approach taken was t o  co r r e l a t e  ex i s t i ng  a i r f o i l  bubble burs t  
$ da ta  using various parameters a t  the  laminar separat ion point. The method 
due t o  Weber was modified t o  provide a continuous ana ly t i c  so lu t ion  
I f o r  t he  ve loc i ty  d i s t r i b u t i o n  around the  a i r f o i l  leading edge. This 
proved t o  be a s  accurate  as any avai lable .  Coupling t h e  modified Weber 
method with the  S t r a t fo rd  laminar separat ion predic t ion  method leads t o  a 
universal  char t  giving the  conditions a t  separat ion a s  a function of stagna- 
t i on  loca t ion  and leading edge radius.  Application of the combined method t o  
ava i lab le  two-dimensional a i r f o i l  da ta  resu l ted  i n  an empirical c r i t e r i o n  
presenting "he l imi t ing  l o c a l  ve loc i ty  gradient a t  separat ion a s  a function of 
the boundary l aye r  momentum thickness a t  separat ion f o r  bubble burst .  The 
cor re la t ion  leads a s  wel l  t o  the q u a l i t a t i v e  explanation of two types of lam- 
ina r  s t a l l :  t h in  a i r f o i l  and leading edge. The v a l i d i t y  of the  co r r e l a t ion  
is demonstrated by predict ing the  l i f t  coe f f i c i en t  and angle of a t t ack  f o r  
s t a l l  on a i r f o i l s  with Jeading edge o r  t r a i l i n g  edge f laps .  
I INTRODUCTION 
Ai r fo i l  laminar bubble bu r s t  i s  the cause of excessive drag due t o  l i f t  
on very th in  a i r f o i l s  and of maximum l i f t  s t a l l i n g  on moderately th in  a i r f o i l s .  
i It has been the subjec t  of considerable experimental and theo re t i ca l  research. However, e f f o r t s  t o  apply previous research t o  the  subjec t  of maneuvering drag 
I due t o  l i f t  on swept t h i n  wings typ ica l  of t ransonic f i gh te r  a i r c r a f t  proved I unrewarding. The present research was undertaken t o  provide the  bas i s  of a 
6 technique t o  pred ic t  laminar bubble bu r s t  on such w:ngs. 
b 
Aa pointed out by Goradia and Lyman (Referencz 1 )  bubble bu r s t  is q u i t e  
l i k e l y  t o  be a function of condit ions a t  the laminar separat ion point.  The 
problem therefore cons i s t s  of determining those conditions and co r re l a t ing  
the experimental data.  
A Average value of A(x) 
A(x) Velocity r a t i o  due t o  thickness a t  a = 0 
B Average value of B(x) 
B (x) Velocity r a t i o  due t o  thickness a t  angle of a t t a c k  
C~ L i f t  coe f f i c i en t  
g One half the  leading edge radius  divided by chord 
R Freestream Reynolds number based on chord 
C 
Re Local Reynolds number based on momentum thickness 
s Arc length along t h e  a i r f o i l  sur face ,  divided by chord 
u The r a t i o  of l o c a l  ve loc i ty  t o  freestream ve loc i ty  




Separation value of the  ve loc i ty  r a t i o  
V Local ve loc i ty  
v, Freestream ve loc i ty  
x Distance from the  nose along the  chord divided by chord 
x Stagnation loca t ion  
s 
a Angle of a t t ack  
LAMINAR SEPARATION 
A s  discussed i n  Reference 2 ,  the  theory of S t r a t fo rd ,  Reference 3, is 
very accurate. But, l i k e  most o ther  methods i t  requi res  accurate,  smooth 
longi tud ina l  pressure gradients.  U t i l i z a t i on  of experimental pressures  wi th  
at tendant  imprecision of measured pressures and pressure tap loca t ion  proved 
impossible. Using the cur ren t ly  ava i lab le  powerful f i n i t e  d i f fe rence  theor ies  
presented equal d i f f i c u l t i e s  due t o  the  inherent  discontinuous pressure gra- 
dient .  
A new method was derived based on t h a t  of Weber, Reference 4. While no t  
mathematically rigorous, t h i s  method has proved t o  be of very high prec is ion  
near the a i r f o i l  nose both i n  pressure l e v e l  and i n  pressure gradient.  It 
has been derived fo r  the  general a i r f o i l  shape, but is bes t  i l l u s t r a t e d  f a r  the  
uncambered a i r f o i l .  The l o c a l  ~ e l o c i t y  is given by 




The functions A(%) and B(x) a r e  functi-ns of the thickness d i s t r i bu t ion ,  but 
fo r  most a i r f o i l s  a r e  near ly  independent of x. Furthermore, the sur face  s lope  
function can be  approximated by a parabola. Thus, t he  ve loc i ty  an4 gradient  
ir a r e  r ead i ly  found by 1 
; 
D 
J, U L 
A cos a&+ B Sin a 
at \6+7 
i 
du 1 A .g cos a - (+B s i n  a )  \/;I 
-=-I 
d s  2 (X + g12 
The s tagnat ion (V = 0) loca t ion  i a  therefore ,  
It is convenient t o  give the l oca l  ve loc i ty  i n  terms of the s tagnht ion 
loca t ion ,  r a the r  than angle of a t tack.  It is apparent t h a t  the a i r f o i l  velo- 
c i t y  d i s t r i bu t ions  become universal  funct ions of x/g and xs/g a s  shown i n  
Figure 1. It is a l s o  apparent t ha t  c e r t a i n  key events a r e  a l s o  funct icns  cf 
these parameters a s  shown. I n  pa r t i cu l a r ,  t he  laminar separat ion poin t  and 
conditions a t  t ha t  point  a r e  d i r z c t  functions of  xs/g. 
The St ra t fo rd  method can be appl ied t o  the non-dimensional velocj ty  dis- 
t r i bu t ions  t o  der ive a universal  cha r t  f o r  ',tie ve loc i ty ,  pos i t ion ,  and gra- 
dLent a t  separation. This is given i n  Figure 2. The f i gu re  can be used f o r  
any a i r f o i l  once the s tagnat ion point  is known. This formulation is particu- 
l a r l y  useful  i n  t h a t  the co r r ec t  non-dimensionalizing parameterr become obvious. 
BUBBLE BURST CORRELATION 
The ava i lab le  two-dimensional a i r f o i l  data  was analyzed us in4 t h i s  method 
t o  determine boundary l aye r  and ve1oci.t)~ gradient  parameters a t  the laminar 
separat ion p o l t ~ t  a t  o r  near the  ang1.e of a t t ack  fo r  laminar bubble burs t .  The 
best  cor re la t ion  obtained i9 shown i n  Figure 3. The da ta  s c a t t e r  r e s u l t s  from 
a 2 1/2  degree angle of a t t ack  precis ion i n  ;ks bwhble burs t  angle of a t t ack  
data .  f t  should be noted t h a t  ve loc i ty  gradient  parameter i b  2 1!7th power 
funct ion of the Reynolds number parameter i n  keeping with the  general postu- 
l a t i o n  t ha t  bubble burst  is a f a i l u r e  of the turbulence l eve l  t o  re-atiach. 
Figure 3 is a key e l e n m t  of a i r f o i l  ana lys i s  but is not the  only fac tor .  
I f  the  Reynolds number i a  high enough, t r a n s i t i o n s  w i l l  occur p r i o r  t o  laminar 
separat ion,  precluding bubble formation. There is no wind t u n e 1  da ia  ava i l -  
ab le  a t  high encugh Reynolds number t o  demonstrate such a phenomenon. But, 
on the o ther  hand, there  is considerable da t a  a t  very low Reynolds numbers t o  
ind ica te  what has been ca l l ed  long bubb1.e s t a l l .  Presumably t h i s  occurs when 
the separated laminar boundary l aye r  does not  immediately t r a n s i t i o n  t o  tu rbulen t .  
I t  is therefore  unable t o  re-attach and the so-called sho r t  bubble does no t  
form. It i s  generally thought t h a t  t h i s  occurs for  Re < 125. 
Post s t a l l  analyses a r e  very d i f f i c u l t  because of t h e  t o t a l  r e l i ance  on un- 
r e l i a b l e  experimental pressure d i s t r i bu t ions .  However, t he re  is good evidence 
t o  lead t o  the  conclusion that as the  shor t  laminar bubble bu r s t s ,  t he  pres- 
su re  d i s t r i bu t ion  must ad jus t ,  with increasing angle of a t t ack ,  s o  that condi- 
t i ons  f o r  laminar bubble burs t  are maintained. I n  o ther  words, t h e  bubble 
burs t  boundary appl ies  not  only f o r  the burs t  angle of a t tack ,  but  f o r  post 
bu r s t  angles a s  well. 
Figure 4 shows the sequence of events and the r e l a t i o n  t o  two well  known 
phenomena: leading edge s t a l l ,  and th in  a i r f o i l  s t a l l .  For instance,  a i r f o i l  
A is typica l  of moderateky th in  - - i r fo i l s  (i.e., 64A010). A t  very low angles  
of a t tack ,  laminar separat ion does not occur near t he  leading edge, but d f t  of 
maximum thickness ( i f  a t  a l l ) .  As angle of a t t ack  increases  the  separat ion 
moves t o  the a i r f o i l  nose and a sho r t  bubble forms. As angle of a t t a c k  is 
increased up t o  the bu r s t  boundary, a typ ica l  sho r t  bubble is obtained wlth 
l i t t l e  i q i a c t  on the overa l l  forces  and mments. Further increases  i n  a n ~ l e  
of a t t a c k  cause a d r a s t i c  reduction i n  l i f t  a s  the laminar separat ion condition 
moves down the boundary. 
In  the case of a i r f o i l  B, typ ica l  of thinner a i r f o i l s  (i.e., 64A006), the 
sane sequence of events occurs. However a s  t h e  bubble burs t s ,  and a s  angle 
of a t t ack  is increased, conditions a t  laminar separat ion move below = 125. 
The separated layer  does not  t r a n s i s t  and the  long bubble is formed. L i f t  con- 
t inues t o  increase, but  a t  a reduced ra te .  
MAXIMUM LIFT PREDICTION 
While t h i s  research was aimed primarily a t  drag predict ion a t  high angles 
of a t tack ,  i t  does form the  bas i s  for  predict ion of maximum l i f t  f o r  a i r f o i l s  
of the "leadiug edge s t a l l "  type. This i s  i l l u s t r a t e d  i n  Figure 5. The ef-  
f e c t s  of a leading edge f l ap  a r e  shown on a 64A010 a i r f o i l ,  and of a t r a i l i n g  
edge f l ap  on a NACA 0009 a i r f o i l .  In  the former case, i t  was noted during the 
t e s t  tha t  separation occurred a t  the hingeline f o r  f l a p  angles i n  excess of 
1.5'. Up to t h i s  angle, the current  method predic t s  both C L ~ ~  and angle of 
a t t ack  fo r  C L ~ ,  very well. 
In the case of the t r a i l i n g  edge f lap ,  no attempt was made t o  ad jus t  the 
predicted a i r f o i l  nose pressure d i s t r i bu t ion  fo r  viscous e f f e c t s  on the f l ap  
i t s e l f .  Even SO, the angle fo r  CL~,, is well predicted and the  predict ion fo r  
is consis tent  with the approximation. 
CONCLUDING REMARKS 
Rational approximation t o  a i r f o i l  t heo re t i ca l  pressure has yielded an 
accurate method fo r  predict ion of conditions a t  laminar separat ion and given 
ins ight  in to  a universal cor re la t ion  of the bubble burs t  phenomenon. This, 
i n  turn, has led  to  a basic  understanding of t h in  a i r f o i l  and leading edge 
s t a l l .  
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Figure 1.- Typical nondimensional ve loc i ty  prof i les .  
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Figure 3 . -  Correlation of parameters af fect ing  laminar bubble burst. 
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I 21 THE PREDICTION OF TWO-DIMENSIONAL AIRFOIL STALL PROGRESSION 
Lloyd W. Gross 
McDonnell Ai rc ra f t  Company 
McDonnell Douglas Corporation 
A general ized boundary condition p o t e n t i a l  flow ca lcu la t ion  method has 
been combined with a momentum integrrr l  boundary l a y e r  method and a base flow 
theory of separa t ion  t o  p red i c t  a i r f o i l  viscous-inviscid i n t e r f e r ence  up t o  
and beyond stall. The r e s u l t a c t  program considers laminar and turbulen t  
separa t ion  and is, therefore ,  appl icable  t o  t h in  o r  t h i c k  a i r f o i l  stall. 
The ca lcu la ted  flow f i e l d  includes t he  a i r f o i l  and t h e  separa t ion  bubble 
recombination region behind the  a i r f o i l .  
Calculated pressure d i s t r i b u t i o n s  and equivalent  a i r f o i l  shapes,  including 
the  displacement thickness of t h e  viscous regions,  a r e  compared with flow . 
f i e l d  measurements f o r  s eve ra l  a i r f o i l s .  The measured displacement thicknesses 
and wake cen t e r l i ne s  corroborate the  ca lcu la ted  shape. The comparison a l s o  
suggests t h e  use of t h e  a n a l y t i c a l  so lu t ion  t o  evaluate  t h e  measurements, 
INTRODUCTION 
As pa r t  of a program f o r  t h e  pred ic t ion  of  the aerodynamic c h a r a c t e r i s t i c s  
of a i r c r a f t  a t  high angles  of  a t t ack ,  t he  problem of determining the flow f i e l d  
a romd  a s t a l l e d  wing was addressed. A necessary preliminary s t e p  has been the  
development of a method of ca l cu l a t i ng  t h e  flow around a s t a l l e d  two-dimensional 
a i r f o i l .  This capab i l i t y  is usefu l  i n  i t s e l f ,  but i t  was developed pr imari ly  
t o  ve r i fy  t he  a p p l i c a b i l i t y  of t h e  t heo re t i ca l  components p r i o r  t o  t h e i r  
extension t o  a th ree  dimensional ca l cu l a t i on  method. 
Three types of boundary l aye r  separa t ion  have been i d e n t i f i e d  a s  contr i -  
but ing t o  a i r f o i l  s t a l l .  They can occur s ing ly  o r  i n  combination. The c l a s s i -  
c a l  type of s t a l l  is  due t o  t r a i l i n g  edge separa t ion ,  The separa t ing  boundary 
layer  can be e i t h e r  l an ina r  o r  tu rbulen t .  Separatiun f i r s t  occurs a t  the 
a i r f o i l  t r a i l i n g  edge and moves forward with increas ing  angle of a t t a c k .  This 
type of separa t ion  leads t o  a i r f o i l  s t a l l  on r e l a t i v e l y  t h i ck  a i r f o i l s  
( t / c  > 15% - 18%). Another form o f  separa t ion  i s  sho r t  bubble laminar separa- 
t i on  where laminar separat ion is followed almost immediately by t r a n s i t i o n  t o  
turbulent  flow and boundary layer  reattachment. This bubble develops a s  the  
a i r f o i l  angle 'o f  a t t a c k  is increased, o r  a s  Reynolds number is  decreased, 
u n t i l  reattachment no longer occurs. The bubble then i s  s a i d  t o  have "burst". 
On th i ck  a i r f o i l s  sho r t  bubble laminar separa t ion  causes a t h i cke r  downstream 
boundary l aye r ,  but on thinner  a i r f o i l s ,  sho r t  bubble burs t ing  can lead 
d i r e c t l y  t o  a i r f o i l  s t a l l .  
%en the shor t  bubble bu r s t s ,  a f r e e  shear  l aye r  is  formed t h a t  recombines 
with t h e  flow from t h e  lower su r f ace  behind the  a i r f o i l  t r a i l i n g  edge. However, 
under c e r t a i n  circumstances of a i r f o i l  thickness  and Reynolds number, t h e  flow 
rea t taches  t o  t h e  a i r f o i l  sur face  and a new turbulent  boundary l aye r  i s  formed, 
This is re fe r red  t o  a s  a long laminar separa t ion  bubble. Increases  of angle of 
a t t a c k  cause t he  bubble length t o  increase  u n t i l  reattachment moves behind t h e  
a i r f o i l  t r a i l i n g  edge. 
The ?resent  a n a l y t i c a l  descr ip t ion  of a i r f o i l  s t a l l  progression is based 
upon a p o t e n t i a l  flow calculat ion.  method t h a t  a l l ows  e i t h e r  the a i r f o i l  shape 
o r  pressure d i s t r i b u t i o n  t o  be  used a s  t h e  boundary condition over any port ion 
of t he  a i r f o i l  sur face .  This p o t e n t i a l  flow ca l cu l a t i on  method is combined 
with momentum i n t e g r a l  boundary l aye r  ca lcu la t ion  methods and a component 
ana lys i s  descr ip t ion  of  separated base flow t o  form a un i f i ed  viscous-inviscid 
i n t e r ac t i on  theory. The th ree  types of  separated flow mentioned above a r e  
included whether they occur s ing ly  o r  i n  combination. 
NOMENCLATURE 
c a i r f o i l  chord 
C 
P pressure coe f f i c i en t  
t a i r f o i l  thickness 
U veloc i ty  on a i r £  o i l  sur f  ace 
U, freestream ve loc i ty  
x hor izonta l  d i s tance  
C( angle of a t t a c k  
MATHEMATICAL MODEL 
The viscous-inviscid i n t e r ac t i on  around an a i r f o i l  with separa t ion  is  
modeled by f inding the  equivalent displacement sur face  of t h e  viscous flow 
around t h e  a i r f o i l  and i n t o  t he  wake. Paneling is  l a i d  out on t he  chord l i n e  
of t h e  a i r f o i l  and is  extended beyond t h e  t r a i l i n g  edge t o  include the  wake. 
An inv isc id  ca lcu la t ion  i s  made a s  t he  i n i t i a l  s t e p  of an i t e r a t i v e  procedure. 
A boundary l aye r  ca lcu la t ion  method is used t o  determine the displacement 
thickness of t h e  attached viscous flow and the  point of separat ion.  The dis -  
placement thickness is added t o  the bas ic  a i r f o i l  t o  £ o m  t he  equivalent  a i r f o i l  
shape. Downstream of separat ion,  the displacenent thickness is not known, so the 
pressure predicted by a base flow theory is used a s  the  boundary zondition. 
The output of t h i s  ca l cu l a t i on  is an updated pressure d i s t r i b u t i o n  and equiva- 
l e n t  a i r f o i l  shape. The updated pressure d i s t r i b u t i o n  then is used a s  the  
a 
f inpu t  f o r  improved viscous  f low c a l c u l a t i o n s .  Th i s  procedure is  repea ted  
I u n t i l  t h e  p r e s s u r e  d i s t r i b u t i o n  of t h e  equ iva len t  a i r f o i l  i s  compatible wi th  
% t h e  p r e s s u r e  rises p r e d i c t e d  by t h e  v i scous  t h e o r i e s .  The a n a l y t i c a l  methods 
t h a t  were used a r e  desc r ibed  i n  d e t a i l  i n  Reference 1. However, the  p o t e n t i a l  
flow c a l c u l a t i o n  method and t h e  method o f  modeling t h e  s e p a r a t e d  flow region 
w i l l  be  desc r ibed  because of t h e i r  importance t o  t h e  method. 
P o t e n t i a l  Flow Ca lcu la t ion  
Bristow (Reference 2) recognized t h a t  when t h e  boundary cond i t ions  of  a 
chord-l ine s i n g u l a r i t y  p o t e n t i a l  f low c a l c u l a t i o n  method a r e  l i n e a r i z e d  i n  t h e  
region of t h e  body s'urface, t h e  boundary c o n d i t i o n  f o r  each s i n g u l a r i t y  can be  
in terchanged betveen t h e  s u r f a c e  s l o p e  and t h e  t a n g e n t i a l  f low v e l o c i t y  a t  t h e  
panel  c o n t r o l  po in t .  The r e s u l t i n g  General ized Boundary Condit ion method 
allows t h e  geometry t o  b e  s p e c i f i e d  f o r  a reas  where the  v i scous  f low is 
a t t a c h e d  t o  t h e  body and t h e  v e l o c i t y  o r  p ressure  t o  be  s p e c i f i e d  f o r  a r e a s  
w i t h  separa ted  flow o r  i n  t h e  wake. This  approach is i l l u s t r a t e d  i n  Figure  1. 
It was recognized t h a t  a chord-l ine s i n g u l a r i t y  method is l e s s  a c c u r a t e  than 
a s u r f  ace  s i n g u l a r i t y  method. However, a g e n e r a l i z e d  boundary cond i t ion  
s u r f a c e  s i n g u l a r i t y  method is  s t i l l  i n  development (Reference 3) and i t  was 
f e l t  t o  b e  d e s i r a b l e  t o  develop t h e  nethodology of  t h e  v iscous  s o l u t i o n  i n  t h e  
meantime . 
Separa t ion  Fubble Model 
The model f o r  a s e p a r a t i o n  b ~ b b l e  was taken from the  component a n a l y s i s  
base  f l o t ~  theory developed by Chapman, Kors t  and Chow (e .g . ,  Reference 4 ) .  
This theory assumes a t u r b u l e n t  s h e a r  l a y e r  between t h e  o u t e r  p o t e n t i a l  f low 
and t h e  inner  r e c i r c u l a t i n g  flow (Figure  2). Then, wi th  the  argument t h a t  
the  momentum w i t h i n  t h e  s h e a r  l a y e r  o r i g i n a t e s  i n  t h e  o u t e r  f low, a s t r e a m l i n e  
i s  i d e n t i f i e d  such t h a t  the  momentum of t h e  t o t a l  s h e a r  l a y e r  is  conta ined 
w i t h i n  the  equ iva len t  i n v i s c i d  flow between t h i s  s t r e a m l i n e  and t h e  o u t e r  edge 
of t h e  s h e a r  l a y e r .  I f  t h i s  i s  t h e  l i m i t i n g  s t r e a m l i n e  between the  i n n e r  and 
o u t e r  f lows,  t h e  mt i~entum balance  of t h e  o u t e r  f low is assured.  The v e l o c i t y  
o f  t h e  l i m i t i n g  s t r e a m l i n e  determines t h e  p ressure  r i s e  ac ross  t h e  s e p a r a t i o n  
bubble s i n c e  i t  approaches i t s  s t a g n a t i o n  p ressure  a t  t h e  po in t  of rea t tachment  
o r  recombination wi th  t h e  s h e a r  l a y e r  from t h e  lower s u r f a c e .  I n i t i a l l y ,  t h e  
p r e s s u r e  w i t h i n  t h e  bubble is cons tan t .  Then, a t  some p o i n t  w i t h i n  t h e  bubble 
(near  t h e  a i r f o i l  t r a i l i n g  edge f o r  a t r a i l i n g  edge bubb le ) ,  t h e  p r e s s u r e  starts 
t o  inc rease  toward t h e  p r e s s u r e  a t  reattachment o r  recombination.  I t  i a  from t h i s  
recompression reg ion  t h a t  mass i s  pumped i n t o  t h e  f o m a r d  p a r t  o f  t h e  bubble 
i n  o r d e r  t o  s e t  up t h e  c i r c u l a t i o n  wi th in  the  bubble.  
Appl ica t ion of t h e  base  f low theory t o  d e s c r i b e  t r a i l i n g  edge s e p a r a t i o n  
[ i s  shown i n  Figure  2. I n  t h i s  case  t h e  s h e a r  l a y e r  from t h e  upper s u r f a c e  
i combines wi th  t h e  s h e a r  l a y e r  from t h e  lower s u r f a c e  and forms a wake. The same phys ica l  p i c t u r e  is assumed t o  occur i n  the  l e a d i n g  edge s e p a r a t i o n  
t bubbles except  t h a t  t h e  s h e a r  l a y e r  i n t e r s e c t s  t h e  a i r f o i l  s u r f a c e .  A t  t h i s  
i po in t  a new t u r b u l e n t  boundary l a y e r  is formed which con t inues  downstream. 
i 
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F-om t h i s  p h y s i c a l  p i c t u r e ,  i t  can b e  seen t h a t  t h e  p r e s s u r e  w i t h i n  t h e  
s e p a r a t i o n  bubble is l i m i t e d  by t h e  s t a t i c  p r e s s u r e  a t  t h e  c l o s u r e  of t h e  
bubble and n o t  by t h e  p ressure  a t  s e p a r a t i o n .  A s o l u t i o n  t o  the  flow problem 
is  reached when t h e  presence of t h e  s e p a r a t i o n  bubble modif3.e~ t h e  p r e s s u r e  
d i s t r i b u t i o n  around t h e  a i r f o i l  s u f f i c i e n t l y  t h a t  t h e  p r e s s u r e  a t  s e p a r a t i o n  
agrees  wi th  t h e  bubble p ressure .  
VERIFICATION OF THE METHOD 
The Generalized Boundary Condit ion p o t e n t i a l  f low c a l c u l a t i o n  method and 
t h e  s e p a r a t i o n  bubble model were combined w i t h  momentum i n t e g r a l  boundary 
l a y e r  methods i n t o  a procedure f o r  c a l c u l a t i n g  t h e  v i scous - inv i sc id  i n t e r -  
a c t i o n s  f o r  a wide range of  a i r f o i l s .  The r e s u l t i n g  program is  se l f -con ta ined  
and inc ludes  a l l  of  t h e  l o g i c  f o r  d i s t i n g u i s h i n g  between t h e  types  o r  combina- 
t i o n s  of s e p a r a t e d  flow t h a t  a r e  p resen t .  An i t e r a t i v e  procedure is used t o  
go from t h e  i n i t i a l  i n v i s c i d  s o l u t i o n  t o  t h e  v i scous  s o l u t i o n .  I n  a d d i t i o n ,  
i t e r a t i v e  sub-loops a r e  r equ i red  t o  determine t h e  proper  bubble p r e s s u r e s  f o r  
t h e  long laminar s e p a r a t i o n  bubble  and t h e  t r a i l i n g  edge bubble.  The i t e r a t i o n  
procedure i s  desc r ibed  i n  Reference 1. 
I n  o r d e r  t o  t e s t  the  a b i l i t y  of  t h i s  a n a l y t i c a l  model t o  p r e d i c t  t h e  flow 
f i e l d  around an a i r f o i l  wi th  va r ious  types  of s e p a r a t e d  f low p r e s e n t ,  f i v e  
a i r £  o i l s  of d i f f e r e n t  th ickness  r a t i o s  were s t u d i e d .  The experimental  d a t a  
f o r  these  a i r f o i l s  were taken from References 5 and 6. They :were: (1) t h e  
633-018 a i r f o i l  w i t h  s t a l l  development by p rogress ion  of t u r b u l e n t  s e p a r a t i o n  
from t h e  t r a i l i n g  edge forward,  (2) the 6-71-012 a i r f o i l  which s t a l l e d  by t h e  
sudden b u r s t i n g  of a s h o r t  s e p a r a t i o n  bubble,  (3) t h e  63-009 a i r f o i l  t h a t  a l s o  
s t a l l e d  by s h o r t  bubble b u r s t i n g ,  ( 4 )  t h e  64A-006 a i r f o i l  wi th  s t a l l  develop- 
ment by the  p rogress ive  growth of a long s e p a r a t i o n  bubble u n t i l  its r e a t t a c h -  
ment po in t  moved p a s t  t h e  a i r f o i l  t r a i l i n g  edge, and (5) t h e  GA(W)-1 a i r f o i l  
which s t a l l e d  s i m i l a r l y  t o  t h e  633-018 a i r f o i l  but r ep resen ted  more advanczd 
a i r f o i l  des ign.  The c a l c u l a t i o n s  were made f o r  t h e  s p e c i f i c  ang les  of a t t a c k  
a t  which t h e  s u r f a c e  p ressures  on t h e  model had been measured. 
Representa t ive  c a l c u l a t e d  p ressure  d i s t r i h 2 t i o n s  zad equ iva len t  a i r f o i l  
s u r f a c e s  a r e  shown i n  Figures  3 and 4 .  The i n v i s c i d  p r e s s u r e  d h t r i b u t i o n  i s  
shown f o r  compazison w i t h  t h e  c a l c u l a t e d  p r e s s u r e  d i s t r i b u t i o n  and t h e  measured 
p ressures .  The equ iva len t  a i r f o i l  shape is t h e  combination of t h e  a i r f o i l  and 
t h e  displacement s u r f a c e  of t h e  v iscous  flow. The l i m i t i n g  s t r e a m l i n e  between 
the  cont inuing viscous  flow and t h e  r e c i r c u l a t i n g  bubble flow a l s o  is shown. 
Figure  3 shows a t h i n  a i r f o i l  wi th  a long  laminar s e p a r a t i o n  bubble. I n  
o r d e r  t o  s i m u l a t e  t h i s  flow, i t  was necessary  t o  assume a bubble p r e s s u r e  and 
a po in t  of rea t tachment .  The p ressure  d i s t r i b u t i o n  was p resc r ibed  bet.ween 
s e p a r a t i o n  and reat tachment ,  and t h e  a i r f o i l  shape was p resc r ibed  o u t s i d e  of 
t h i s  region.  The subsequent equ iva len t  a i r f o i l  shape was determined by t h e  
Generalized Boundary Condit ion program and the  shape of t h e  l i m i t i n g  stream- 
l i n e  from t h e  base  flow theory.  Reattachment was de f ined  a s  t h e  p o i n t  where 
the  l i m i t i n g  s t r eaml ine  i n t e r s e c t e d  the  a i r f o i l  s u r f a c e .  I f  t h e  p ressure  r i s e  
between s e p a r a t i o n  and reattachment corresponded t o  t h e  p r e d i c t i o n s  of t h e  
r* 
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base flow theory,  then t h e  s o l u t i o n  was complete. Otherwise a higher  bubble 
p ressure  was assumed, and t h e  assumedreattachment po in t  was updated by t h e  
r e s ~ l l t s  of t h e  previous c a l c u l a t i o n .  
The p red ic ted  bubble p ressures  shown . in  Figure  3 a r e  somewhat lower than 
, , experiment and t h e r e  is  a k ink  i n  t h e  p ressure  d i s t r i b u t i o n  a t  reattachment.  
The f i r s t  e f f e c t  i s  due t o  the inheren t  l i m i t a t i o n s  of t n e  chord l ine  s i n g u l a r i t y  
p o t e n t i a l  flow c a l c u l a t i a n  method. The second is  due t o  t h e  use  of f i n i t e  
paneling.  Also shown i n  Figure  3 a r e  displacement th icknesses  c a l c u l a t e d  from C 
the  measured boundary l a y e r  v e l ~ c i t y  p r o f i l e s  of Reference 5. These compare 
c l o s e l y  w i t h  t h e  ca lcu la ted  equ iva len t  a i r f o i l  su r face ,  i n d i c a t i n g  t h a t  the  
shes.: l a y e r  growth a c r o s s  t h e  s e p a r a t i o n  bubble is c a l c u l a t e d  proper ly .  
Figure  4 shows t h e  c a l c u l a t e d  r e s u l t s  f o r  t h e  NACA 631-012 a i r f o i l  a t  an 
angle  of q t t a c k  t h a t  is s u f f i c i e n t l y  high t h a t  s h o r t  1ami.nar s e p a r a t i o n  bubble 
b u r s t i n g  has  occurred.  This f i g u r e  is a good i l l u j t r a t i o n  of t h e  f a c t  t h a t  
t h e  equivalent  a i r f o i l  contour t e rmina tes  i n  an open wake. The method 
t h e r e f o r e  has  t h e  p o t e n t i a l  f o r  c ~ i  2ulat ing ithe drag of t h e  a i r f o i l  a s  w e l l  a s  
t h e  l i f t  and p i t c h i n g  moment. This  was not  done s i n c e  t h e  p resen t  method is  
n o t  considered t o  b e  s u f f i c i e n t l y  a c c u r a t e  fox such a s e n s i t i v e  parameter.  
However, t h e  method us ing  a s u r f a c e  s i n g u l a r i t y  poter1Lia1 flow method should be 
capable of t h i s  c a l c u l a t i o n .  
The equ iva len t  a i r f o i l  s u r f a c e s  of t h e  NASA GA(W)-1 a i r f o i l  were calcu- 
l a t e d  a t  t h r e e  ang les  of a t t a c k  and a r e  shown i n  Figures  5, 6 ,  and 7 super- 
imposed on t h e  flow f i e l d  measurements of Seetharam and Wentz ( r e f .  6).  The 
measured boundary l a y e r  displacement th ickness  and wake c e n t e r l i n e s  a l s o  a r e  
shown. It was the  ob jec t  of t h i s  e f f o r t  t o  t r y  t o  develop some i n s i g h t  on 
j u s t  how t h e  bubble matched t h e  p ressure  i s o b a r s .  This  should  be  of importance 
f o r  t h e  development of a s u r f a c e  s i n g u l a r i t y  method. It  should have the  f u r t h e r  
advantage of a l lowing an eva lua t ion  of t h e  measured flow f i e l d ;  i n  p a r t i c u l a r ,  
i t  should g ive  an apprec ia t ion  of t h e  e f f e c t  of t h e  wind tunnel  w a l l s .  
Figure  ' 5  shows t h e  wing a t  an ang le  o f  a t t a c k  a = 10.3'. A t r u e  separa-  
t i o n  bubble has  no t  y e t  formed a s  evidenced by t h e  p ressure  recovery a l l  t h e  
way t o  the  t r a i l i n g  edge. However, the re  is  some r e c i r c u l a t i n g  flow j u s t  a f t  of 
t h e  t r a i l i n g  edge. The measured displacement th ickness  agrees  reasonably w e l l  wi th  
t h e  equ iva len t  a i r f o i l  s u r f a c e  a s  does the  wake c e n t e r l i n e ,  The c a l c u l a t e d  
wake is much t h i c k e r  than the  measured wake i n d i c a t i n g  t h a t  the  c a l c u l a t i o n s  
d id  n o t  al low s u f f i c i e n t  p r e s s u r e r i s e  in t h e  wake. 
A t  an  angle  of a t t a c k  a = 14.4', a  f u l l  s e p a r a t i o n  bubble has  formed 
(Figure 6 ) .  I n  t h i s  case ,  the  measured displacement thj-ckness does no t  agree  
wi th  the  c a l c u l a t e d  equ iva len t  a i r f o i l  su r face ,  al though t h e  meisured wake 
cen te r l i t t e  does. It i s  noted t h a t  t h e  measured displacement t.hicknesses 
do not  agree  with t h e  measured s e p a r a t i o n  po in t .  Th i s  is s taf .ed  t o  occur a t  
the  point  of l a r g e s t  p ressure  g rad ien t  on t h e  a i r f o i l  s u r f a c e  whi le  a projec-  
t i o n  of t h e  displacement th icknesses  t o  the  a i r f o i l  s u r f a c e  i n d i c a t e s  l a t e r  
separa t ion .  Measured and c a l c u l a t e d  s e p a r a t i o n  p o i n t s  agreed w i t h i n  .I$: of 
t h e  a i r f o i l  chord. 
A f u l l y  developed t r a i l i n g  edge s e p a r a t i o n  bubble a t  an angle  of a t t a c k  
a = 18.4' i s  shown a s  Figure  7. Of p a r t i c u l a r  n o t e  is t h e  cons tan t  p ressure  
reg ion  t h a t  b racke t s  t h e  equ iva len t  a ~ r f o i l  contour.  The measured displacement 
th ickness  a l s o  agrees  w i t h  t h e  c a l c u l a t e d  contour.  However, t h e r e  is a marked 
dev ia t ion  of t h e  measured wake c e n t e r l i n e .  This  is probably due t o  t h e  e f f e c t s  
of t h e  wind tunne l  f l o o r  and c e i l i n g  which a r e  known t o  have a pronounced 
e f f e c t  on t h e  z i r f o i l  downwash when separa ted  flow i s  p r e s e n t .  
.These r e s u l t s  suggest  an  approach t o  t h e  determinat ion of wind tunnel  w a l l  
cor rec t iona  f o r  separa ted  f'lows. P o t e n t i a l  flow c a l c u l a t i o n  methods have been 
developed t o  s imula te  t h e  flow arouiid a i r f o i l s  between p a r a l l e l  w a l l s .  The 
a d d i t i o n  of s i n g u l a r i t y  panels  s imula t ing  such p a r a l l e l  w a l l s  i n  t h e  c u r r e n t  pro- 
gram should l e a d  t o  c l o s e r  agreement wi th  t h e  measured flow shown i n  Figure 7. 
The d i f f e r e n c e  between t h e  two cases  would y i e l d  both s t reaml ine  curva tu re  
and blockage cor rec t ions .  
CONCLUDING REMARKS 
The McDonnell A i r c r a f t  Company Saneralized.  Boundary Condition p ~ ~ t e n t i a l  
f low c a l c u l a t i o n  method has been combined wi th  momentum i n t e g r a l  boundary 
l a y e r  methods and a component a n a l y s i s  base  flow theory t o  develop a method 
f o r  p r e d i c t i n g  viscous- invisc id  i n t e r a c t i n g  flows on a i r f o i l s  beyond t h e  
appearance of boundary l a y e r  s o p a r a t i a n .  The phys ica l  models of the  s e v e r a l  
phases of such flows have been i d e n t i f i e d  and combined i n t o  a func t ion ing  
whole t h a t  accounts f o r  t h e  i n t e r a c t i o n  of a t t ached  flow, s h o r t  and long 
l ead ing  edge s e p a r a t i  01, bubbles,  and t r a i l i n g  edge bubbles.  The r e s u l t a n t  
computer program has  been used t o  c a l c u l a t e  t h e  p ressure  d i s t r i b u t i o n  and 
equ iva len t  a i r f o i l  shape f o r  a i r f o i l s  e x h i b i t i n g  t h e  d i f f e r e n t  types of 
separa ted  flow. It a l s o  has  been used t o  eva lua te  flow f i e l d  measurements 
around an a i r f o i l  wi th  t r a i l i n g  edge s e p a r a t i o n .  
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Figure 1.- Applications of generalized boundary conditions t o  separated 
flow modeling. 
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Figure 2 .  - Hodel of boundary-layer separation bubble developed f ron~ the 
component-analysis base-flow theory. 
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Figure 3.- Prediction of airfoil pressure distribution and equivalent 
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Figure 4.- Prediction of airfoil pressure distribution and equivalent 
contour 631-0i2 airfoil. a = 15.01'. 
Figure 5 . -  Superposition of calculated equiva!.ent a i r f o i l  shape on measured 
flow f i e l d  of GA(W)-1 a i r f o i l  a t  cr = 10.3'. 
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Figure 6 . -  superposition of calculated equivalent a i r f o i l  shape on measured 
flow f i e l d  of GA(W)-1 a i r f o i l  a t  = 1 4 . h 0 .  
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Figure 7.- Superposition of calculated equivalent airfoil shape on measured 
flow field of GA(W)-1 airfoil at a = 18.4'. 
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SUMMARY 
A method f o r  c a l c u l a t i n g  t h e  flow about  a i r f o i l s  up t o  and 
beyond t h e  s t a l l  i s  descr ibed.  I t  is an i t e r a t i v e  procedure be- 
tween p o t e n t i a l  f low and boundary l a y e r  s o l u t i o n s .  The s e p a r a t e d  
reg ion  is  modeled i n  t h e  p o t e n t i a l  flow a n a l y s i s  us ing  f r e e  vor- 
t e x  s h e e t s  which r e q u i r e  an  i n n e r  i t e r a t i o n  t o  e s t a b l i s h  t h e i r  
shapes. The f r e e  v o r t e x  s h e e t  l e n g t h  i s  a n  impor tant  parameter  
i n  t h e  p o t e n t i a l  f low c a l c u l a t i o n .  R e s u l t s  so f a r  i n d i c a t e  a  
p o s s i b l e  c o r r e l a t i o n  between wake l e n g t h  and a i r f o i l  th ickness /  
chord r a t i o .  Ca lcu la ted  and exper imenta l  r e s u l t s  a r e  compared 
f o r  a  series of a i r f o i l s .  
INTRODUCTION 
Boundary l a y e r  s e p a r a t i o n  is one  of t h e  least  understood b u t  
most impor tant  of f l u i d  f low phenomena a f f e c t i n g  aerodyna,aic fo r -  
c e s  and moments. Its a c c u r a t e  modeling i s  e s s e n t i a l  t o  t h e  esti- 
mation of  a i r b o r n e  v e h i c l e  performance. Cur ren t ly ,  r e l i a n c e  is 
placed on wind tunne l  tests t o  de tennine  t h e  consequences of sepa- 
r a t i o n ,  a  procedure which i s  n o t  e n t l r e l y  f r e e  of doubt  because 
of Reynolds number e f f e c t s .  Success fu l  t h e o r e t i c a l  modeling of  
s e p a r a t i o n  i s  1imit.ed t o  a  smal l  number of  s p e c i a l  c a s e s ,  one of 
which i s  two-dimensional t u r b u l e n t  boundary l a y e r  s e p a r a t i o n  from 
a i r f o i l s  o r  d i f f u s e r s .  The f i r s t  s u c c e s s f u l  model f o r  t r a i l i n g -  
edge s e p a r a t i o n  was developed by Jacob ( r e f .  1). With J a c o b ' s  
model, t h e  s e p a r a t i o n  reg ion  is  s imula ted  us ing  source  f l u i d ,  t h e  
d i s t r i b u t i o n  of which is  chosen t o  g i v e  c o n s t a n t  p r e s s u r e  every- 
where i n  t h e  s e p a r a t i o n  region.  I n  g e n e r a l ,  t h e  method p r e d i c t s  
t h e  upstream p r e s s u r e  d i s t r i b u t i o n  i n  a  s a t i s f a c t o r y  manner, a l -  
though agreement w i t h  experiment f o r  base  p r e s s u r e  l e v e l  is n o t  
c o n s i s t e n t .  
Recently a s e p a r a t i o n  model has  been developed by A n a l y t i c a l  
Methods, Inc.  which r e p l a c e s  t h e  source  d i s t r i b u t i o n  in t h e  sepa- 
r a t i o n  zone by a vor tex  wake model. This  model i s  desc r ibed  in 
*Support was given by t h e  U.S. Army Research O f f i c e ,  Research 
T r i a n g l e  Park ,  N.C.,  f o r  t h i s  work under Cont rac t  DAAG~~-76-C-0019. 
some d e t a i l  i n  r e f e r e n c e  2 ,  b u t  i s  d i scussed  h e r e i n  f o r  reasons  
of completeness.  
Symbols a r e  de f ined  i n  an appendix. 
SEP9RATION MODEL 
Approximations f o r  t h e  Complete Flow F i e l d  
An approximate model of  t h e  flow about  an  a i r f o i l .  w i t h  a 
r eg ion  of s e p a r a t i o n  i s  shown i n  f i g u r e  1. I t  i s  assumed t h a t :  
(i) The boundary l a y e r  anc f r e e  s h e a r  l a y e r s  do n o t  have s i g n i f i -  
c a n t  t h i c k n e s s  and, hence, can  be r e p r e s e n t e d  a s  s l i p  su r -  
f a c e s ;  t h a t  is, s t r e a m l i n e s  a c r o s s  which t h e r e  e x i s t s  a jump 
i n  v e l o c i t y .  
(ii) The wake reg ion  does n o t  have s i g n i f i c a n t  v o r t i c i t y  and has  
c o n s t a n t  t o t a l  p r e s s u r e  (lower than  t h e  f ree-s t ream t o t a l  
p r e s s u r e ) .  I t  is,  t h e r e f o r e ,  taken t o  be a p o t e n t i a l  flow 
region.  
The f low f i e l d  i n  t h e  p o t e n t i a l  f low i s  ob ta ined  us ing  l i n -  
e a r l y  varying v o r t e x  s i n g u l a r i t i e s  d i s t r i b u t e d  on p l a n a r  pane l s .  
The wake i s  represen ted  by s h e e t s  of  v o r t i c i t y  shed a t  t h e  separa-  
t i o n  p o i n t s .  
The mathematical problem i s  t o  f i n d  t h e  v o r t i c i t y  s h e e t  
s t r e n g t h  such t h a t  t h e  a p p r o p r i a t e  boundary c o n d i t i o n s  a r e  m e t .  
The p o s i t i o n  of t h e  v o r t i c i t y  s h e e t  r e p r e s e n t i n g  t h e  f r e e  s h e a r  
l a y e r  i s  n o t  known a p r i o r i .  
Approximations For t h e  Free  Shear  Layer 
(i) Wake Shape 
I n i t i a l l y ,  t h e  s t r e a m l i n e s  a r e  not  known, and s o  t h e  shapes  
of t h e  f r e e  s h e a r  l a y e r s  must be  ob ta ined  i t e r a t i v e l y  s t a r t i n g  
from a n  i n i t i a l  assumption. E a r l i e r  c a l c u l d t i o n s  i n  which t h e  
vor tex  s h e e t  shapes were ob ta ined  by i t e r a t i o n  sugges ted  an in -  
i t i a l  shape a s  fol lows.  The upper and lower s h e e t s  a r e  represen-  
t e d  by p a r a b o l i c  curves  pass ing  from t h e  s e p a r a t i o n  p o i n t s  t o  a 
common p o i n t  downstream. The s l o p e  a t  t h e  upstream end is  t h e  
mean between t h e  f r e e  s t ream d i r e c t i o n  and t h e  l o c a l  s u r f a c e  
s lope .  ( I n d i c a t i o n s  from f u r t h e r  c a l c u l a t i o n s  a r e  t h a t  t h i s  
s t a r t i n g  s l o p e  should be streamwise f o r  c a l c u l a t i o n s  beyond t h e  
s t a l l . )  Once t h e  wake c a l c u l a t i o n  begins ,  t h e  i n i t i a l  s l o p e  and 
downstream p o s i t i o n  of each wake is determined by i t e r a t i o n .  The 
f i n a l  wake p o s i t i o n  r e p r e s e n t s  t h e  s e p a r a t i n g  s t r eaml ine .  
(ii) Wake Length 
Early ca l cu l a t i ons  ind ica ted  t h a t  t h e  r e s u l t s  w e r e  s e n s i t i v e  
t o  t he  length of  t h e  f r e e  vor tex shee ts .  Good c o r r e l a t i o n  with 
experimental r e s u l t s  was obtaj-.: only with r e l a t i v e l y  s h o r t  
wakes, i.e., wakes extending .J.G t o  .2c beyond t h e  t ra i l ing-edge.  
Such a model appears reasonable i n  t h e  l i g h t  of  experimental 
evidence: t h e  separated wake does, i n  f a c t ,  c l o s e  quickly  down- 
stream of t h e  t ra i l ing-edge,  as a r e s u l t  of t h e  s t rong  en t ra in-  
ment process brought about by the  r o t a t i o n  i n  t h e  f r e e  shear 
l a y e r s  (see reference 3) .  On the  basis of s eve ra l  comparisons 
with experiment, a simple c o r r e l a t i o n  was obtained f o r  t h e  wake 
length as a funct ion of the  a i r f o i l  th ickness  t o  chord r a t i o .  
This is discussed i n  d e t a i l  i n  reference 2. 
(iii) Wake Pressure 
The approximation of zero s t a t i c  p ressure  drop across  t h e  
f r e e  shear  l aye r  is used t o  ob ta in  an expression f o r  t h e  t o t a l  cr! 
pressure  i n  t h e  wake i n  terms of t h e  s t r eng th  of  the  f r e e  vor tex  , 
shee ts .  Considering t h e  upper shear l a y e r ,  i f  t h e  average velo- I 
c i t y  i n  t he  l a y e r  is  denoted by 
- 
= 4 (%uter  + 'inner) 
: then - 
'outer = V + yu/2, and 
- 
'inner = V - yU/2, 
s ince  the  v o r t i c i t y ,  y U  - 
'outer - V inner  ' on the  upper shee t .  
(The v o r t i c i t y  i n  the  lower shear  l aye r  is y = - L 'inner 'outer ) 
The jums i n  t o t a l  pressure  across  t h e  shear l aye r  is then 
Pinner 
Pouter  
given the  boundary condi t ion t h a t  t he  s t a t i c  pressure ,  p,  has no 
jump i n  value across  t he  shear  l ayer .  
Since the  wake has constant  t o t a l  p ressure  (assumption (ii) 1, 
t he  jump i n  t o t a l  p ressure  across  t h e  f r e e  shear  l aye r  is t h e  
same everywhere. 
Once the  v o r t i c i t y  s t r eng ths  of t h e  ind iv idua l  panels rep- 
resent ing t h e  a i r f o i l  and of t h e  v o r t i c i t y  shee ts  represent ing 
t h e  wake a r e  determined, t he  ve loc i ty  a t  any po in t  i n  t h e  flow 
f i e l d  can be ca lcu la ted .  
The pressures  a r e  ca lcu la ted  from t h e  v e l o c i t i e s  according 
t o  t h e  Bernoul l i  equation which is  expressed non-dimensionally 
a s  
P - Pw 
where C = , t&,= +pvm2, 
P 4, and AH = increase  i n  t o t a l  pres-  
- 
s u r e  over t h a t  a t  i n f i n i t y .  Note t h a t  AH = 0 everywhere except 




The o v e r a l l  c a l cu l a t i on  procedure i s  shown i n  f i g u r e  2 ,  and 
involves two separa te  i t e r a t i o n  loops. 
(i) Wake Shape I t e r a t i o n  
The i t e r a t i o n  loop f o r  wake shape is  t h e  inner  loop and in-  
volves t h e  p o t e n t i a l  flow ana lys i s  only. Within t h i s  loop t h e  
separa t ion  po in t s  a r e  f ixed.  The separa t ion  po in t s  may be loca- 
t e d  anywhere on a sur face  panel;  they a r e  no t  r e s t r i c t e d  t o  panel 
edge points .  
The wake shape i s  ca lcu la ted  a s  follows.  Using t h e  previous 
v o r t i c i t y  d i s t r i b u t i o n ,  v e l o c i t i e s  a r e  ca lcu la ted  a t  t h e  panel 
mid-points on t h e  f r e e  vor tex shee ts .  The new wake shape i s  then 
d.etermined by piecewise i n t eg ra t ion ,  s t a r t i n g  a t  t h e  separa t ion  
po in t s .  The upper and lower shee t  downstream end po in t s ,  which 
were coincident  i n  t he  i n i t i a l  wake, a r e  allowed t o  move independ- 
e n t l y  i n  subsequent i t e r a t i o n s .  A t  each i t e r a t i o n ,  t he  wake in- 
f luence c o e f f i c i e n t s  a t  t h e  sur face  con t ro l  po in t s  a r e  reca lcu la -  
t ed ,  and a new p o t e n t i a l  flow so lu t ion  i s  obtained. 
The number of wake i t e r a t i o n s  i s  an input  parameter i n  t he  
cu r r en t  vers ion of t h e  program; convergence c r i t e r i a  have not  




(ii) Viscous/Potent ia l  Flow I t e r a t i o n  
T h i s  o u t e r  i t e r a t i o n  loop t a k e s  t h e  p o t - e n t i a l  f low p r e s s u r e  
d i s t r i b u t i o n  over  t o  t h e  boundary l a y e r  a n a l y s i s  and r e t u r n s  wi th  
O t h e  s e p a r a t i o n  p o i n t s  and wi th  t h e  boundary l a y e r  source  d i s t r i -  
but ion .  The source  d i s t r i b u t i o n  is determined d i r e c t l y  from t h e  
d boundary l a y e r  s o l u t i o n  a s  a = - d s  (Ue6*) where U, i s  t h e  stream- 
wise p o t e n t i a l  f low v e l o c i t y  a t  t h e  edge o f  t h e  boundary l a y e r ,  
and 6* is  t h e  displacement  th ickness .  The a d d i t i o n  of  t h i s  
source  d i s t r i b u t i o n  modif ies  t h e  normal v e l o c i t y ,  VN, a t  each 
panel  c o n t r o l  po in t .  The sources  a r e  set t o  ze ro  i n  t h e  separa-  
t e d  region.  
The program g e n e r a t e s  a  new wake shape us ing  t h e  new separa-  
t i o n  p o i n t s  t o g e t h e r  w i t h  informat ion  from t h e  p rev ious  i t e r a t e d  
wake. A new p o t e n t i a l  f low s o l u t i o n  i s  t h e n  o b t a i n e d ,  and so on. 
The o u t e r  i t e r a t i o n  is  terminated  when t h e  change i n  Cg is below 
1%. A l i m i t  o f  e i g h t  i t e r a t i o n s  is  c u r r e n t l y  imposed w i t h i n  t h e  
program. 
Boundary Layer Methods 
The boundary l a y e r  development on an  a r b i t r a r i l y - s h a p e d  two- 
dimensional l i f t i n g  c o n f i g u r a t i o n  w i t h  s e p a r a t e d  f low is very  
complex. A thorough and e x a c t  c a l c u l a t i o n  o f  t h i s  development i s  
p roper ly  t h e  domain o f  t h e  time-dependent s o l u t i o n  t o  t h e  g e n e r a l  
Navicr S tokes  equat ions .  Unfortunate1y;the computer does n o t  
y e t  e x i s t  which is  capable  of handling such a  problem i n  a  
reasonable  t i m e  a t  a  reasonable  c o s t .  Such a  c a l c u l a t i o n  is n o t ,  
t h e r e f o r e ,  of p r a c t i c a l  i n t e r e s t  t o  t h e  aerodynamicist .  Less 
d i f f i c u l t  or c o s t l y  a r e  t h e  f i n i t e - d i f f e r e n c e  boundary l a y e r  prc-  
grams now i n  e x i s t e n c e .  The amount of  computer t i m e  r e q u i r e d  f o r  
each c a l c u l a t i o n  s t i l l  p r o h i b i t s  t h e i r  use  i n  an a n a l y s i s  proced- 
u re  of t h e  type  repor ted  he re in .  Having made t h e  above evalua-  
t i o n ,  one must conclude t h a t  i f  t h e  o b j e c t i v e  i s  a  v i s c s s i t y -  
dependent c a l c u l a t i o n  procedure of  p r a c t i c a l  use  t o  t h e  aerodyna- 
micist f o r  CQmax a n a l y s i s ,  and, poss ib ly  f o r  p re l iminary  des ign ,  
t h e  method must be r e l a t i v e l y  s imple t o  u s e  and economic of com- 
p u t e r  t i m e .  This  can only  be achieved i f  i n t e g r a l  boundary l a y e r  
methods a r e  used. I n  two dimensions, i n t e g r a l  methods are t y p i -  
c a l l y  about  100 times f a s t e r  than f i n i t e - d i f f e r e n c e  methods. 
They can, however, be expected  t o  break down i n  t h e  reg ion  of  
s e p a r a t i o n  where none o f  t h e  boundary l a y e r  methods ( i n c l u d i n g  
three-dimensional)  can be expected t o  be v a l i d .  I t  i s  a n t i c i p a -  
t e d ,  t h e r e f o r e ,  t h a t  i n t e g r a l  methods w i l l  s u f f i c e  f o r  most ap- 
p l i c a t i o n s  of i n t e r e s t  t o - t h e  aerodynamicist  f o r  Ckmax p r e d i c l  
t i o n .  
I n  t h o s e  cases of  s p e c i a l  i n t e r e s t  t o  t h e  aerodynamicist ,  
such a s  t h e  e f f e c t  of a r e a  s u c t i o n  f o r  boundary l a y e r  c o n t r o l  o r  
of roughness ( r i v e t s ,  etc. ) on Cgmaxt a l t e r n a t i v e  boundary l a y e r  
c a l c u l a t i o n  modules a r e  a v a i l a b l e .  These methods a r e  c a l l e d  a s  
needed i n t o  t h e  o v e r a l l  c a l c u l a t i o n  procedure.  A b r i e f  desc r ip -  
t i o n  of  t h e  boundary l a y e r  methods is  g iven  i n  t h e  fo l lowing 
paragraphs. 
The laminar  boundary l a y e r  development i s  c a l c u l a t e d  by 
C u r l e ' s  method ( r e f .  4 ) ,  an adap t ion  o f  t h e  w e l l  known method of 
Thwaites (ref. 5 ) .  The c a l c u l a t i o n  proceeds e i t h e r  t o  laminar  
s e p a r a t i o n  o r  t o  t h e  end of t h e  a i r fo i l - -whichever  occurs  f i r s t .  
The c a l c u l a t e d  boundary l a y e r  development is  then  i n t e r r o g a t e d  t o  
determine i f  t r a n s i t i o n ,  laminar  s e p a r a t i o n  o r  fo rced  t r a n s i t i o n  
(boundary l a y e r  t r i p p i n g )  has  t aken  p lace .  I f  any of t h e s e  
phenomena have occurred ,  t h e  cZownstream flow i s  assumed t o  be 
t u r b u l e n t .  
Methods f o r  t h e  c a l c u l a t i o n  of  t u r b u l e n t  boundary l a y e r s  i n  
two dimensions have been developed by many i n v e s t i g a t o r s .  A 
review o f  t h e s e  methods was made a t  a conference h e l d  i n  1968 a t  
S tanford  Univers i ty  ( r e f .  6 ) .  One of t h e  methods, an i n t e g r a l  
method by Nash and Hicks (ref.  7),compared very favorab ly  wi th  
t h e  more complex f i n i t e - d i f f e r e n c e  methods. Now, s e v e r a l  y e a r s  
l a t e r ,  t h e  method remains a n  e x c e l l e n t  approach f 3 r  a p p l i c a t i o n  
t o  t h e  c u r r e n t  problem both  i n  terms o f  accuracy and speed. 
I f  s u r f a c e  roughness o r  a r e a  s u c t i o n  a r e  o f  i n t e r e s t ,  an  
a l t e r n a t e  t u r b u l e n t  boundary l a y e r  method developed by Dvorak 
( r e f s .  8 and 9) can  be c a l l e d .  This  method i s  capable  of p r e d i c b  
ing  t h e  downstream development and t h e  s k i n  f r i c t i o n  drag of a 
t u r b u l e n t  boundary l a y e r  over  a rough s u r f a c e ,  o r  a s u r f a c e  w i t h  
a r e a  s u c t i o n  boundary l a y e r  c o n t r o l .  
Turbulent  boundary l a y e r  s e p a r a t i o n  i s  p r e d i c t e d  by e i t h e r  
t h e  Nash and Hicks o r  Dvorak methods when t h e  c a l c u l a t e d  l o c a l  
s k i n  f r i c t i o n  c o e f f i c i e n t  reaches  zero.  
DISCUSSION OF RESULTS 
The method was app.lied t o  a G A ( W ) - I  a i r f o i l .  This  s e c t i o n  
shape r e p r e s e n t s  a d i f f i c u l t  test case  and p r e s s u r e  d i s t r i b u t i o n s  
a r e  a v a i l a b l e  from experiments  a t  NASA-Langley f o r  a range of  
inc idence .  
The f i r s t  set  of r e s u l t s ,  f i g u r e s  3 through 5 ,  a r e  f o r  a 
Reynolds number of 6 .3  x l o 6  wi th  a boundary l a y e r  t r i p  a t  .08c. 
F igure  3 shows a very good agreement between t h e  c a l c u l a t e d  and 
experimental p ressure  d i s t r i b u t i o n  a t  20.05O incidence. The cal -  
cu la t ion  took s i x  viscous/potent ia l  flow i t e r a t i o n s  each with 
t h ree  wake shape i t e r a t i o n s .  For comparison, t he  a t tached poten- 
t i a l  flow so lu t ion  a t  t h i s  incidence i s  a l s o  p l o t t e d ,  and ind i -  
c a t e s  t h e  l a rge  change i n  pressures  due t o  t he  separated flow. 
The wake shape h i s to ry  f o r  a 21.14' incidence i s  shown i n  
f i g u r e  4 ,  and ind ica t e s  very good ccnvergence c h a r a c t e r i s t i c s .  
L i f t  and p i tch ing  moment c h a r a c t e r i s t i c s  show e x c e l l e n t  agree- 
ment with experiment, f i g u r e  5. The presen t  ca l cu l a t i ons  show 
considerable improvement over a previous Lockheed/Nasa-Langley 
ca lcu la t ion .  The a t tached p o t e n t i a l  flow so lu t ion  i s  included i n  
f i g u r e  5 t o  p u t , i n t o  perspect ive  t he  maqnitude of the  change 
achieved by t h e  new method. 
Figure 6 shows t h e  lift c h a r a c t e r i s t i c s  f o r  t he  G A ( W ) - 1  a i r -  
f o i l  a t  a Reynold6 number of 2.1 x l o 6 .  The ca l cu l a t i ons  give  
good agreement w i t h  experiment up t o  Ckmax, bu t  t h e  turnover i n  
t he  curve occurs 2 t o  3 degrees l a t e r  than i n  t h e  experiment. 
Addit ional  comparisons were made with experiment f o r  s eve ra l  
a i r f o i l s .  Shown on f i g u r e s  7 and 8 a r e  t h e  r e s u l t s  f o r  t h e  l i f t  
c h a r a c t e r i s t i c s  f o r  t he  a i r f o i l s  t e s t e d  by McCullough and Gault 
( r e f .  1 0 ) .  I n  the  case  of t h e  NACA 63009 a i r f o i l ,  t h e  program 
p red ic t s  a t ra i l ing-edge s t a l l  while e ~ p e r i n ~ e n t a l i y  t h e  a i r f o i l  
s t a l l s  from the  leading-edge. A s  shown i n  f i g u r e  7 ,  a s l i g h t  
modification t o  t he  laminar separa t ion  reattachment c r i t e r i o n  
leads  t o  a much improved c o r r e l a t i o n  wi th  experiment. This po in t s  
o u t  the  need f o r  a b e t t e r  understanding of t h e  laminar separat ion 
bubble burs t ing  phenomenon. 
Comparisons between theory and experiment f o r  t h e  l i f t  
c h a r a c t e r i s t i c s  of t he  NACA 4412 a t  a series of Reynolds numbers 
a r e  shown on f igu re s  9 ,  1 0  and 11. A summary of t he  predic ted 
and experimental Ckmax va r i a t i on  with Reynolds number is  shown i n  
f i gu re  1 2 .  The ca lcu la ted  values agree very c lo se ly  wi th  t h e  
experimental curve from reference 11. Calcula t ions  f o r  lower 
Reynolds numbers were attempted, but  problems with t he  laminar 
separa t ion  bubble burs t ing  c r i t e r i o n  produced incons i s t en t  re-  
s u l t s .  
A s e r i e s  of ca l cu l a t i ons  were made t o  demonstrate t h e  capa-, 
b i l i t y  of the  ana lys i s  method over a wide range of angles-of- 
a t t ack .  Figure 13  shows t h e  ca lcu la ted  wake shape f o r  a NACAOC12 
a i r f o i l  a t  90 degrees t o  t h e  f r e e  stream. The corresponding pres- 
sure  d i s t r i b u t i o n  is  given i igure  1 4 .  The ca l cu l a t ed  l i f t  and 
drag c o e f f i c i e n t s  a r e  0.25(-  AND 2.1(2.08 - 2.3) respec t ive ly .  
These values  compare w e l l  with measured l i f t  and drag coe f f i -  
c i e n t s  given i n  the  enclosed brackets.  Figure 15 shows a 
comparison between measured and ca lcu la ted  l i f t  c o e f f i c i e n t s  f o r  
t he  NACA 0012 a i r f o i l  from 0 degrees through 90 degrees angle-of- 
a t t ack .  The agreement is  su rp r i s ing ly  good. 
CONCLUSIONS 
The r e s u l t s  of comparisons with experiment, including those  
presented i n  t h i s  paper, lead t o  t h e  following conclusions 
(i) t h e  bas ic  ana lys i s  method p r e d i c t s  both t he  l i f t  curve 
and t h e  maximum l i f t  c o e f f i c i e n t  q u i t e  accura te ly  for a wide 
va r i e ty  of a i r f o i l s  over a range of Reynolds numbers; 
(ii) p o s t - s t a l l  behavior is  b e s t  p red ic ted  f o r  t h e  t r a i l i n g -  
edge type of s t a l l ;  
(iii) leading-edge and t h i n  a i r f o i l  s t a l l  p red ic t ion  could be 
consic ?rably improved by a b e t t e r  laminar separa t ion  bubble 
burs t ing  c r i t e r i o n .  
( i v )  the  us9 of vortex shee ts  t o  represen t  t h e  separated 
flow boundaries suggests  t h a t  t h e  model w i l l  be appl icab le  
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Figure 1.- Mathematical flow model. 
Figure 2 . -  Calculation procedure. 
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Figure 3.- Comparison of calculated and experimental p essure distributions 
on a GA(Y)-1 a i r f o i l  post s t a l l .  Re  = 6 . 3  x 10'; a = 20.05'. 
WAKE ITERATION 
Figure 4.- Typical wake-shape i terat ion  characterist ics  for an angle 
of attack beyond the s t a l l .  
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Figure 5.-  Comparisons of calculated and experimental l i f t  and pitching- 
moment characterist ics  for the GA(W)-1 a i r f o i l .  Re = 6 .3  x 106. 
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Figure 6 . -  Comparisons of calculated and experimental l i f t  and pitching-. 
moment characterist ics  for the GA(W)-1 a i r f o i l .  Re = 2 . 1  x 106. 
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Figure 7 . -  Comparison o f  ca lcu la ted  and experimental l i f t  c h a r a c t e r i s t i c s  
f o r  NACA 64.1006 and 63009 a i r f u i l s .  
Figure 8 . -  Conparison of calculated and experimental l i f t  c h a r a c t e r i s t i c s  
for  NACA 63012 and 633018 a i r f o i l  s e c t i o n s .  
Figure 9.- Comparison of calculated and experimental lift characteristics 
for an NACA 4412 airfoil. Re = 0.24 x 106 and 0.45 x 106. 
Figure 10.- Comparison of calculated and experimental lift characteristics 
for an NACA 4412 airfoil. Re = 0.9 x 106 and 1.8 x 106. 
Figure 11.- Comparieon of calculated and experimental lift characteristics 
for an F A A  4412 airfoil. Re = 3.4 x lo6 and 6.3 x 106. 
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Figure 12.- Comparison of calculated and experimental C h a x  var iat ion 
with Reynold6 number for the NACA 4412 airfoil. 
Figure 13.- Calculated wake shape Tor an NACA 0012 a i r f o i l  a t  90" incidence 
af ter  s i x  viscous-potential flow i terat ions ,  each with three wake-shape 
i terations.  
Figure 14 . -  Calculated pressure distribution on an NACA 0012 a i r f o i l  a t  
90" incidence. Re = 6.0  x lo6 ; Mach number, 0 .2 .  
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Figure 15.- Comparison of calculated and experimental lift characteristics 
for an NACA 0012 airfoil. Re = 6.0 x lo6; Mach number, 0.2. 
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SUMMARY 
An ana ly t i ca l  model f o r  separated a i r f o i l  f lows i s  presented which i s  
based on e x ~ e r i m e n t a l l y  observed physical phenomena. These inc lude a f r e e  
stagnat ion p o i n t  a f t  o f  the a i r f o i l  and a standing vor tex i n  the  separated 
region. A computer program i s  described which i t e r a t i v e l y  matches the  outer  
po ten t i a l  flow, the a i r f o i l  tu rbu len t  boundary layer,  the separated j e t  en- 
trainment, mass conservation i n  the  separated bubble, and the rea r  stagnat ion 
pressure. Separation l oca t i on  and pressure are no t  specif ied a p r i o r i .  Re- 
sv l  t s  are presented fo r  surfacc pressure coef f ic ient  and co,npared w i t h  experi  - 
ment f o r  three angles of at tack for  a GA(W)-1, 17% t h i c k  a i r f o i l .  
INTRODUCTION 
Separated f low on wings has drawn researchers' i n t e r e s t  ever since i t  was 
found t o  be responsible fo r  a i r c r a f t  s t a l l .  l n t e r e s t  has recen t l y  i n tens i f i ed  
due t o  the a b i l i t y  o f  the new GA(W) ser ies o f  a i r f o i l s  t o  operate s tab ly  w i t h  
f low separated up t o  hal f  o f  the upper surfacc ?ength. However, research was 
long r e s t r i c t e d  t o  experimental observation due t o  the complexity o f  the phe- 
nomenon. For very low Reynolds numbers, so lu t i on  of the Navier-Stokes equa- 
t i ons  should provide an analysis o f  the f low, but  even w i t h  modern computers, 
t h i s  i s  a c o s t l y  task. For r e a l i s t i c  a i r f o i l s ,  tu rbu len t  flows occur and re-  
qu i re  some s o r t  of mathematical model. Several models have been proposed and 
solved by computers wi+h various simp1 i f y i n g  assumptions o r  empir ica l  re la -  
t ions.  Most of the previously proposed models consider the separated region 
t o  extend t o  i n f i ~ i  t y downstream o r  i t  i s  mddeled as a bul boils region. The 
actual  physical processes i n  the separated region have not  been included i n  
the models. A1 though some o f  these methods have produced reasonably good com- 
putat ional  resul  ts, t h e i r  ranges o f  appl i ca t i ons  are general l y  1 i m i  ted and 
empir ical  i npu t  i s  usua l ly  required. 
L A mathematical model was sought which included the p r i n c i p a l  physical fea- 
L tures. The model was f i r s t  formulated by log ic ,  found t o  conform t o  the veloc- 
i t y  and pressure data, an4 then tested by special  wind tunnel and e l e c t r i c  ana- 
*This research was supported by NASA Grant NSG 1192 and i s  ava i lab le  i n  
more complete form i n  NASA CR-145249 ( r e f .  1 ) .  I 
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l og  experiments. F ina l l y ,  a computational program was devised w i th  the objec- 
t i v e  of minimizing the empir ica l  in format ion required f o r  so lut ion.  This pro- 
gram was used t o  p red i c t  pressures on an a i r f o i l  f o r  which de ta i led  data were 
avai lab le for  comparison and evaluat ion o f  the model. 
Symbols a re  def ined i n  an appendix. 




ORIGIN OF THE FLOW MODEL 
A sketch o f  the f low model i s  shown i n  f i g u r e  1. The f l ow  has separated 
from the upper surface and leaves the lower surface a t  the t r a i l i n g  edge. The 
j e t  mixing sheets s t a r t i n g  from the two a i r f o i l  separation po in ts  coalesce t o  
form the separation bubble behind the a i r f o i l .  These two j e t s  en t ra in  a i r  from 
the dead a i r  region (near-wake). The entrained s i r  has t o  be replaced by back- 
f low o f  a i r  which must be supplied from somewhere. I f  S and S '  ( f i g .  1) are 
the two separation streamlines, i t  can be seen t h a t  the amount and width o f  
f low entrained are growing i n  the downstream d i rec t ion ;  cansequently , the 
space ava i lab le  f o r  backflow decreases and the demand f o r  i t  increases. Since 
t h i s  cannct continue very fa r ,  a terminat ion i s  required o f  the near wake re-  
c i r c u l a t i o n  region, and a stagnation p o i n t  i s  formed. A t  t h i s  p o i n t  the two 
streams reSoi n de f i n ing  the end o f  the  separation bubble. 
The entrained masses o f  the two j e t s  are no t  the same, since t h e i r  lengths 
and v e l o c i t i e s  are d i f f e ren t .  Generally, the upper one w i l l  en t ra in  a l a rge r  
mass. Therefore, the stagnating streamlines are not necessari ly the separat- 
i ng  streamlines, S and S ' ,  Figure 1 shows two o th?r  streamlines R and R '  stag- 
nat ing a t  the rear  po in t  and prov id ing  passages f o r  the f low t o  enter and leave 
the separation bubble. The mass f low r a t e  through the c o r r i d o r  between R and 
S must be the same as t h a t  tetween R' and S ' .  Further, R and R '  do no t  t e r -  
minate a t  the stagnat ion p o i n t  bu t  must continue upstream and downstream. Mass 
conservation i n  the region requires the farmation o f  two vor t i ces  and an S- 
shaped co r r i do r  o f  f l ow  from bottom t o  top. 
A t  t h i s  po in t  experimental v e r i f i c a t i o n  was sought f o r  t h i s  seemingly log-  
i c a l  model. No reference could be found t o  a s tab le  free vortex above the 
t r a i l i n g  edge, nor was the existence o f  a f r e z  stagnat ion po in t  documented. 
A t  Wichita State Univers i ty ,  wind tunnel tes ts  were i n  process f o r  the GA(W)-1 
a i r f o i  1 u ~ d e r  NASA contract .  Deta i led measurements o f  pressure and v e l o c i t y  
were made downstream o f  the t r a i l i n g  edge a t  high angles o f  at tack ( re f .  2) .  
F i  ures 2 and 3 are t y p i c a l  r e s u l t s  o f  these tes ts  and can be seen t o  ve r i f y  
(a! the l o c a l l y  high pressure region j u s t  a f t  o f  the t r a i l i n g  edge and ( 2 )  the 
r e c i r c u l a t i n g  f low region terminat ing a t  the rear  high pressure po in t .  
Based on experimental data, constant pressure i s  assumed i n  the whole 
separated region except i n  the neighborhood of the stagnat ion point ,  where a 
l o c a l l y  high pressure region w i l l  form along the R R '  l i n e ,  turn ing back the 
low v e l o c i t y  flows. 
Viscous e f fec ts  can be ignored i n  the neighborhood o f  the rear  stagnat ion 
po in t  and a1.l v e l o c i t y  changes considered as being due t o  the pressure gradi -  
ents. Thus, the region i s  d iv ided i n t o  viscous dominated and pressure domi- 
nated regions. This f o l  lows the c lass ica l  approach or ig ina ted  by Prandt l  f o r  
boundary layers and more recent ly  appl ied successfu l ly  t o  separated and re-  
at taching flows i n  the Chapman-Korst mixing models. 
The t r a i  1 i ng  edge plane i s  assumed t o  d i v ide  the constant pressure' region 
cf the separated flow and the region of pressure r i s e  t o  the rear  stagnitt ion 
point .  This plane i s  a lso the l oca t i on  for  s a t i s f y i n g  the mass con t i nu i t y .  
Since the vortex was no t  discernible, a simple f l ow  t e s t  was devised t o  
determine i t s  existence. A 25.4 cm chord GA(W)-1 a i r f o i l  was placed i n  a low 
speed tunnel w i t h  a t h i n  aluminum " s p l i t t e r "  p l a t e  mounted p a r a l l e l  t o  the 
f l ow  a t  midspan. The p l a t e  extended downstream o f  the a i r f o i l  about one chord 
length. The p l a t e  was painted o r  spotted w i t h  a lampblack-and-oil mixture t o  
provide v i sua l i za t i on  of streamlines, as shown i n  f i gu res  4 and 5. (Flow i s  
r i g h t  t o  l e f t . )  The main observations arc:  
(1) The wake closes behind the a i r f o i l  t o  form a "bubble" w i t h  a free 
stagnation p o i n t  q u i t e  c lose t o  the t r a i l i n g  edge. 
(2 )  The r e c i r c u l a t i n g  f low i n  the near wake form:, a large, unsymmetrical 
vortex above the rear  pot-t iorl of the  a i r f o i l .  
(3)  There i s  an upward f l ow  from the  lower wake o f  the a i r f o i l  f lowing 
upstream i n  the separation bubble and then around the vortex t o  
j o i n  the main stream. This S-shaped, lower-to-upper f low was 
c l e a r l y  seen on the streaked p l a ,  s. 
With a view toward making a mtthematical model, an e l e c t r i c  analog o f  the 
separ ted a i r f o i l  f low was se t  up. The e l e c t r i c  po ten t i a l  o f  the a i r f o i l  was 
adjusted t o  meet the Kutta condi t ion a t  the lower t r a i l i n g  edge, and an addi- 
t i o n a l  voltage po,int was placed above and a f t  of the t r a i l i n g  cdge. This cre- 
ated the S-shaped lower-to-upper flow, a topside separation, and a rear  stag- 
nation. The streamlines around the a i r f o i l  surface were found t o  be sens i t i ve  
t o  the strength o f  the rear  po ten t i a l  paint ,  but  q u i t e  insens i t i ve  t o  the 
exact locat ion.  This f a c t  was used i n  formulat ing the mathematical model. 
COMPUTATION OF THE MODEL 
The mathematical mode; consists o f  a po ten t i a l  flow, a boundary layeu on 
the a i r f o ' l  surface, and a separated f low region. These are i t e r a t i v e l y  
matched, together w i th  mass conservation requirements, t o  reach a so lu t ion .  
Assumptions Made 
1. Steady, incompressible, plane f low o f  a i r .  
2. The boundary layer  i s  f u l l y  turbu'ent. 
3.  The r e a r  s tagnat ion p o i n t  i s  l oca ted  downstream o f  t he  t r a i l i n g  edge one- 
t h i r d  t he  d is tance between t he  upper separat ion p o i n t  and the t r a i i  i n g  
edge. Th is  was e m p i r i c a l l y  der i ved  and the  s o l u t i o n  was found t o  be q u i t e  
insensi t ;ve t o  t h i s  value, as the  e l e c t r i c a l  analog study suggested. 
4. There i s  a cons tan t -ve loc i t y  reverse f l o w  region, a "core f l o ~ "  f o r  t he  
r e c i r c u l a t i n g  a i r ,  having a v e l o c i t y  20% t h a t  o f  t h e  ad jacent  f r e e  stream. 
Experimental evidence f o r  the  cons tan t -ve loc i t y  p r o f i l e  was abundant bu t  
no l o g i c a l  model can be suggested t o  g i ve  a "core f low" from the  reversa l  
o f  a shear f low.  Therefore, a pu re l y  emp i r i ca l  choice was accepted as 
necessary and t he  20% value der i ved  from the  examination o f  several  GA(W) 
wing . f low measurements. Resul ts were somewhat s e n s i t i v e  t o  t h i s  choice, 
and t h i s  i s  regarded as the  one genuinely emp i r i ca l  value i n  t h e  f l o w  
model compu t a t f a n .  
5. The streamlines which stagnate behind t h e  body do so w i t hou t  l o s s  o f  t o t a l  
pressure. Th is  i s  the  com:only used Chapman-Korst j e t -m i x i ng  f l o w  model. 
The pressure v a r i a t i o n  from the  t r a i l i n g  edge t o  t he  s tagna t i cn  p o i n t  i s  
approximated by a parabo l i c  v a r i a t i o n  t o  conform t o  experimental t rends. 
Resul ts were found t o  be i n s e n s i t i v e  t o  t h i s  choice. 
Po ten t i a l  Flow 
A p o t e n t i a l  f l o w  srr!ution method was requ i red  which would g i v e  ~ e l o c i t i e s  
and pressures f o r  c ~ x i f i e d  geometries on the  forward and lower a i r f o i l  sur -  
faces, and a1 sc produce stream1 i n e  geometry f o r  a spec i f i ed  pressure d i s t r i b u -  
t i o n  i n  the  separated regions. The Mixed Boundary Condi t ion p o t e n t i a l  f l o w  
program of McDonnell A i r c r a f t  Company, S t .  Louis, met t h i s  requirement and 
was made ava i lab le .  Th is  program i s  a m o d i f i c a t i o n  o f  the wing-body code de- 
veloped by Woodward ( r e f .  3). The a i r i o i  1 i s  d i v i ded  i n t o  a number o f  panels 
on the chord l ine  and t he  thickness, cauiber and angle o f  a t t ack  a re  represented 
by p lanar  source; and vortelc sing111ar;ties. Panel lengths chosen f o r  computa- 
t i o n  were 1% of chord near t he  lead ing  and t r a i l i n g  edges, and these increased 
5% i n  the center  of the  a i r f o i l .  Near wake panels were a l so  1% long. The po- 
t e n t i a l  program t r ea ted  the separated reg ion  as an extension o f  t h e  a i r f c i l  , 
w i t h  t he  body te rmina t ing  z t  the r e a r  s tagnat ion po in t .  
Boundary Layer Analys is  
Head's entrainment method ( r e f .  4 )  o f  calcr  l a t i n g  the  t u r b u l e n t  boundary 
l a y e r  was chosen as being s u f f i c i e n t l y  accurate w i thou t  undue complex i ty .  The 
f low was assumed t o  be t u rbu len t  from the  I t - d i n g  edge o r ,  on the  lower s ide,  
from the  f r o n t  s tagnat ion p o i n t .  A f t e r  the p o t e n t i a l  f l o w  s o l u t i o r  was accom- 
p l ished,  the  dicplaceme.~t thicknes; was computed and added t o  the  d i r f o i l  sur-  
face. The aug~r~ented a i r f o i l  was again solved by t he  p o t e n t i a l  program and t h e  
nrocess repeated t o  convergence. Since t he  p o t e n t i a l  program provided the  
2eparat ion stnqeamline shape, t he  displacement th ickness a t  the  separat ion p o i n t  
was added t o  the ord inates o f  the  separat ion stream1 i n e  t o  ob ta i n  the  e f f e c t i v e  
displacement surfyce. 
7h;e c r t t e r i a  for  separation of the boundary layer was the value o f  the 
shape factor, H, which i s  the r a t i o  o f  the displacement thickness to the 
momentu?: ;.hickness. Uost integral  wethods assue  H o f  I.@ to 2.1 as 
the separation indicator. The exact value appears t o  depend oo surface c rwa -  
ture, backf?ow strer.,th, and possibly the upstream boundary layer h istory.  
This value was varied i n  the progrm as a means of "ordering" the separatfon 
point  t o  move. An i n i t i a l  .io:lle of 2.3 ws used w i th  separation a t  95% chord. 
Jet  Mixing Analysis 
A j e t  mixing cornputation was reeded f o r  the upper stream t o  pennit calcu- 
l a t i o n  of the mass entrained. Since the model assms,  on the basis o f  experi- 
mental evidence, that  the separated f low i s  a t  constant pressure (equal t o  the 
seraration point  pressure), a conttant pressure mixing theory i s  needed. The 
Korst turbulent j e t  mixing methtd [ref.  5) was adapted t o  the incaarpressible 
case f o r  the flow on t t - 2  upper surface from separation t o  the rear stagnation 
point. The v i r t ua l  o r i g i n  method o f  H i l l  (ref. 6) was used t o  handle the e f -  
fects o f  the i n i t i a l  boundary layer a t  sepcration on the j e t  mixing. This 
then produces a veloci ty p r o f i l e  a t  the plane o f  the t r a i l i n g  edge. 
Determi natioc o f  the Stagnating Stream1 ines 
The two streamlines R and R'  (see f i g .  6) can be found from the two re-  
quirements (1) that  t he i r  ve loc i t ies  are equal and (2) tha t  the mass entering 
the separation bubble between R '  and the lower surface must equal the mass 
leaving between streamlines S and R. The model assumes a constant s t a t i c  pres- 
sure separated region which applies t o  R '  and R a t  the t r a i l i n g  edge plane. 
Their stagnation pressures are also equal, since they stagnate a t  the same 
point. Thus, t he i r  veloci t ies must be equal. The equal mass flow requirement 
i s  performed a t  the t r a i l i n g  edge plane. A ve loc i ty  value for  R and R '  i s  
i terated u n t i l  the mass requirement i s  met. A new rear stagnation po in t  pres- 
sure result;. If i t  di f fers from the value previously used, the potent ia l  
low and boundary layer must be recalculated and the new R and R '  streamlines 
l oca ted . 
Recirculating Mass Balance 
The Korst er ror  function ve loc i ty  p ro f i l e  i s  used f o r  var ia t ion from the 
local potential  f low ve loc i ty  t o  the reverse core f low veloci ty.  The Goertler 
j e t  spreading parameter, a, required f o r  the mixing analysis, was used w i th  
the well-established incompressible value o f  12. The a i r f o i l  upper surface i s  
augmented by the displacement thickness a t  the lower t r a i l i n g  edge. This p ic -  
tures the lower boundary layer as swi r l ing almost unchanged around a small sep- 
arat ion hulrble a t  the t r a i l i n g  edge. The mass flow i s  integrated froin the 
displaced up?er surface of the a i r f o i l  t o  the S streamline i n  the trdnsverse 
plane of the t r a i l i n g  edge. I f  the net mass f l u x  i s  not zero, the value of the 
shape factor H for separation i s  changed and the en t i re  computation process i s  
repeated unt i 1 mass conservation i s  reached. 
COeBUTED RESULTS 
Figure 7 i l l us t ra tes  the program logic. I n  t h i s  figure. PR refers t o  the 
pressure a t  the rear stagnation point. This program was used t o  calculate the 
pressure distr ibut ions on the 6A(Y)-1 17% thick a i r f o i l  a t  three angles o f  at- 
tack (18.4'. 16.4'. and 14.4O) fo r  which experimental data were available (rvrf. 7). The results are shown irr figures 8, 9 and 10. It can be seen that 
agreement with experiment i s  good. The separation pressure i s  predicted qui te 
accurately and the separation location i s  s l i gh t l y  a f t  o f  the experinrental 
values. The reor stagnation pressures also a g m  we1 1 with experiments. Com- 
parative values arc given i n  Table 1. 
The lnethod does not prescribe any o f  the separa5c.io:! variables. Examina- 
t i on  of the! ca~putat ional  histor ies shaws that the setwration point and pres- 
sure vary freely as the i terat ions proceed. Accuracy i s  dependent upon the 
wmber o f  panels used. The canputed pressures show deviations f ran experi- 
mental values a t  about 15% chord where panel size was increased suddenly. By 
choosing a larger number o f  panels the accuracy would be improved a t  the cost 
of increased computing time. Using 29 panels on the a i r f o i l ,  cornputation times 
on an IBM 360/44 or 370/145 were 14 t o  40 minutes, depending on angle o f  a t -  
tack and i tera ti ve accuracy des i red. 
Sane improvements are needed i n  the computational elements. The potential 
program used represented the a i r f o i  1 by a s i  ngulari t y  d i s t r i  tu t ian  on the chord 
l ine. This i s  adequate fo r  th in  a i r f o i l s ,  but fo r  a i r f o i l s  with large thick- 
ness or acgle o f  attack, there can be signi f icant errors. A potential program 
usin surface singularft ies (but s t i l l  o f  the mixed bodndary layer condition 
type 3 would improve accuracy. SSmilarly, Head's boundary layer method i s  us- 
able and simple, but i s  not the most accurate available. Computations should 
be made fo r  other a i r f o i l s  t o  evaluate the reverse flow velocity assunption. 
However, even a t  th is  point o f  development, th is  mode?! has betn showt, to  
include a l l  o f  the signi f icant physical features, t o  be c a . + ~ l e  o f  computation 
with reasonable computer times, and t o  give good surface pressure results. 
C Chord Length 
C~ Pressure Coef f i c ien t  
C Pressure Coef f i c ien t  a t  Rear Stagnation Point  
H Shape Factor o f  Boundary Layer 
M Mach Number 
A Mass Flow Rate 
P~ Pressuve a t  Rear Stagnation Po in t  
R.N. Reynolds Number Based on A i  r f o i  1 Ciqord 
R Stream1 i n e  which stagnates a t  rear  
S Streamline whfch separates from surface 
'sep Length from separation p o i n t  t o  a i r f o i l  t r a i l i n g  edge; f rac t i on  of chord length. 
n Angle o f  Attack 
5 Boundary Layer Thi ckness 
4* Bountlary Layer Displacement Thickness 
u Je t  ipreading Parameter 
Subscripts: 
L Lower side o f  a i r f o i l  
SEP Separation po in t  
U Upper s ide o f  a i r f o i l  
a3 Free stream value 
Superscript: 
Prime indicates lower-side f low 
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TABLE 1,- RESULTS FROM PRESENT ANALYSIS AND EXPERIENT (REFS, 2 AND 7) 
- , 
Xsw c t s .  Cpn MSRP 
a M, RN. THEORY EXPT. THEORY LIPT. t M t e R y  rxpn  ? w t o r y  . tXP1. 
18.4' 0.16 2 . 5 ~ 1 0 '  529 45% -0.583 -0.60 -0.076 no data 1.9 no data 
1 6 . 4 ' 0 . 2 1  2 . 9 ~ 1 0 '  579 55% -0.496 - 0 . 5 0  + 0 . 0 5 9 5 n o d a t a  1 .85  n o d a t a  
I 
14.4. 0 . 2 1  2 . 9 ~ 1 0 '  65% 70% -0.285 -0.3 +0.1602 no data 1 . 8  no d a t a  
b 
18.4 0 - 1 3 5 '  2 . 2 ~ 1 0 '  449 45% -0.640 -0 .6  -0.135 a-0.1.2 1 - 6 5  1.67 
I I 
14.4  0 1 1 3 5 2 . 2 ~ 1 0 C  609 65% -0.33 -0.4 0.119 "0.0 1 . 8 0  1 . 8 1  
d 
Figure 1.- Schematic diagram of separated flow model. 
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Figure 2.- Experimental velocity plot. CA(W)-1 airfoil. 
Figure 3.- Static-pressure field contours. GA(W)-1 airfoil. 
LY = 18.4 ' ;  R.N. = 2.2 x 106 (from ref. 2). 
Figure 4.- Oil-streak flow visualization. 
a = 16'; R.N. = 0.3 x lo6. 
Figure 5.- Oil-streak flow visualization. 
a = 16'; R.N. = 0.3 x lo6. 
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Figure 8 . -  Pressure distributions.  GA(W)-1 a i r f o i l .  
a = 18.4"; R.N. = 2 . 5  x 106. 
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Figure 9.-  Pressure d i s t r i b u t i o n s .  GA(W)-1 a i r f o i l .  
a = 16.4'; R.N. = 2 . 9  x 106. 
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Figure 10, - Pressure d i s t r i b u t i o n s .  GA(W)-1 a i r f o i l .  
a = 14 .4 ' ;  R.N. = 2 . 9  x 106. 
INVERSE KIUNDARY-LAYER TECHNIQUE 
FOR 
AIRFOIL DESIGN 
M. L. Henderson 
Boeing Commercial Airplane Company 
SUMMARY 
Presented is a description of a techniqup for the optimization of airfoil 
pressure distributions using an interactive inverse boundary-layer program. 
This program allows the user to determine quickly a near-optimum subsonic 
pressure distribution which meets hi? requirements for lift, drag, and pitching 
moment at the desired flow conditions. The method employs an inverse turbulent 
boundary-layer scheme for definition of the turbulent recovery portion of the 
pressure distribution. Two levels of pressure-distribution architecture are 
used - a simple roof tcp for preliminary studies and a more complex four-region 
architecture for a more refined design. A technique is employed to avoid the 
specification of presscre distributians which result in unrealistic airfoils, 
that is, those with negative thickness. The program allows rapid evaluation 
of a designed pressure distribution off-design in Reynolds number, transition 
location, and angle of attack, and will coqpute an airfoil contobr for the 
designed pressure distribution using linear theory. 
Conparison of pressure distributions and correspondi.ng airfoil geometries 
resulting from different specifications of recovery-region boundary-layer form 
parameter will be presented. 
INTRODUCTION 
~irfhil design has trad Ltionally been a trial-and-error process. Before 
large computers were availhble the airfoil designer had little option other 
than to make small changes to existing sections, guidea by linear theory, in 
the hope that he would improve the section's performance in the area he wanted. 
Or, if he could afford the time and expense, the designer could undertake the 
testing of a large number of sections to try to find a good one for his appli- 
cation. Understandably, airfoil progress was a rather hit-or-miss proposition. 
Certainly, airfoil designers were guided by the physics of the flow around their 
sections but the mathematics required to describe the flow field adequately was 
too complex to solve in closed form and without computers, and it was too time 
consuming to solve numerically. 
When relatively cheap computing squipment became available, methods for 
solving the inviscid flow field about an arbitrary airfoil evolved, and, soon 
after, methods for computing houndary-layer characteristics were developed and 
are still evolving. These were powerful tools for the airfoil designer. He 
could now look at many more variations in his design variables and could be 
bolder in his departure from what had been previously tested. However, as good 
as these tools were, he was still using the cut-and-try method to design an 
airfoil to new requirements. Because of the highly nonlinear way the different 
variables in the airfoil-design problem interact there is no guarantee that cut- 
and-try will produce an overall improvement' in performance; it is all too easy 
to design a sectian which is superior in one aspect of performance only to find 
it 13 totally unacceptabio in another. 
To get around the inherent problems of cut and try, the inverse of the 
airfoil-analysis problem needed to b colved more rigorously. Instead of com- 
puting the performance characteristics of a given section, one needed to specify 
the performance and compute the sectian. At present, this inverse airfoil 
problem is being attacked in two pilrts, as was airfoil analysis, that is, the 
inverse inviscid and the inverse boundary-layer problems. 
The inverse inviscid problem, that is, specifving a pressure distribution 
and computfng an airi-oil contour, has been well developed recently as evidenced 
by several excellent papers on the subject given in this volume. However, while 
the techniques for performing the inverse inviscid computations are seemingly 
well in hand, the use of these techniques for airfoil design is not so well 
off. The reason is that although there is a real, unique inviscid pressure dis- 
tribution for every airfoil at every angle of attack, the reverse is not true in 
a practical sense. One can easily specify a pressure distribution which results 
in an airfoil with negative thickness. Although such an airfoil is a perfectly 
valid solution to the inverse inviscid ptoblem in a mathematical sense, one 
might have a little trouble building one. The fact is that most arbitrariiy 
defined pressure distributions result in unrealistic airfoil contours if present 
inverse inviscid techniques are applied blindly. Future programs which allow 
specification of both pressure distribution and thickness by using weighting 
and advanced solution techniques (such as least-squares or Newton's method) to 
resolve the over-specified nature of the problem may aid the design. However, 
these programs have yet to appear in general use. So, one must be very careful 
in the choice of pressure distribution if the existing inverse invsic,d programs 
are to be used to advantage. 
How should the pressure distribution be defined? With a little thought 
one can see that at low Mach numbers the performance of an airfoil is eirher 
defined by or limited by the boundary layer and the requirement of a reasonable 
(or buildable) thickness form. In order to proceed with a rational design pro- 
cess one must have a boundary-layer technique that, given boundary-layer para- 
meters, will compute a pressure distribution and, hopefully, is constrained to 
produce only pressure distributions that are realistic. 
With such a computational tool in hand the desi.gner might take advantage 
of the airfoil design process shown in figure 1. The most notable aspect of 
this process is that it proceeds from performance requirements to initial con- 
tour entirely in the inverse mode - first to compute a desirable pressure dis- 
tribution and then to compute an initial airfoil contour. The last block, 
the detailed analysis and refinement stage, is the last remnant of trial and 
t 
error; and for the small changes involved in refinement this is probably 
%. desirable (or at least inwitable). 
t; 
\ Aseming one has the capability for computing an airfoil from a pressure 
... . 
distribution (which is, after all, primarily a problem in mathematics, not 
aerodynamics) the primary task of the aerodynamicist is to define a desirable 
I pressure distribution, hopefully the best pressure distribution, for the job at 
hand. In the remainder of this paper I will discuss a computer technique which 
I believe will greatly aid the designer in this task. 
The symbols used herein are defined in an appendix. 
TECHNIQU3 
The Inverse Boundary-Layer Equations 
1 An inverse boundary-layer technique is a solution to the boundary-layer equations where boundary-layer parameters are specified and a pressure dis- tribution is cowuted. For the program I will discuss in this paper, I have 
I used the boundary-layer momentum equation, Garner's equation for form para- meter variation, and the Ludwig-Tillman equation for the wall shear stress 
1 r e .  1 These equations have been arranged to solve for a velocity distribu- 
I tion given a variation in the fol-m parameter H - 6*/8. The solution technique is shown as follows: 
1 
Solving Garner's equation for the velocity derivative gives 
From the momentum equation solve for 
2 The wall shear stress coefficient ro/pu is given by Ludwig-Tillman: 
The momentum thickness ratio 8/c and velocity ratio are glven by integrating 
equations (1) and (2) numerically with a known H(X/C) (and thus a known 
dH/d (xlc) ) : 
where As/c is the integration step in arc length. Equations (1) to (5) 
should be relaxed at each step for average  value^ of u/ua and 8/c. 
Pressure-Distribution Synthesis 
With this inverse turbulent boundary-layer technique and an appro?riate 
pressure-distribution architecture one may quickly design a pressure distri- 
bution on one surface of an airfoil. To explain the way the pressure distri- 
button is synthesized consider the simpler of the two architectures available - 
the roof top (fig. 2). This architecture is characterized by an acce:ieration 
region starting at the leading edge and terminating at an input fair point. 
Constant pressure is assumed from the fair point to the input beginning of 
curbulent recovery (recovery point). The turbulent recovery spans the remainder 
of the foil and facilitates pressure recovery from the roof-top pressure to the 
desired trailing-edge pressure, The roof-top pressure is not input and is 
found by the inverse boundary-layer equations by employing an iterative proce- 
dure explained subsequently. 
Iterative Procedure for Iietermining Minimum Cp 
Given a fair point, a recovery point, a trailing-edge pressure, and a guess 
at roof-top pressure C , the pressure distribution is assembled up to the 
Pmin 
recovcry point. This pressure disrribution is then analyzed to provide the 
starting values ( s f  H and 8/c for the inverse turbulent boundary-layer module. 
Having these values, the. recovery pressure distribution is computed from Cpmin 
at the recovery point to the trailing edge by using the desired variation of 
form parameter in the recovery region. If the computed trailing-edge pressure 
is not that desired, Cp . is in~reme~ted, the pressure distribution up to the 
recovery point is reassesyed, and the proccss is repeated to cmvergenctz. 
The Lower Surface Pressure Distribution 
Since the total pressure distribution must represent a realistic airfoil 
and the upper surface pressure distribution is defined by boundary-layer con- 
siderations alone, the lower surface pressure distribution must be defined by 
the thickness requirements specified by the designer. In the present program, 
a standard t>+-!:ness form is used, the NACA QOXX, which is scaled to the 
designer's desired maximum thickness. So with a single input t/cmax, the 
designer b-ts a lower surface pressure distribution which will result in an 
airfoil which has the upper surface shape required to give him his designed upper 
surface pressure distriburion and a lower surface contour which results from an 
NACA OOXX thickness form cf the desired maximum t/c. Linear airfoil theory is 
used to accomplish this and I will not discuss it further in this paper. 
The Four-Region Architecture 
Although the roof-top architecture is effective and simple to use for the 
preliminary stages of pressure-distribution optimization, it allows very little 
flexibility for controlling the laminar and transitional portion of the boundary 
layer. As will be shown later, the transition-point position is often of first- 
arder importance to the airfoil-design problem. To allow for more precise 
control of the laminar boundary layer, the four-region pressure distribution 
was devised. 
This architecture is shown in figure 3 and is characterized by an accelera- 
tioc region (I), a region OF constant pressure gradient (II), a laminar stress- 
ing region (111). and finally the turbulent recovery region (IV). The fair 
point is input as before; and, in addition, the desired value of pressure gradient 
is given for region 11, and a desired point of initiation of laminar stressing 
and a desired value of laminar form parameter are givcn for region 111. A 
simple, inverse, laminar boundary routine is used to produce the pressure dis- 
tribution required to produce the desired laminar fern parameter. Region I11 
may be used for either stressing the laminar boundary layer to achieve rapid 
transition without separation or may be used to avoid transition - depending, of 
course, on the value of H specified. The equations used in this region are 
where ( refers to the values at the beginning of region 111. 
In the derivation of these equations some liberty was taken in dropping 
terms for simplicity; however, practice has shown this relationship is remark- 
ably accurate. The symbol Cpm is defined as the pressure at the beginning 
of region 111. Region IV, the gurbulent recovery, is defined by the inverse 
turbulent boundary-layer technique as described earlier. 
Optimization Using an Interactive Program 
The pressure-distribution design technique I have described has been im- 
plemented in an interactive optimization program. That is, the program user is 
operating the computer program in a conversational mode where input is requested 
by typed messages and given to the program, real time, by responding with typed 
input at a terminal. Output is printed or plotted immediately at the terminal 
at the request of the user. 
Why an interactive program? Pressure-distribution design is a highly over- 
defined optimization problem. Constraints and secondary requirements are tough 
to quantify and the weight given them often reflects the judgement of the 
designer alone. In deciding how to implement this technique I adopted the 
philosophy that it is desirable to leave the judgement in the hands of the user 
and that a computerized pressure-distribution design tool should eliminate the 
computation in the design process and amplify the user's judgement by quickly 
and clearly illuminating the important relationships between the variables and 
constraints of the design problem at fiand. 
An interactive program is a natural outcome of this philosophy as it allows 
an adaptive flexibility in the optimization process impossible using batch-type 
computing. Furthermore, and not a bit less important, we have found that being 
a part of the optimization process is very educational for the user, especially 
when he is designing in a flow regime where he has little experimental experience. 
Lastly, it is one heck of a lot more fun to compute this way - as anyone who has 
tried it will agree. While this may seem a trivial concern - the fact that the 
computation is now pleasant, rather than a chore, often means one will tend to 
stick out a really tough problem longer. 
The options available ia this optimization program are ill- str rated in 
figure 4. I will just summarize them here. 
The design is initiated by giving the program the flow conditions and 
details of the architecture chosen. The type of form-parameter variat~on is 
then chosen - this program allows 2 constant form parameter or linear, quad- 
.'-I ratic, or exponential variation to be specified with very little input. An 
arbitrary H variation may be used if a file 01 th? desired values of H vs. 
x/c has been previously generated. This complete, the program enters the 
design modale and displays CQ, Cd, Cm, and a plot of the designed pressu-e dis- 
tribution. This whole process takes about 30 seconds. At this point tie user 
may redefine the H variation, or any other of the design paramecers, or if he is 
satisfied with ihe design-point pressure distribution he may analyse the pressure 
distribution at an off-design Reynolds number or trip location or ne may analyse 
the pressure distribution off-design in lift (accomplished by adding an angle- 
of-attack velocity distribution to the design distribution using linear theory). 
The results of any of these off-design analyses are printed and plotted 
immediately at the terminal. In the event that a desirable pressure distri- 
buticjn is generated, 2 reliminary airfoil contour may be obtained simply by 
request. This is accomplished by a simple linear inverse program due to 
Trukenbrodt (ref. 2), and the airfoils produced should be considered as starting 
points for more accurate design methods. They are, however, excellent bench 
marks to check the resulting airfoil's fidelity to structural restraints (such 
as a restraint on maximum camber or compound surfaces). 
To indicate the power of this approach, consider that to define a pressure 
distribution, it should be checked at several Reynolds numbers and off-design 
angles of attack, and to produce a preliminary airfcii takes about 7 minutes on 
a PDP 11-70 or about 8 minutes on a CDC Cyber 175. The reason the more power- 
ful pachine takes longer is that the data-transmission rate to our terminal is 
300 band on the 175 and 9600 band on the 11-70. Most of the time is used during 
transmission and user head scratching in deciding what to do next. 
Some Illustrative Results 
Figure 5 displays a comparison of pressure distributions and thetr corres- 
ponding airfoil geometries resulting from different specifications o f  recovery- 
region boundary-layer form parameter (H) . The 'C' , 'L' , and 'E' detlote con- 
stant H, linearly varying and exponentially varying H, respectively. Each 
pressure distribution was designed to a lift coefficient of approximately 1.6. 
The impact of the variation of the form parameter on both airfoil performance 
and shape is striking. The L/D (E*) ranges from 172 for constant H (2.06) to 
225 for the exponentially vcrying H (1.45 at x/c = 0.3 to 2.0 at x/c = 1.0). 
Pitching moment varies from 0.057 to -0.186 for the same two examples,. The 
airfoil contours, I think, speak for them.selves. Again, the values of H for 
each type of variation were picked so that the pressure distributions all pro- 
duced a design-point lift coefficient of about 1.6. 
In the designs of figure 5, natxral ti-annition occurred near the fair 
point (x/c = 0.1) due to very high design-point Reynolds number (Rn r 30 x 106). 
In figures 6 and 7 1 have tried to illustrate the powerful effect that transi- 
tion has on the design of a pressure distribution. In figure 6 a design was again 
cnc?ertaken at o Reynolds number of 30 x lo6 with a roof-top architecture and 
natural transition. The result was a pressure distribution of modest perfor- 
1 mance with transition occurring very near the fair point. 
t i 1 .1 Using the four-region architecture, an attempt was made to maintain laminar 
flow as far aft on both surfaces as possible. The result was a pressure dis- 
tribution that produces significantly better performance. The L/D at the 
I design point went from 215 for the roof top to 317 for the four-region pressure 
1' distribution. Destgn CQ was increased from 1.42 to 1.68 for the same speci- 
t fication in form parameter, whereas the pitching-moment coefficient remained 
I relatively unchanged. Although the final pressure distribution in this figure 
i shows remarkable improvement and impressive performance, work still needs to be 
done to achieve acceptable off-design performance as one might expect considering 
! 
i the section's rather sharp leading edge. 
Figure 7 displays the effect of tripping the laminar boundary layer on 
design lift and L/D at a Reynolds number of 4 x lo6 for several recovery loca- 
tions. Laminar flow is extensive when no trip is specified due to the lower 
Reynolds number, even though the roof-top architecture is used throughout, so 
one would expect tripping to have a significant impact. The curves show it 
does. The peak desien Cg is reduced from 2.25 to 1.3 by tripping and the L/D 
is reduced from 177 to 77. The explanation for this'sharp reduction in per- 
formance is that early transition produces a much thicker boundary layer at the 
recovery point due to the more rapid growth of a turbulent boundary-layer rela- 
tive to the laminar layer. This thicker boundary layer is able to withstand 
less adverse pressure gradient and so must recover from a lower velocity. Thus, 
there is a loss in lift and LID. 
1 
Figure 8 summarizes the performance of some of the pressure distributions 
we have designed to date, With the exception of points 3 and 4 all were low CQ 
designs with heavy restrictions placed on the maximum camber and all used the 1 
simple roof-top type architecture with tripping to produce a turbulent boundary 
layer at the recovery point where necessary. Because of this, one should not 
interpret the results as an attempt to plumb the limits of L/D at each Reynolds 
number but rather consider these results only as an example of the type of 
information obtainable from this program with a relatively modest amount of time 
and expense. Points 3 and 4 were attempts at optimizing L/D at their design 
Reynolds numbers, and although they do perform credibly, more effort is required 
i 
to refine the designs and guarantee good off-design performance. 
CONCLUSIONS 
We need more experience with this program to say with any certainty 
whether it can be used to deternine an optimum pressure distribution for the 
flow conditions where the theories are valid. However, the following aspects 
of this technique are already apparent: 
-. 
'~r. John McMaeters assisted iu preparing this paper and allowed me to use 
the data in figures 5 and 8 which he generated for a Boeing internal study of 
the LID potential of moderately cambered airfoils. 
I 
i 1. The inverse boundary-layer technique is a powerful and efficient device 
L 
t for defining a pressure distribution. 
! 
'T 2. The pressure-distribution architecture need not be excessivsiy complex 
to control the laminar and transitional regions of the pressure discribution. 
F 3. The simple inverse laminar equation is an effective tool for stressing the laminar boundary to transition without causing separation. C 
f 
r 4. Allowing a scaled thickness form to define the lower surface pressure 
dist3ibution does constrain the program to produce pressure distributions which 
i 
result in realistic sections. However, more flexibility is needed in this area 
I so that aerodynamic considerations may also play a part in definition of the 
lower surface distribution. This may take form as optional thickness forms or 
arbitrary thickness forms constrained only in maximum thickness and to positive 
1 thiclu~ess everywhere. 
1 h 5. The interactive type of execution seems to have value beyond the obvious 
advantages of speed and immediate response in the display of intermediate re- 
sults, that is, it is very educational and pleasant to use. 
APPENDIX 
SYMBOLS 
boundary-layer form parameter, 6*/8 
velocity at outer edge of boundary layer 
free-stream velocity 
airfoil-surface arc length normalized with zhord 
distance along airfoil chord, normalized with chord 
Reynolds number based on airfoil chord 
Reynolds number based on locay value of mo~nentum thickness 0 and 
.velocity U 
boundary-layer momentum thickness (normalized), 
boundary-layer displacement thickness, 
density 
section lift coefficient 
section drag coefficient 
section pitching-moment coefficient 
Z 
pressure coefficient, 
c = I - (k) P 
airfoil thickness (normalized) 
,1esig11-point section L/D 
maximum section LID 
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LANGLFX'S TWO-DIMENSIONAL RESEARCH FACILITIES - CAPABILITIES AND PLANS 
Edward J. Ray 
NASA Langley Research Center 
It recent years there has been a renewed inte~est in the development of 
a wide variety of advanced airfoils and 2 systematic documentation of airfoil 
characteristics in the subsonic-transonic flight regime. In 1973, the 
National Aeronautics and Space Administration (NASA) responded to the 
resurgence of interest in systematic airfoil research by establishing a com- 
prehensive airfoil program. This program included provisions for the 
rehabilitation of existing facilities, the exploration of new test techniques, 
and the development of new test facjlities. 
This paper describes the current capabilities and the forthcoming plans 
for Langley's two-dimensional research facilities. The characteristics of the 
Langley facilizies are discussed in terms of Reynolds number, Mach number, and 
angle-of-attack capabilities. Commenrs are made with regard to the approaches 
which have been in~~atigated to alieviate typlcal problem areas such as wall 
boundary effects. Because of the need for increased Reynolds number capability 
at high subsonic speeds, a cmsiderable portion of the paper deals with a 
description of the 20- by 60-cm two-dimensional test section of the Langley 
0.3-meter transonic cryogenic tunnel which is cbrrently in the calibration and 
shakedown phase. 
INTRODUCTION 
As point2d out in reference 1, for many years Langley Research Center 
placed a strong emphasis on the combined application of aerodynamic theory and 
two-dimensional experimental facilities in the development of advanced airfoils. 
In the 1950's and 19601s, however, with the extensive emphasis on the three- 
dimensional aspects of swept wings, supersonic flight, and the minimization 
of component interference, airfoil research was virtually nonexistent. 
Interest in airfoil research was rekindled when the development of 
supercritical and other advanced airfoils demonstrated that additional 
?erfomnce gains could be realized by the application of new airfoil desig;; 
concepts. In response to this renewed interest, Langley began, ic about 1968, 
to upgrade its airfoil test capability. The purpose of this paper is to 
present an overview of L.angleyls current two-dimensional test capability and to 




s t a g n a t i o n  p ressure  
dynamic p ressure  
Reynolds number based on model chord 
s t a g n a t i o n  temperature 
thickness-to-chord r a t i o  
angle  of a t t a c k  
DISCUSSION 
Severa l  f a c i l i t i e s  w i l l  be d i scussed  i n  t h i s  paper. I n  t h e  a r e a  of low- 
speed resea rch ,  t h e  continuous-flow Langley low-turbulence p ressure  tunne l  
provides  e s s e n t i a l l y  t h e  same outs tanding h igh  Reynolds number c a p a b i l i t y  
t h a t  i t  provided dur ing t h e  1940's. I n  t h e  a r e a  of high-speed resea rch ,  
t h r e e  f a c i l i t i e s  a r e  desc r ibed .  The Langley 6- by 19-inch t r a n s o n i c  tunnel  
w a s  developed a s  a p i l o t  a i r f o i l  f a c i i i t y  and is c u r r e n t l y  dedicated t o  t h e  
s tudy of w a l l  e f f e c t s  and t h e  develcpment of t e s t  techniqass .  The Langley 
6- by 28-inch tunne l  provides  a high-speed, moderate Reynolds number 
c a p a b i l i t y .  The Langley 0.3-meter t r a n s o n i c  cryogenic tunne l ,  Langley's  
newest two-dimensional f a c i l i t y ,  is cur renz ly  under development and w i l l  
provide a high Reynolds number c a p a b i l i t y  wi th  unique opera t ing  envelopes. 
A d e t a i l e d  d e s c r i p t i o n  of t h e  c h a r a c t e r i s t i c s  of t h e s e  f a c i l i t i e s  and a n  
in& : t ion  of Langley's  c u r r e n t  and p ro jec ted  two-dimensional programs 
follow. 
Langley Low-Turbulence Pressure  Tunnel 
The Langley low-turbulence p r e s s u r e  tunne l  (LTPT) is  descr ibed i n  r e f e r -  
ences 2 and 3, and the  Reynolds number envelope is  shown i n  f i g u r e  1. (The 
Reynolds number f o r  t h i s  and a l l  subsequent f i g u r e s  is based on a t y p i c a l  
model chord f o r  t h e  p a r t i c u l a r  f a c i l i t y . )  A ske tch  of t h e  LTPT is presented 
i n  f i g u r e  2. Even though t h e  LTPT was cons t ruc ted  over 30 y e a r s  ago, i t  
s t i l l  f u l f i l l s  a very important requirement i n  t h a t  i t  adequate ly  covers  both 
t h e  reg ions  of i n t e r e s t  f o r  genera l  a v i a t i o n  a i r c r a f t  and t h e  h i g h - l i f t  
landing and take-off cond i t ions  f o r  a wide v a r i e t y  of a i r c r a f t .  With i ts 
10-atm c a p a b i l i t y  i t  provides a Reynolds number of about 30 x lo6 a t  a Mach 
number of about 0.25. Another d e s i r a b l e  c h a r a c t e r i s t i c  of t h e  LTPT is chat  i t s  
400 
large test section (0.08 by 0.19 m (3 by 7.5 ft)) provides a large model 
chord capability. The photograph shown in figure 3 illustrates the 
cxnnparatively large two-dimensional test section with a 0.6-m (2-ft) chord 
I model installed. There are obvious advantages of the large chord model when 
considering model accuracy and multielement airfoil testing. The LTPT is a 
continuous-flow facility that operates from very.10~ velocities up to a Mach 
number of about 0.35 and is designed to provide the capability for exceptionally 
good flow quality. 
The research programs c~nducted in the LTPT are varied. Under the current 
programs, there is a considerable amount of effort being placed on the 
development of new, general aviation airfoil concepts and the.10~-speed 
assessment of supercritical sections. The development of the general aviation 
airfoils is discussed in reference 4. Renewed attention is being placed on 
laminar flow research. A photograph of a passive laminar flow airfoil for the 
LTPT is shown in figure 4. 
Insofar as projected program extensions, the LTPT with its large model 
chord and low-speed, high Reynolds number capability will continue to be 
Langley's prime facility for the development of high-lift, multielement systems. 
At present the improvements which are scheduled for this facility include the 
installation of a fast pressurization system and a com!.ater-driven wake-survey 
apparatus. Modifications will be made to provide additional improvements to 
restore the flow to its origfnal high quality and to provide stagnation 
temperature control. 
In order to provide Lat~gley witn a valid and useful high-lift development 
capability, provisions are being made to incorporate a sidewall boundary-layer 
control system and a new high load balance system. The new boundary-layer 
control system will provide control by blowing through slots in the sidewalls. 
The data shown in figu~e 5 illustrate the typical.effects of this type of side- 
wall control on the lift characteristics of a multielement airfoil. Section 
lift coefficients are plotted against angle of attack. The three different 
cases shown are the lift near the wall without blowing (lower curve), the lift 
at midspan without blowing (middle curve), and the lift at the midspan and 
near the wall with blowing (top curve). It is obvious from the two lower lift 
curves that, without blowing, the flow across the airfoil is not two dimensional. 
With blowing (top curve), the sidewall boundary layer is apparently energized, 
resulting in uniform flow across the airfoil. 
An additional improvement scheduled for this facility is a suction system 
for application of active laminar-flow control to airfoils. 
Langley 6- by 19-Inch Transonic Tunnel 
The Langley 6- by 19-inch transonic tunnel (ref. 5) was placed in operation 
in 1970 and represented one of the first steps in reestablishing Langley's 
airfoil research facilities. Its Reynolds number envelope is shown in figure 
6 .  The Langley 6- by 19-inch tunnel is a blowdown to atmosphere type with a 
Mach number range of 0.5 to 1.2. It is a low Reynolds number facility with no 
independent control of Mach number and Reynolds number. The photograph shown 
in figure 7 presents exterior and interior views of the tunnel. The vertical 
test section as shown in the interior view lends itself to simple, inexpensive 
modifications. This facility is currently dedicated to the development of 
new two-dimensional testing methods and techniques. Two current programs of 
this type are the solid flexible wall studies and the parametric slotted wall 
interference studies. A sketch illustrating the parametric slotted wall 
study is shown in figure 8. Descriptions of the wall interference studies 
which have.been conducted in this tunnel are presented in references 6 and 7. 
The Langley 5- by 19-inch tunnel will continue to be used for the development 
of refined transonic wall configurations. 
Langley 6- by 28-Inch Transonic Tunnel 
The Langley 6- by 28-inch transonic tunnel is described in reference 8. 
A plot of the Reynolds number - Mach number envelope is shown in figure 4, and 
a photograph of the tunnel is shown in figure 10. The tunnel, which is shown 
on the upper level in the photograph, was placed in operation in 1974. It is 
a blowdown type, operating over a Mach number range of 0.3 to 1.2 and a 
stagnation pressure range of 1.2 to 6 atm. The pressure capability provides a 
low to moderate Reynolds number capability with iadependent Mach number and 
Reynolds number control. The tunnel, with its transonic and 15 x lo6 Reynolds 
number capability, is dedicated to a wide range of airfoil research. Current 
tunnel programs include the development of supercritical airfoils, supercritical 
propellers, and rotor aircraft airfoils. The rotorcraft airfoil studies are 
particularly extensive and figure 11 shows a photograph of some of the models 
which have already been tested. The rotorcraft program is discussed in more 
detail in reference 9. 
Projected programs for the Langley 6- by 28-inch transonic tunnel include 
the development of high-speed general aviation airfoils and dynamic stall 
research. The facility will be updated in the near future with the addition 
of a sidewall boundary-layer suction system incorporated in the model turn- 
tables. The projected programs also i.nclude plans to provide an oscillating 
airfoil system. This system will enhance the dynamic stall research effort 
in addition to providing for oscillating airfoil studies. 
Langley 0.3-met2r Transonic Cryogenic Tunnel 
Langley's newest two-dimensional research facility is the 20,- by 60-cm 
test section of the Langley 0.3-meter transonic cryogenic tunnel (TCT). A 
more complete description of the basic 0.3-meter TCT is presented in 
reference 10. The Reynolds number - Mach number envelope for the two- 
dimensional test section is presented in figure 12, and a photograph of the 
facility in figure 13. As indicated on figure 13, the test section is located 
in the top leg and the flow is clockwise. The tunnel is a fan-driven, 
continuous-flow tunnel which utilizes the cryogenic pressure tunnel concept. 
The test medium is gaseous nitrogen which provides a temperature range varying 
from about 77 K (-320° F) to about 327 K (130° F ) .  The photograph indicates 
5 
; the nitrogen injection station and the exhaust stacks. The cryogenic 
i 
I temperature capability provides a multiple increase in Reynolds number of 
i about six over that at ambient temperature. The reduced temperature capability, 
4 combined with the 5-atm capability, results in a very high Reynolds number at 
relatively low model loading. For example, to achieve this Reynolds number in 
a conventional pressure tunnel of the same si?e would require a stagnation 
pressure of about 30 atm. The operatin envelope shown in figure 12 indicates t that a Reynolds number of about 50 x 10 can be obtained at a Mach number of 
about 0.85. The tunnel with its unique pressure and temperature capability 
provides independent control and assessment of Mach number, Reynolds number, 
and aeroelastic effects: An example of this attractive capability is shown in 
figure 14. This figure represents a dynamic pressure - Reynolds number envelope 
for a 15-cm (6-in.) chord model at a Mach number of 0.80. The conditions which 
define the outer boundaries of this envelope are the horizontal pressure lines 
and the diagonal temperature cuts. Conventional pressure tunnels operate 
along the ambient temperature line, and increases in Reynolds numbar are 
accompiished by increasing the stagnation pressure. This obviously results in 
large increases in dynamic pressure q and inodel loading. The addition of 
the temperature paraaeter expands the envelope, and a large range of either pure 
Reynolds number stuaies (horizontal cuts) or pure aeroelastic studies (vertical 
cuts) can be accomplished with just one model. For example, at a stagnation 
pressure Pt of 5 atm, a pure Reynolds study could be made at Reynolds numbers 
from about 8 to 50 x lo6. The ability to conduct pure aeroelastic studies 
or maintain a constant shape over a wide Reynolds number range may become 
extremely important in the assessment of airfoils having 'hin, hi8hly cambered 
trailing edges. As shown in figure 15, the tunnel features removable model 
modules. In this photograph, the plenum lid and test-section ceiling have been 
removed and the module is in the raised position. The photograph in figure 16 
is a top view looking down into the test section with the model module 
installed in the test position. This removable feature and the duplicate module 
assemblies will allow for the complete preparation of a model during the test 
of another uodel. The cryogenic tunnel incorporates computer-driven angle- 
of-attack and momentum-rake systems. The momentum rake (shown in the photograph 
in fig. 16) is programned to traverse automatically through the wake, to 
determine the boundaries of the wake, and then to step through the wake at a 
prescribed rate and number of steps. 
The Langley 0.3-meter transonic cryogenic tunnel is currently being 
utilized to extend cryogenic wind-tunnel technology and to develop a unique 
airfoil research capability. Studies are being conducted to develop cryogenic 
test techniques, define minimum operating temperatures, and support the 
development of the National Transonic Facility. Progress is being made toward 
the development of an airfoil research capability. Shakedown and calibrations 
are nearing completion, preliminary blockage teets have been conducted, and 
an NACA 0012 correlation model has been tested through the entire operating 
envelope. An assessment of the slotted walls and sidewall boundary-layer 
effects is in progress. In addition, work is being conducted to develop a 
preliminary sidewall boundary-layer control system. 
Some of the plans which are projected for the new cryogenic facility are 
briefly described. The new classes of airfoils illustrated in figure 17, such 
as t h e  s u p e r c r i t i c a l ,  peaky, and t h e  new t h i c k  spanloader  concepts w i l l  be 
assessed  up t o  Reynolds numbers cf 50 x 106. The unique t e s t  envelope w i l l  
be used t o  e v a l u a t e  h igh ly  cambered f i g h t e r  a i r f o i l  concepte. Fac to rs  which 
a f f e c t  Reynolds number s e n s i t i v i t y  w i l l  be assessed  and documented. The 
high Reynolds number experimental  r e s u l t s  w i l l  be used t o  e v a l u a t e  and c o n t r i b u t e  
t o  t r a n s o n i c  viscous  f low t h e o r i e s  and t o  provide guidance i n  t h e  u t i l i z a t i o n  
of convent ional  a i r f o i l  f a c i l i t i e s .  P lans  a r e  now being made t o  provide t h e  
tunne l  wi th  an advanced da ta -acqu is i t ion  and tunnel-control  system and a s tudy  
is c u r r e n t l y  underway t o  update t h e  cur renc  s i d e w a l l  boundary-layer c o n t r o l  
system. 
CONCLUDING REMARKS 
It was mentioned p rev ious ly  t h a t  i n  o r d e r  t o  provide an exac t  two- 
dimensional t e s t  c a p a b i l i t y ,  i t  was e s s e n t i a l  t o  c o n t r o l  t h e  unna tura l  tunnel-  
w a l l  boundary e f f e c t s  and model-wall boundary-layer i n t e r a c t i o n s  a s  w e l l  a s  
test a t  t h e  c o r r e c t  Mach and Reynolds numbers. Throughout t h i s  paper i t  w a s  
ind ica ted  t h a t  t h e  w a l l  problems a r e  being addressed i n  a l l  of t h e  Langley 
f a c i l i t i e s .  Progress  is being made, but  t h e  a l1 .evia t ion of t h e  v a r i o u s  tunne l  
w a l l  problems, p a r t i c u l a r l y  those  a t  h igh Mach number and high l i f t  c o e f f i c i e n t s ,  
w i l l  r e q u i r e  a cons iderab le  amount of resea rch  and tunnel  refinements.  
With regard t o  t h e  Mach number and Reynolds number test c a p a b i l i t y ,  f i g u r e  
18 summarizes Langley Research Cente r ' s  c u r r e n t  c a p a b i l i t i e s .  This  summary 
c h a r t  r e p r e s e n t s  t h e  f l i g h t  Reynolds number des ign cond i t ions  f o r  s e v e r a l  
c l a s s e s  of a i r c r a f , t .  I n  a d d i t i o n ,  i t  i l l u s t r a t e s  Lhe t e s t  c a p a b i l i t i e s  of t h e  
Langley f a c i l i t i e s .  The g e n e r a l  a v i a t i o n  des ign envelope, shown i n  t h e  low 
Mach number, low Reynolds number corner  of t h e  f i g u r e ,  has  no t  changed 
d r a s t i c a l l y  over t h e  p a s t  s e v e r a l  decades. The t ranspor t -cargo a i r c r a f t  des ign  
t rend,  however, has  changed dramat ica l ly ,  and t h e  l a r g e  t ranspor t -cargo 
types,  such a s  t h e  B-747 and C-5, tend t o  e s t a b l i s h  the  upper requirement f o r  
two-dimensional des ign  cons idera t ions .  The a t t a c k  h e l i c o p t e r  des ign po in t  
r e p r e s e n t s  a t y p i c a l ,  h igher  Mach number des ign requirement.  I t  w i l l  be noted 
from t h e  f i g u r e  t h a t  t h e  Langley low-turbulence p ressure  tunne l  s t i l l  very 
adequately covers the  genera l  a v i a t i o n  requirements and t h a t  t h e  Langley 
6- by 28-inch tunne l  f u l f i l l s  t h e  high Mach number h e l i c o p t e r  requirement. 
The a d d i t i o n  of t h e  Langley 0.3-meter t r anson ic  cryogenic tunne l  with i ts  
Reynolds number c a p a b i l i t y  of 50 x 106 w i l l  e l imina te  t h e  l a r g e  gap which 
previously  e x i s t e d  f o r  t h e  l a r g e  t ranspor t -cargo c l a s s  of a i r c r a f t .  It is 
i n t e r e s t i n g  t o  no te  t h a t  upper tunnel  c a p a b i l i t i e s  encompassed by t h e  Langley 
low-turbulence p ressure  tunne l  and Langley 0.3-meter t r a n s o n i c  cryogenic 
tunnel  envelopes a r e  achieved i n  continuous-flow f a c i l i t i e s .  It can be seen 
from t h i s  f i g u r e  t h a t  f o r  Mach number and Reynolds number requirements,  t h e  
Langley a i r f o i l  f a c i l i t i e s  provide the  t e s t  c a p a b i l i t i e s  required t o  
adequately s imula te  t h e  des ign  f l i g h t  cond i t ion  f o r  modern a i r c r a f t  and 
r o t o r c r a f t .  
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Figure 1.- Reynolds number envelope for Langley low-turbulence pressure tunnel. 
Figure 2.- Langley low-turbulence pressure tunnel. 
F i g u r e  3 . -  The 60.96-cm (24- in . )  model i n s t a l l e t i  i n  Langley low- turbulence  
p r e s s u r e  t u n n e l  t e s t  s e c t i o n .  
F igu re  4.- P a s s i v e  l amina r  f low a i r f o i l  f o r  Langley low- turbulence  p r e s s u r e  
tunne  1. 
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Figure 5.- Typical effects of boundary-layer control on lift characteristics. 
Figure 6.- Reynolds number envelope for Langley 6- by 19-inch transonic tunnel. 
Figure 7 . -  Langley 6- by 19-inch transonic tunnel.  
?igure 8 . -  Parametric s l o t t e d  wall study f o r  Langley 6- by 19-inch transonic 
tunnel. 
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Figure 9 . -  Reynolds number envelope for  Langley 6- by 28-inch transonic tunnel. 
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Figure 11.- Rotorcraft airfoil development mcdels tested in Langley 
6- by 28-inch transonic tunnel. 
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Figure 12.- Reynolds number envelope for two-dimensional test section in Langley 
0.3-meter transonic cryogenic tunnel. 
Figure 13.- Two-dimensional test section of Langley 0.3-meter 
transonic cryogenic tunnel. 
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Figure 14.- Reynolds number - dynamic pressure envelope for two-dimensional 
test section in Langley 0.3-~ter transonic cryogenic tunnel at M = 0.80 
and c = 15 cm. 
Figure 15.- Model modules in Langley 0.3-meter transonic cryogenic tunnel. 
Figure 16.- Top view of two-dimensional test section in Langley 0.3-meter 
transonic cryogenic tunnel. 
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Figure 17.- Two-dimensional airfoil research program for Langley 0.3-meter 
transonic cryogenic tunnel. 
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Figure 18.- Langley airfoil test  capability. 
DEVEUlPMENTS I N  AIRFOIL TESTING TECHNIQUES AT 
UNI'VERS ITY OF SOUTHAMPTON * 
Michael J. Goodyer 
Univers i ty  o f  Southampton, Hampshire, England 
SUMMARY 
t The evo lu t ion  i n  Europe o f  t h e  f l e x i b l e  walled test s e c t i o n ,  a s  app l ied  
t o  two dimensional t e s t i n g  a t  low and t r a n s o n i c  speeds,  is t r a c e d  from its 
beginnings a t  NPL, London, i n  t h e  e a r l y  19401s,  and is  shown t o  l e a d  l o g i c a l l y  
t o  t h e  l a t e s t  ve r s ion  now near ing  completion a t  Southampton Univers i ty .  The 
p r i n c i p a l  changes t h a t  have taken p l a c e  a r e  improvements i n  t h e  methods of 
choosing w a l l  contours  such t h a t  they  r a p i d l y  fol low appropr ia te  s t reaml ines ,  
and reduc t ions  i n  t h e  depth  o f  test  sec t ions .  
Most e f f o r t  is  d i r e c t e d  t o  t h e  s imulat ion of an i n f i n i t e  two dimensional 
f l o w f i e l d  around a s i n g l e  i s o l a t e d  a i r f o i l .  Tes t  d a t a  i l l u s t r a t e s  t h e  l a r g e  
reduc t ions  o f  w a l l  i n t e r f e r e n c e  ob ta ined  a s  t h e  w a l l  contours  a r e  moved from 
t h e  s t r a i g h t  t o  st.reamlines i n  an i n f i n i t e l y  deep f lowf ie ld .  
The l a t e s t  t r a n s o n i c  t e s t  s e c t i o n  p r e s e n t l y  under assembly a t  South- 
ampton is desc r ibed ,  t h e  des ign drawing on t h e  accunulated p a s t  experience.  
It has a s  i ts  p r i n c i p a l  new f e a t u r e  t h e  f a c i l i t y  for  t h e  automation o f  wa l l  
s t r eaml in ing  wi th  t h e  a i d  o f  an on- l ine  computer. 
The v e r s a t i l i t y  of t h e  f l e x i b l e  walled t e s t  sciction is emphasised by 
re fe rence  t o  t h e  s imulat ion of a l t e r n a t i v e  flows inc..uding cascade,  s t eady  
p i t c h i n g  i n  an i n f i n i t e  f lowf ie ld ,  and ground e f f e c t  F i n a l l y ,  sources  of 
e r r o r  i n  s t reaml in ing  a r e  i d e n t i f i e d ,  wi th  methods f o r  t h e i r  a l l e v i a t i o n .  
INTRODUCTION 
The no t ion  o f  providing a t e s t  s e c t i o n  wi th  b a l l s  curved i n  t h e  
streamwise d i r e c t i o n  is probably n e a r l y  a s  o l d  a s  wi.nd tunne l  t e s t i n g  i t s e l f .  
The stimulr-.s is t h e  d e s i r e  t o  reduce,  i d e a l l y  t o  e l ~ m i n a t e ,  wa l l  i n t e r f e r e n c e  
wi th  t h e  model such t h a t  it behaves as though i n  an i n f i n i t e  f lowf ie ld .  For 
t h i s  purpose t h e  w a l l s  a r e  requ i red  t o  follow a stlearntube encompassing t h e  
model. Obvious b a r r i e r s  t o  t h e  implementation of she not ion i n  three-  
dimensional t e s t i n g  include t h e  d i f f i c u l t i e s  o f  providing w a l l s  which w i l l  
t ake  double curva tu re ,  and t h e  complication o f  thf: a s s o c i a t e d  jacking system. 
Furthermore, a s  t h e  f lowf ie ld  and hence wal l  c o n t m r s  would be a func t ion  of 
model a t t i t u d e ,  and t h e  flow Mach and Reynolds nl,mbers, changes o f  contour 
would be requ i red  with almost every change o f  t e s t  condi t ion.  
*Most of t h i s  work has  been supported by NASA Grant NSG-7172. 
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The flowfield cannot be calculated w i t h  cer ta in ty ;  otherwise, presumably 
the model rvould not  be under test. Therefore, the  shape of a su i t ab le  enccJ- 
passing streamtube is  not known i n  advance. 
The question would a r i s e  of the  correctness of the wall contours which 
are  imposing boundaries on the streamtube. The question can, i n  pr inc ip le ,  be 
answt~ed by flowfield calculations applied t o  the  wall regions, calculat ions 
which can be made with reasonable confidence i f  the  streamtube l i e s  i n  potent ia l  
flow. However, without the a id  of a computer such calculat ions are  a p rac t i ca l  
impossibility. 
The s i tua t ion  is eased somewhat i n  two-dimensional flow. A t  l e a s t  the 
mechanical design of walls and jacks is re la t ive ly  simple. During World War 
Wo the pressure t o  introduce a f l ex ib le  walled t e s t  section increased w i t h  the 
discovery of severe wall interference e f f e c t s  a t  transonic speeds. NPL i n  
London responded i n  1941 by constructing a transonic two-dimensional t e s t  
section, with two opposite f l ex ib le  walls adjusted manually through jacks 
d is t r ibuted  along t h e i r  lengths. The test sect ion was conventional i n  terms of 
depth and length i n  re la t ion  t o  the  a i r f o i l  chord, and is sketched t o  sca le  
with other  t e s t  sections on Figure 1. The walls were s e t  t o  approximate 
streamline shapes by invoking some trends seen i n  two-dimensional potent ia l  
flows calculated around simple bluff  and l i f t i n g  bodies: the  i n f i n i t e  flow- 
f i e l d  s t reanl ine  and therefore wall contour lay  roughly midway between the 
s t r a igh t  and the conto~!.r giving constant s t a t i c  pressure. The streamlining 
operation established an experimental procedure t h a t  is  followed invariably 
today, namely t h a t  the  contours a re  based on measurements made only a t  the  wall. 
The measurements are  of local  wall posi t ion and s t a t i c  pressure. 
The qual i ty  of the aerodynamic data  taken from a i r f o i l  models i n  t h i s  
tunnel was qui te  sa t i s fac tory ,  but  eventually the  emergence of the  ventilat-ed 
designs of t e s t  section superceded it because they did not require the  slow, 
manual wall se t t ing  procedure. However, i n  moving t o  the venti lated design 
a t  l e a s t  two features of t e s t ing  were worsened: tunnel drive power rose, and 
flow unsteadiness increased. 
There followed a lengthy lapse i n  i n t e r e s t  i n  the use of f lexib le  walls 
fo r  reduced interference a t  low and  rans sonic speeds, but then i n  the  ea r ly  
1970's a t  several d i f f e ren t  research establishments and perhaps responding t o  
d i f fe ren t  s t imuli ,  researchers re-examined t e s t  techniques and postulated new 
solutions. The following sections of t h i s  report  summarise the features of 
the  newer f lexib le  walled tunnels in  Europe, show typica l  t e s t  data obtained 
a t  Southampton, and underline the need and means f o r  automation i c  the 
operation of such tunnels. 
Reference c i t a t ions  a re  denoted he r t in  by superscripts.  
LOW SPEED TEST SECTIONS 
1 The work a t  Southampton sprang from discussions held a t  Langley Research Center i n  1971, where attempts were made t o  ident i fy  reasons fo r  the  magnetic 
suspension and balance syst,em f a i l i n g  t o  s a t i s f y  the needs of mainstream aero- 
F dynamic tes t ing .  Among the  possible solu%ions t o  the  problem were the  
g cryogenic wind tunnel t o  r a i s e  Reynolds number without increase i n  tunnel s i z e ,  1 and therefore without increase i n  the  cos t  and power demands of the  magnetic i 
.I, suspension syetem, and the use of a f l ex ib le  walled test sect ion t o  eliminate 
f the need f o r  venti lat ion with its bulky plenum chamber. 
i 
i Because of the  obvious cost ,  technical r i s k  and complexity of such a 
three-dimensionally defonnable t e s t  sect ion,  it was decided, i n  1972, t o  
proceed with a two-diaensional design. A cosny~ter would allow the rapid 
execution of the  necessary wall-based calculations. A low speed wind tunnel 
was modified by the  incorporation of f l ex ib le  walls with 14 jacks on each wall. 
The tunnel began tests i n  May 1973. This design began a trend towards reduced 
,!pi3 which has since been followed, the  depth:chord r a t i o  being about 1.4 
compared w i t h  about 3.4 i n  the  NPL tunnel. Ihe argument f o r  reduced depth (o r  
increased chord) is based on the  achievement of low interference. In 
subsequent years the  test section was progressively modified as it became 
c l e a r  t h a t  a grea ter  length of streamlined wall was required, a r o  t h a t  
synsetry2 was desirable. The evolution is i l l u s t r a t e d  on Figure 1. The l a t e s t  
versior. of the low speed test section is 1.1 chords deep ( the wing chord used 
is 13.72 cm), has eighteen jacks per  wall,  a t o t a l  length of 9.4 chords, but a 
"streamlinedn length of only about f ive  chords centered about the quarter-chord 
point. The studies para l le l ing  t h i s  work have shown the need f o r  close jack 
spacing near t o  the model i n  order t o  adequately define wall shape. In f ac t ,  
i n  the  l i g h t  of what we now know we would judge the  old NPL tunnel t o  ~ a v e  had 
well chosen jack spacings. The sketches on Figure 1 show i n  most cases the 
point  where the  f l ex ib le  walls a re  anchored t o  the  contractions. 
The wall measurements s f  contour and s t a t i c  pressure are  par t icular ly  
simple, and the subsequent computations should i n  principle be based3 on the 
boundary layer displacement thickness contour. In prac t ice ,  t h i s  requires 
estimates only of the  small changes i n  thickness between model present and 
absent. The estimates can be based on boundary layer  measurements, o r  on 
boundary layer  theory using model-induced wall pressure gradients. The l a t t e r  
has been chosen. However, we f ind t h a t  the changes i n  thickness on the  
f lexib le  walls a re  so small t h a t  whether o r  not  they are  taken i n t o  account 
has no measurable e f f e c t  on the  model i n  low speed test ing.  There seem t o  be 
much more serious e f f e c t s  from the  sidewall boundary layers. 
The s e t t i n g  of the walls t o  streamlines is necessarily i t e r a t i v e ,  with, 
in  our ear ly  experience, several s teps  being required t o  take the walls from 
"straight" t o  "acceptable streamlines". One development i n  technique which 
has taken place i n  recent years, the importance of which must be emphasised, 
is ~ u d d s l  predictive method for  wall adjustment. The adoption of t h i s  method 
has reduced the average number of i t e r a t i o n s  from about eight3 t o  about two4 
fo r  each model a t t i tude ,  There a re  proportional reductions i n  the time fo r  
streamlining, which of course is t i m e  not  avai lable fo r  taking model data. 
The reductions i n  wall interference by streamlining a re  i l l u s t r a t e d  
on Figure 2 which shows the normal force coeff ic ient  CN for  an NACA 0012-64 
a i r f o i l  tes ted  i n  the  l a t e s t  (1976) version of the low speed t e s t  sect ion and 
i n  Langley's LTPT a s  baseline data.  It  is seen t h a t  streamlining the  walls 
l a rge ly  co r r ec t s  t he  da t a  axcept a t  the  highest  angle of a t t ack  inves t iga ted ,  
12 degrees. Some considerable e f f o r t  has  been expended i n  searching f o r  
reason(s1 f o r  t h i s  d i spa r i t y ,  s o  f a r  without pos i t i ve  conclusions. However, 
there  i s  a s t rong indica t ion  t h a t  s idewall  boundary l aye r  e f f e c t s  might be 
responsible s ince  the  addi t ion of small disk-shaped leading edge fences about 
1 cm frorc the sidewalls went some way towards reducing the  e r r o r  i n  force co- 
e f f i c i e n t .  Despite the  res idua l  d i spa r i t y  a t  t h i s  angle of a t t ack ,  with wing 
fences the  streamlining of the  walls  had eliminated 82% of t he  " s t r a i g h t  walls" 
interference.  
I t  should be noted t h a t  da t a  taken i n  any non-automated s e l f  stream- 
l i n i n g  t e s t  sec t ion  is  hard-won because of the slowness of the  s t reamlining 
procedure. The da t a  shown on Figure 2 is  the  most extensive so  f a r  published 
from any s imi l a r  contemporary wind tunnel. 
Besides the  simulation of a s i n g l e  model i n  an i n f i n i t e  f l o v f i e l d ,  t he  
s e l f  streamlining wind tunnel can simulate a va r i e ty  of o ther  f lowfields  
around a s ing le  modei incl.uding3 ground-ef f e c t  and open- j e t  t es t ing .  More 
recent ly* the low speed tunnel has been used f o r  simulating steady p i tch ing  of 
the same NACA a i r f o i l ,  i n  the  manner of the  o l d  Dynamic S t a b i l i t y  tunnel a t  
Langley. The photograph on Figure 3 shows the  walls curved around an a r c  
chosen t o  give negative r a t e s  of pi tch.  Note t h a t  i n  these t e s t s  the a i r f o i l  
is mounted inverted. The curvature introduces a r a t e  of p i t c h  q of t he  a i r f o i l  
which depends on the radius of curvature and airspeed v. There is  a s  y e t  no 
r a t iona l  method ava i lab le  f o r  streamlining with a curved a x i s ,  therefore ,  i n  
these t e s t s  the walls  were deformed £ran a rc s  by the same amount t h a t  they had 
been deformed i n  streamlining from t h t  s t r a i g h t  i n  e a r l i e r  non-pitching t e s t s .  
The streamlining can therefore  h a w  been only approximate, bu t  desp i te  t h i s  
the r e s u l t m t  da ta  is  encouraging. This is shown on Figure 4 a s  ACN the  change 
of norm31 force coe f f i c i en t  due t o  p i tch ing ,  and ACM the  change of p i tch ing  
moment about the leading edge due t o  pi tchin$,  each a s  functions of the  r a t i o  
of r a t e  p i t c h  t o  airspeed q/v. The ACN t e s t  da ta  compares well  with t h in  a i r -  
f o i l  t!?@ory. 
F ina l ly ,  i n  connection with low speed t e s t i n g  menLon should be made of 
the p o s s i b i i l t y  of siinulating cascade flows around o.le (or  mcre) a i r f o i l s  by 
imposing appropriate flow boundaries with f l e x i b l e  walls. A streamlining 
c r i t e r i o n  has been l a i d  down3 and the  t e s t  sec t ion  b u i l t  f o r  a s ing le  a i r f o i l  
i s  shown on Figure 1. Current e f f o r t  is aimed a t  demonstrating the  achievement 
of cascade flow, and a t  adapting the predic t ive  method fo r  rapid wall stream- 
l in ing .  This work w i l l  be reported separately by Wolf. 
TRANSONIC TEST SECTIONS 
I n  p a r a l l e l  with the low speed work a t  Southampton, Cheval l ier  a t  ONERA 
constructed a t ransonic t e s t  sect jon5 of s imi l a r  s i z e ,  again with nanually 
adjusted jacks. The proportions of the t e s t  sec t ion  a re  conventional, bu t  the 
number of jacks and t h e i r  spacing we now bel ieve t o  be ra ther  inadequate fo r  
the sa t i s f ac to ry  de f in i t i on  of wall shape i n  the presencc of an a i r f o i l  model 
* This work follqwed a suggestion by M r .  J. Pike of R.A.E. Farnborough 
much Larger than t h a t  shown and used. The t e s t  sec t ion  has been used t o  
demonstrate adequate streamlining of t he  wall  a t  t ransonic speeds using the  
modern type of streamlining c r i t e r i a .  
Last ly  on Figure 1 is  sketched the  t ransonic  t e s t  sec t ion  which has been 
manufactured f o r  an ex i s t i ng  induced flow atmospheric tunnel a t  Southampton. 
The t e s t  sec t ion  has motorised jacks and provision f o r  t he  rapid scanning of  
wall   pressure!^ and pos i t ion  transducers a t  each jack. The t e s t  sec t ion  is 
intended f o r  coupling t o  a PDP 11-3 4 computer f o r  online streamlining2, 
followed by the onl ine acquis i t ion  of model data.  The development program w i l l  
include a i r f o i l  t e s t i n g  with comprehensive sidewall  and wake instrumentation, 
followed by some t e s t i n g  of wing-body combinations with the  aim of evolving 
streamlining methods which may a l l e v i a t e  wall  in te r fe rence  i n  three  dimensional 
flow. I t  is  a l s o  planned t o  inves t iga te  the p o s s i b i l i t y  of a t tenuat ing  
r e f l ec t ed  shocks, t o  allow t e s t i n g  a t  high t ransonic  speeds. The tunnel w i l l  
begin running i n  mid 1978. 
SOURCES OF ERROR 
Leuy ti1 t runcat ion 
The t e s t  sect ion can.only reproduce a l i~ i . i+ed  length of co r r ec t ly  
contoured streamtube. The e f f e c t s  of t runcat ion can be assessed a s  a 
correc.tion t o  model data2.  The correct ion is  minimised by placing the model 
nrid way along the t e s t  sec t ion ,  and reduces with increase i n  the  streamlined 
length of t e s t  sec t ion .  
Boundary l aye r s  on f l ex ib l e  wal ls  
The small e f f e c t  of var ia t ion  i n  displacement thickness has already been 
noted. A t  trarrsonic speeds there  could be a shock/boundary-layer in te rac t ion  
from the wing shock. 
Sidewall boundary l aye r s  
The e f f e c t s  of unexpected o r  uncontrollable behaviour of these  boundary 
layers  c.ul be profound. The prcblem i s  common t o  al?. two-dimensional t e s t i n g  
and must be addressed i f  r e l i a b l e  da t a  is t o  be obtained a t  a l l  angles of 
a t tack .  
Differences between the e l a s t i c  s t ruc tu re  and streamline 
The f l ex ib l c  wal l  can only be constrained t o  pass through streamlines 
a t  d i sc re t e  poin ts  coinciding with the jacks, Between jacks the  .<a l l  departs  
from the streamline. 'i'he e f f e c t  i s  minimised by c lose ly  spacing the  jacks 
where the streamline curvature i s  s t ronges t ,  t h a t  i s  adjacent t o  the model. A 
method f o r  assessing the  magnitude of the r e su l t an t  wall e r r o r s  has been 
developed by 
Centreline Curvature 
firere seems t o  be the poss ib i l i ty  of building i n t o  the  t e s t  sect ion 
some centrel ine curvature, when the tunnel i s  being s e t  f o r  "s t ra ight"  walls 
with the  t e s t  section empty, the  curvature a r i s ing  from the  f i n i t e  resolut ion 
of neasuring instruments. The curvature w i l l  i n  turn induce flow e r ro r s  a t  
the  position of the  model. Assessments have been made of the required 
resolving power of the  wall instrumentation .2 
Wall pull-up 
The unanchored end of the t e s t  section wall moves axia l ly  a s  curvature 
is b u i l t  i n to  the wall. Since wall geometry is known, simple corrections have 
been b u i l t  i n t o  the data reduction software. 
Imaginary flowfield calculat ions 
This places on record the recognition of these computations a s  a 
possible source of er ror .  The tunnel users are continually reviewing 
computational techniques t o  balance resolution with computing speed. An 
extensive se r i e s  of computations has indicated t h a t  with one algorithm fo r  the 
imaqinary flowfields, reproduction of wall displacement i n  the  algorithm 
accurate t o  about 0.03 mm i s  qui te  adequate. 
CONCLUDING REMAWS 
The combined European experience with wind tunnels with f l ex ib le  walls 
leads t o  the conclusion t h a t  interference can be reduced and jn many cases 
eliminated. Also, the tunnel appears t o  be useful ly ve r sa t i l e  i n  the flowfield 
types which can be produced. A predict ive method fo r  wall contouring has been 
successfully developed. 
Once the newest transonic t e s t  section is  comnissioned i n  i ts automated 
form, we can expect t o  see not only further  developments i n  streamlining 
techniques, but  a lso  the r e su l t s  of attempts t o  extend upwards the useful Mach 
number range of t h i s  type of t e s t  sect ion,  and attempts t o  a l l ev ia te  in te r -  
ferences i n  three dimensional test ing.  
One f ina l  point which should be re-aemphasised is the probable 
suscept ib i l i ty  of model behaviour t o  sidewall boundary layer  e f fec t s  when the 
sidewalls are not provided with appropriate treatment. 
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A NEW AIRFOIL RESEARCH CAPABILITY 
Charles L. Ladson 
NASA Langley Research Center 
SUMMARY 
The design and construction of a self streamlining wall test section for 
the Langley 0.3-meter transonic cryogenic tunnel has been included in the 
fiscal year 1978 construction of facilities budget for Langley Research Center. 
The design is based on the research being carried out by M. J. Goodyer at the 
U~iversity of Southampton, Southampton, England, and is supported by Langley 
Research Center. This paper presents a brief description of the project. 
Included are some of the design considerations, anticipated operational 
envelope, and sketches showing the detail design concepts. Some details of 
the proposed operational mode, safety aspects, and preliminary schedxle are 
presented. 
In late 1974, a decision was made at Langley Research Center to support 
adaptive wall wind-tunnel research. This was accomplished by grants to the 
University of Southampton to support the work of M. J. Goodyer on the self 
streamlining wall concept (refs. 1 to 5), a grant to support the work of A. 
Ferri, and a request for funds for constructing a self streamlining test 
section for the Langley 0.3-meter transonic cryogenic tunnel to be based upon 
the design technology developed during the University of Southampton research 
program. 
SYMBOLS 
c model chord 
h tunnel height 
Rc Reynolds number based on model chord 
x longitudinal distance 
y vertical distancti 
DISCUSSION 
The Turpose of the new test section, in addition to providii~g airfoil test 
capability essentially frec from floor and ceiling Lnterfereace effects, is to 
increase the Reyno2.d~ number capability in the facility. This  paper deals only 
with the design features and capabilities for the new test section and the 
reader is referred to references 1 to 5 for details of the concept. The 
proposed test section shown in fisure 1 would have a 33-cm square test section 
and would be interchangeable with the two existing test sections for this 
facility. The new test section would make use of as much of the existing 
equipment as possible but would include a new minicomputer for the wall shape 
control. 
Because the new test section must be compatible with the existing tunnel, 
its flow area must be about the same but the height and width could be differ- 
ent. AS shown in figure 2, if the model chord is held equal to its span so 
that sidewall effects would be similar for all cases, an increase in chord 
Reynolds number can be achieved by reducing the tunnel height-width ratio. By 
making the tunnel height-width ratio equal to one as compared with the 
conventional two-dimensional tunnel ratio of four, an increase in Reynolds 
number by a factor of two can be achieved due to the incressed chord allowed 
while maintaining the chord-span ratio. Althcugh the blockage for this case 
is greater, the streamlined walls can still correct for it, as evidenced 
by the University of Southampton experience. The capability of the facility 
in terms of Mach number and Reynolds number is shown in figure 3 for the 
assumed chord-to-height ratio of 1.0. 
The lower portion of this figure, which shows the existing Larigley 
facilities and the current requireme--'s of various types of aircraft, has been 
presented in reference 6. The currently envisioned region for advanced large 
cargo aircraft has been added. The point to be noted here is that the trend 
in requirements for transport aircraft is extendod into the chord Reynolds 
number range of about 80 x 106 for advanced large cargo aircraft such as the 
spanloader concept. The envelope for the 33- by 33-cm test section of the 
Langley 0.3-meter transonic cryogenic tmnel is seen to adequately cover this 
requirement from the Mach number and Reynolds number viewpoints. 
To illustrate the wall contouring capability, a typical streamlined wall 
shape is plotted in figure 4 for an NACA 0012-64 airfoil at a Mach number of 
0.3 and angle of attack of 12*, or a lift coefficient of 2bout 1.5. This is a 
potential flow solution and does not include any viscous effects. The case is 
for model chord c equal to tunnel height h and the two streamlines begin 
at 2 y/h = 0.5. The flexible walls are fixed at x/h = 0 and ends at x/h = 4.5. 
The quarter-chord of the model is located at the midpoint of the flex wall. 
Twenty-one jacks are mounted on each wall, with the downstream three being used 
fcr a fairing into the fixed diffuser. The closc spacing of the jack in the 
region of the model is evident and is necessary to provide as close an 
approximation as possible to the streamline shape. For the case shown, the 
wall deflection from straight is abour two-thirds the maximum design value. 
It should be pointed out that therc vill bc? limitations to this test section 
with respect to the maximum lift coefficient which can be tested as well as a 
Mach number limitatiorl due to shock reflections and sonic velocities reaching 
the wall boundary. Sidewall boundary layer will be removed by the same 
- mechanfsm as will be used for the existing 20- by 60-cm two-dimensional test 
sect ion. 
A generalized operational schematic is shown in figure 5 .  A typical. sec- 
tion of the flex wall to which a position transducer, pressure tap, and jack 
are attached is shown on the lower portion of the figure along with the main 
computer on the upper portion. The main computer, through appropriate 
software programs, uses the measured pressures to compute the internal flow 
velocities, the position transducer to compute the external flow velocities, 
and sends drive pulses to the motor driven jacks to change wall shape if 
necessary. A scanivalve system will initially be used to scan the wall 
pressure although the system can be expanded to accommodate an individual 
transducer for each wall orifice. A microprocessor based safety system is 
used as a backup to the main computer to prevent the flexible walls from being 
overstressed, thus protecting them fro: permanent damage. 
Two view drawings of the proposed test section :.re presented in figures 
6 and 7. From the end view (fig. 6) the tunnel flex walls and side walls are 
seen to be enclosed inside a plenum chamber which is the pressure vessel. The 
vertical sidewalls are solid and of one piece construction. The flexible top 
and bottom walls are attached through a thin, flexible membrane to two push 
rods whish are connected to a crosshead. The crosshead is actuated by a motor- 
driven lead screw. The motors are staggered in vertical and lateral position 
in order to achieve the close spacing of the push rods which was desired. 
Both top and bottom wall actuating systems are the same. The angle of attack 
and traversing wake-survey-probe drive mechanisms are also located on the top 
of the test section. The model turntable is rotated by means of two push rods 
passing through the pressure vessel while the cantilevered survey probe is 
driven by a single push rod. All of the drive mechanisms and instrumentation 
are located outside of the tunnel pressure shell so as to be in an ambient 
temperature environment. The side view (fig. 7) S~~OWS the larger center door 
for model access as well as ports for instrumentation leads and boundary- 
layer removal flow ducts. 
PROPOSED MILESTONE SCHEDULE 
At present, the procurement package is being readied for aduertis~ment. 
If acceptable bids are received, the contract could be awarded by late 1978 
with about a 1-yr delivery time. The system is to be bench mounted for 
initial checlcout of operation, which would extend to the end of 1979. The 
test section could then be mated with an existing low-speed compressor, 
belln'outh, and diffuser to provide some low-speed ambient temperature and 
pressure operational experience before committing it to installation in the> 
Langley 0.3-meter transonic cryogenic tunnel circuit. 
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Figure 1.- Interchangeable test-section capability in the Langley 0.3-meter 
transonic cryogenic tunnel. 
FLOW AREA CONSTANT 
MODEL CHORD EQUAL 
TO S P A N  
HEIGHT-  W I D T H  RATIO 
Figure 2.- Reynolds number variation with height-width ratio. 





20 x60crn TCT 
NUMBER 
c - 5  /C 
6 - x 28 - in. 
I 
1.2 
M A C H  NUMBER 
Figure 3.- Langley airfoil test capability. 
/- MAX.  DEFLECTION 
-- --- 
L \-MAX. DEFLECTION 
-1 .0  JACK LOCATIONS 
t t t t t t t t t t t t t f t  t t t  t t 
Figure 4.- Typical streamlined wall shape for an NACA 0012-64 airfoil at 
M =  0.3, cx = 12', and c = h. 
SAFETY 






F igure 5.- Operation schematic. 
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Figure 6. -  End view o f  t e s t  section.  
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Figure 7.-  Side view of test  sect ion.  
DESIGN AND CALIBRATION OF SLOTTED WALLS 
FOR TRANSONIC AIRFOIL WIND TUNNELS 
* 
Richard W. Barnwell,  Wi l l i am G. Sewall, and Joel L. Everhar t  
NASA Langl ey Research Center 
SUMMARY 
The t r a d i t i o n a l  procedure f o r  est imat ing the performance o f  s l o t t e d  w a l l  s 
for  a i r f o i l  wind tunnels  i s  reviewed, and a mod i f i ca t i on  which improves the 
accuracy o f  t h i s  procedure i s  described. Unl i ke the  t r a d i t i o n a l  procedure, 
t he  modif ied procedure ind ica tes  t h a t  t he  design of  a i r f o i l  wind-tunnel wa l l s  
which induce minimal blockage and stream1 ine-curvature e f fec ts  i s  f eas ib l e .  
The design and t e s t i n g  o f  such a s l ~ t t e d  wa l l  i s  described. I t  i s  shown 
exper imenta l ly  t h a t  t he  presence o f  a model can a f f e c t  the plenum pressure 
and thus make the use o f  the  plenum pressure as a c a l i b r a t i o n  re ference 
questionable. F i n a l l y ,  an ONERA experiment which shows t h e  e f f e c t  o f  the  
s idewal l  boundary l a y e r  on the  measured model normal f o r c e  i s  discussed. 
INTRODUCTION 
S lo t t ed  w a l l s  have been used t o  r e d w e  blockage i n  t ransonic  wind tunnels 
fo r  th ree  decades. T r a d i t i o n a l l y ,  the performance o f  these w a l l s  has been 
estimated w i t h  a t h e o r e t i c a l  procedure based on t he  r e s u l t s  o f  Davis and 
Moore ( r e f .  1) ;  Baldwin, Turner, and Knecthel ( r e f .  2 )  ; and Wright ( r e f .  3 ) .  
It i s  genera l l y  known t h a t  t h i s  t r a d i t i o n a l  procedure does n o t  work. 
The ana lys is  of the  ef fects of s l o t t e d  wa l l s  invo lves t h ree  general steps. 
F i r s t ,  a model of the f l ow  i n  the  v i c i n i t y  o f  the  w a l l  must be developed. It 
w i l l  be shown t h a t  t h i s  flow model i s  a f unc t i on  o f  one parameter which depends 
on t he  wa l l  geometry. Next, the  in ter ference f o r  var ious values o f  the  f low-  
model parameter must be determined. F i n a l l y ,  the  flow-model parameter must be 
evaluated f o r  a g iven wa l l  geometry. I n  t he  past, i t  has been assumed genera l l y  
t h a t  the l a s t  s tep  was perfumed c o r r e c t l y  w i t h  the  t h e o r e t i c a l  method of Davis 
and Moore ( r e f .  1 ), and t h d t  the  f a i l u r e  o f  the  t r a d i t i o n a l  procedure was due 
t o  one o r  both o f  the  o ther  steps. Recent work by Barnwell ( r e f .  4 )  ind ica tes  
instead t h a t  the f a i l u r e  of the  t r a d i t i o n a l  procedure i s  due l a r g e l y  t o  the  
manner i n  which the  t h i r d  s tep  has been performed. An a1 te rna te  method f o r  
performing the t h i r d  step, which i s  based on experimental data r a t h e r  than 
theory, i s  presented i n  t h i s  paper. 
I 
Former Graduate Research Scholar Ass is tan t  w i t h  J o i n t  I n s t i t u t e  for  
Advancement o f  F l  i g h t  Sciences, George Washington Un i ve rs i t y  . 
It i s  standard p r a c t i c e  t o  use the  plenum pressure as a reference f o r  
the  c a l i b r a t i o n  of t ransonic  wind tunnels.  The v a l i d i t y  o f  t h i s  approach 
has been demonstrated f o r  three-dimensional t e s t i n g  where the maximum model 
cross-sect ional  area i s  constrained t o  be a f r a c t i o n  o f  1 percent o f  the 
tunnel cross-sect ional  area. However, t h i s  c o n s t r a i n t  i s  no t  met, i n  
general, i n  two-dimensional tunnels  where, instead, maximum model cross- 
sect ional  areas are t y p i c a l l y  from 2 t o  4 percent of the  tunnel cross- 
sect ional  area. I t  should n o t  be too su rp r i s i ng  t h a t  t he  presence o f  such 
a model would in f luence t he  plenum pressure and thereby make i t s  use as a 
re ference pressure unre l iab le .  Experimental r e s u l t s  f o r  a sample case i n  
which t h i s  phenomenon occurred a re  presented. 
Results obtained i n  t he  ONERA RlCh wind tunnel ( r e f .  5) which show t h a t  
the  s idewal l  boundary l a y e r  can have a subs tan t ia l  e f f e c t  on t he  normal force 
measured on the  model a re  discussed. A poss ib le  exp lanat ion for  t h i s  e f fect  
i s  presented. 
SYMBOLS 
a s l o t  spzcing 
'n normal - fo rce  c o e f f i c i e ~ t  
h tunnel semi he igh t  
K s l o t t ed -wa i l  c o e f f i c i e n t  
k f l  ow-model parameter 
M Mach number 
M 
00 free-stream Mach number 
M~~~~~~ Mach number based on plenum pressure 
x coord inate i n  free-stream d i r e c t i o n  
Y coord inate perpendicular t o  free-stream d i r e c t i o n  
a angle of a t t ack  
6 s l o t  w id th  
6 * displacement th ickness 
9 f l o w  angle w i t h  respect t o  free-stream d i r e c t i o n  
maximum value 
ANALYSIS OF SLOTTED WALLS 
Flow Model a t  Ua l l  
The f i r s t  step of the analysis procedure i s  t o  develop a model o f  the 
f low near a s l o t t e d  wal l .  The simplest form o f  t h i s  model, which was devel- 
oped independently by Davis and Moore ( ref .  1) and Baldwin, Turner, and 
Knecthel (ref. 2), among others, i s  the form used i n  t h i s  paper. A more 
complete form i s  given i n  references 4 and 6. 
The f low i n  a s lot ted-wal l  tunnel i s  depicted i n  f i g u r e  1. The tunnel 
has a height  of 2h. The coordinates i n  the free-stream and v e r t i c a l  d i rec-  
t ions  are x and y, respect ive ly .  Th.e angle which a streamline makes w i t h  
respect t o  the free-stream d i r e c t i o n  i s  8. Long i tud ina l l y  s l o t t e d  wa l ls  
are located between the tunnel and the plenum. k cross sect ion of these 
wal ls  i s  shown on the r ight-hand s ide  of f i g u r e  1. The s l o t  width i s  6 
and the s l o t  spacing i s  a. 
The f low made1 for s l o t t e d  wa l ls  i s  obtained from the ideal  s l o t  
condit ion, which states t h a t  the s t a t i c  pressure a t  the s l o t  i s  equal t o  
the plenum pressure. The boundary condi t ion which resu l t s  i s  
where C P ¶ W  and Ow are the pressure coe f f i c i en t  and flow angle i n  the 
tunnel near the wal l ,  and k i s  the flow-model parameter. This patameter 
i s  a funct ion of tunnel geometry. 
Interference Effects 
The next step of the analysis procedure i s  t o  determine the interference 
ef fects for various values of the flow-model parameter k. Baldwin, Turner, 
and Knecthel (ref.  2) and Wright ( ref .  3) determined these effects for  t w q -  
dimensional flow theo re t i ca l l y  using the boundary condi t i o n  given i n  equa- 
t i o n  (1) .  A comprehensive treatment of wa l l  i n t e r f e r e m e  effects i s  given 
by Pindzola and Lo' ( re f ,  7 ) .  
The downwash and blockage interference along the center l i n e  of two- 
dimensional s lot ted-wal l  wind tunnels i s  presented i n  f i g u r e  2. I t  should 
be noted t h a t  the downwash interference i s  the e f fec t  o f  the wal l  on the 
ve loc i t y  component perpendicular t o  the free-stream d i rec t ion ,  and the 
blockage inter ference i s  the e f f e c t  o f  the  wa l l  on the ve loc i t y  component i n  
the *iree-stream direct. ion. The distance x has been made nondimensional 
w i t h  the quant i ty  $h. The model depicted i n  f i g u r e  2 i s  scaled f o r  a 
tunnel-height-model-chord ra t - io  o f  4, which i s  a t yp i ca l  value f o r  twa- 
dimensional transonic test ing, and a free-stream Mach number o f  0.85. 
Consider the downwash e f f e c t  f i r s t .  It can be seen t h a t  t h i s  e f fec t  
decreases from f r o n t  t o  rear  on a model i n  a clcsed tunnel ( k  = .o) and 
increases from f r o n t  t o  re?? on a model i n  ati open tunnel (k  = 0). I n  both 
cases, the va r fa t i on  o f  downwash along the  model i s  substant ' l l  f o r  the case 
depicted i n  the f igure.  I t  can a lso  be seen that ,  i f  the flow-model parameter 
k has a value o f  aLout 1 .E, the downwash e f f e c t  i s  almost constant along the 
model and f o r  rdr~;e distance ahead o f  and behind it. I f  t h i s  value o f  the 
flow-model par2meter ccl11d be obtained, the streaml ine-curvature e f fec t  
would be negl { g i  b l  e, and a constant-downdash cor rec t ion  would su f f i ce .  
Now consider tb,e blockage e f fec t .  Note t h a t  t h i s  e f f e c t  i s  symnetric 
about the model 1c;ation f o r  s l o t t e d  wal ls.  (This i s  no t  the case fo r  porous 
wal ls .  ) It can DC seen t h a t  the blockage e f f e c t  near the  model i s  pos i t i ve  
for  a closed tunnel ( k  = =) and negat ivs f o r  an open tunnel ( k  = 0). This 
observation indicates t h a t  t h i s  e f f e c t  causes the f low t o  speed up as i t  
passes a model i n  a closed tunnel and slow down as i t  passes a model i n  an 
open tunnel. It can also t e  seen tha t ,  i f  the flow-model parameter k has 
a value o f  about 1.2, the blockage e f fec t  a t  the o r i g i n  i s  zero. I n  addi t ion,  
i t  can be observed tha: the average blockage effect along the model w i l l  be 
zero i f  the value o f  k i s  s l i g h t l y  l a rge r  than 1.2. I t  i s  concluded t h a t  
both streaml ine-curvature and blockage e f fec ts  can be ninimized e f f e c t i v e l y  
i f  the fl ow-model parameter has a val ue of about 1 .5. 
Flow-Mode? Parameter 
The l a s t  step n f  the analysis procedure i s  t o  evaluate the flow-model 
parameter k f o r  a p a r t i c u l a r  wal l  geometry. This paraineter i s  usual ly  
w r i t t e n  i n  the f o m  
where K i s  the s lot ted-wal l  coe f f i c i en t .  A theore t ica l  so lu t i on  f o r  the 
coe f f i c i en t  K was obtained independently by Davis and Moore ( r e f .  1);  
Baldwin, Turner, and Knecthel ( r e f .  2); and others. This so lut ion,  which i s  
depicted i n  f i g u r e  3, i s  f o r  f l a t  wa l ls  w i t h  sharp-edged s lo t s .  A d i f f e r e n t  
theore t ica l  so lu t ion  was developed by Chen and Mears ( r e f .  8).  Sarnwell 
[ r e f .  9) corrected an e r ro r  i n  the s o l u t i c n  of  Chen and Mears and showed 
tha t  the corrected solut ion, which i s  shown i n  f i g u r e  3, d i f f e r s  from tha t  
o f  Davis and Moore because t he  wal l  associated w i t h  the cwrec ted  so lu t i on  
o f  Chen and Mears i s  curved and has rounded s l o t  edges. I t  should be noted 
t h a t  both o f  the solut ions depicted i n  f i g u r e  3 are f ~ n c t i o n s  o f  the 
tunnel-wall openness r a t i o  &/a ' acd are independent o f  the slot-spacing- ,----+ 
tunnel -semi height  r a t i o  a/h. 
O n l j  three experimentally determined val&s for the s lo t ted-wa l l  
coef f i c ien t  K ( re fs .  8, 10, and 11) are known to  have been published 2 .-- .- - 
p r i o r  t o  t h i s  conference. These valdes are depicted w i t h  s o l i d  symbols 
i n  f i g u r e  3. A four th experimental value can be in ferred from the un- 
published resu l ts  o f  J. Osbornel . A l l  four of these experiments were per- 
formed w i t h  symmetrical , nonl i f t i r l g  models. However, the Mach numbers and 
Reynolds numbers d i f f e r  considerably, 
* 
It can be observed from f i g u r e  3 t h a t  the experimentG data are  s e l f -  
consistent, and tha t  nei ther  of the theor ies agrees w i t h  the data. I n  fact, 
the values obtained from the most widely used theory, t h a t  of Davis and 
Moore, are cons is ten t ly  about one-fourth as la rge  as the corresponding 
experimental val ues. I n  t h i s  paper, values for the s lot ted-wal l  coef f ic ient  
K are obtained from the experimental data ra ther  than from theory. 
It should be noted t h a t  Everhart and Barnwell ( ref .  6)  have conducted 
a parametric study which has substant ia l  l y  increased the experimental data 
for the coef f ic ient  K. These data have the same type of dependence on the 
openness r a t i o  6/a shown i n  f i gu re  3. However, thp new data also i nd i ca te  
a dependence on the slot-spacing- tunnel -semi heigh t r a t i o  a/h. 
LOW-INTERFERENCE OES I C N  
The procedure described i n  the previous sect ion has been used t o  design 
a low-interference wal l  for the Langley 6- by 2e-inch transonic wind tunnel. 
The data for the coef f i c ien t  K shown i n  f igure 3 ra ther  than t h x ?  presented 
i n  reference 6 were used i n  the desf gn because the experiment described i n  
reference 6 nad not  been performed then. 
I n  the discussion of f igure 2, i t  was concluded tha t  the flow-model 
parameter k i o r  a minimum-interference tunnel has a value o f  about 1.5. 
The designer must choose the number of s l o t s  the wal l  w i l l  have. Once t h i s  
choice i s  made, the value of the s lo t ted-wa l l  c o e f f i c i e n t  K can be obtained 
from equatioc (Z), and the value of the wa i l  opcnness r a t i o  6/a can be 
obtained then from f igure 3. Results fo r  one, two, and four s lo t s  a re  given 
i n  the table below. On the basis of these resul ts ,  the design invo lv ing  one 
-. - - 
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s l o t  was chosen. This choice was based on a desi re t o  keep the crossflow i n  
the s l o t  from becoming sonic and choking as a resu l t .  Since the crossflow 
i n  the s l o t  var ies inversely  w i t h  the openness r a t i o  (see ref. 4), i t  i s  
desi rable t o  keep the  openness r a t i o  r e l a t i v e l y  large. 
It should be noted t h ~ t  a minimun-interference tunnel would n o t  be 
feasib le i f  the theory o f  Davis and Moore were co r rec t  because t h a t  theory 
ind icates t h a t  the  s l o t  openness r a t i o  would have t o  be much less than 0.01 
even for  a one-slot conf igurat ion.  This small an openness r a t i o  would 
d e f i n i t e l y  e x h i b i t  the choked-crossflow behavior discussed above. 
In f i g u r e  4, the r e s u l t s  o f  theory and experiment f o r  the wall- induced 
downwash i n  the Langley 6- by 28-inch transonic tunnel are compared. The 
r e s u l t s  f o r  the new wa l l  and the previous wa l l  ( re f .  12) are depicted w i t h  
a square and a c i r c l e ,  respect ive ly .  The experimental values were determined 
from comparisons o f  l i f t  curves obtained i n  the 6- by 28-irrch transonic 
tunnel and the Langl ey low-turbulence pressure tunnel . The l a t t e r  tunnel 
i s  closed and hence should have no l i f t  inter ference due t o  the top  and 
bottom wal ls  except t h a t  caused by streamline curvature. The closed-tunnel 
data were corrected f o r  stream1 ine-curvature e f fec ts  w i t h  the  method of 
A l l en  and Vincent i  ( ref .  13). 
WIND-TUNNEL CALIBRATION 
I n  general, e i t h e r  the plenum pressure o r  an upstream pressure i s  used 
as a reference f o r  the c a l i b r a t i o n  of transonic wind tunnels. Results are 
presented i n  f i g u r e  5 which show t h a t  the presence o f  a model can inf luence 
the plenum pressure and thus make i t s  use as a reference pressure unre l iab le.  
The data presented i n  the f igure were obtained by Everhart and Barnwell 
dur ing the course o f  the experiment described i n  reference 6. The data 
shown are the Mach number based on plenum pressure MpLENUM and the Mach 
number d i s t r i b u t i o n  along an o r i f i c e  row on the tunnel sidewal l  near the 
top wal l .  This o r i f i c e  row i s  one o f  those depicted schematically i n  
f i g u r e  2 of reference 6. 
Results are presented for  two Mach numbers based on plenum pressure 
both w i t h  and wi thout  the model i n  the tunnel. It can be seen t h a t  fo r  
MpLENUM = 0.9, the presence of the model causes MpLENUM t o  increase 
r e l a t i v e  t o  the upstream Mach number i n  the tunnel by approximately 0.03. 
For MpLENUM = 0.7, the incremental increase i n  MpLENUM due t o  model 
presence i s  reduced t o  about 0.01. Apparently, the plenum pressure i s  
inf luenced by the f low ~hrough the s l o t ,  and t h i s  f low i s  inf luenced by the 
presence of the model. A t  transonic speeds the inf luence of the model i s  
stronger a t  the wal l  and the effect on the plenum pressure i s  greater.  I t  
i s  concluded that,  for t h i s  tunnel conf igurat ion a t  leas t ,  the pressure a t  
an upstream o r i f i c e  should be used as a cal i b r a t i o n  reference pressure. 
SIDEWALL BOUNDARY -LAYER EFFECT 
There are very few experiments which show quant i ta t ive ly  the effect of 
the sidewall boundary layer on the flow i n  the tunnel. One such experiment 
has been performed i n  the ONERA RlCh wind tunnel ( re f .  5), which i s  shown 
schematically i n  f igure 6. Although t h i s  tunnel has porous top and bottom 
wal l  s and a trailsonic capabi 1 i t y  , the experiment described here was performed 
w i th  Ma z 0.3 and sol f d  top and bottom walls. The tunnel i s  equipped w i t h  
porous sidewalls and sidewall plena t o  which suct ion can be applied. 
The experiment consisted of the measurement o f  the normal force on a 
model a t  a f ixed angle of attack f o r  d i f fe ren t  sidewall boundary-layer 
t h i  cknesses. F i r s t ,  the sidewall boundary layer was measured near the 
model s ta t ion  i n  an empty tunnel f o r  various values o f  the sidewall suction 
rate. Then the model was inserted and the chordwise pressure d i s t r i bu t i on  
was measured for the same values of the suct ion rate. The normal-force 
coeff ic ients obtained from these pressure d i s t r i  butions are p lo t ted i n  
terms of the nondimensional tunnel-empty displacement thickness on the 
right-hand side of the figure. As pointed out i n  reference 5, the dependence 
>f the normal-force coef f ic ient  on the displacement thickness i s  l inear .  It 
can be seen that, for t h i s  experiment, the apparent normal-force coef f ic ient  
for zero sidewall displacement i s  about 10 percent greater than the normal- 
force coef f ic ient  f o r  no suction. 
This 1 i f t  reduction may be due t o  the manner i n  which 1 i f t  influences 
the growth of the boundary layer on the sidewall of the tunnel near the 
model. The ef fect  of l i f t  i s  to  increase the flow speed above the model 
and reduce i t  beneath. Above the model the increased f low speed causes the 
sidewall boundary layer t o  t h i n  somewhat so that  the e f fec t ive  cross-sectional 
area above the wing i s  increased s l i gh t l y .  Consequently, the airspeed above 
the model i s  somewhat less than t ha t  f o r  t rue two-dimensional f low so that  the 
pressure an the suction side i s s l i g h t l y  too high. Beneath the model, the 
opposite effects occur so that  the pressure on the compression side i s  a 
l i t t l e  too low. The effect of reducing both the suction above the model 
and the compression beneath the model i s  t o  reduce the l i f t .  
CONCLUDING REMARKS 
A procedure f o r  designing s lo t ted  wal ls  for transonic wf nd tunnels has 
been developed. The measured downwash i n  a two-dimensional tunnel equipped 
wi th  s lo t ted wal ls designed w i th  t h i s  procedure i s  i n  good agreement w i th  
the predicted value. Experimental resu l ts  are presented which show that  the 
plenum pressure i s  influenced by the presence of a model i n  the tunnel. I t  
i s  concluded tha t  the plenum pressure i s  not always a r e l i ab l e  cal  i b ra t ion  
reference pressure. An ONERA experiment which shows the effect of the side- 
wal l  boundary layer on the measured model normal force i s  discussed, and a 
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Figure 1.- Flow in slotted-wall tunnel. 
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Figure 2.- Two-dimensional slotted-wall interference along tunnel center line. 
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Figure 3.- Slotted-wall coefficient. 
WALL-INDUCED DOWNWASH: THEORY AND EXPERIMENT 
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Figure 4.- Comparison of theory and experiment for wall-induced downwash in t lw 
Langley 6- by 28-inch transonic tunnel. 
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Figure 5.- Mach-number distribution on sidewall and Mach number based on plenum 
pressure for experimental configuration of L:3ngley 6- by 19-inch transonic 
tunnel. Two slots; wall openness ratio, 0.05. 
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SUMMARY 
A l a rge  s c a l e  tunnel  spanning wing h a s  been b u i l t  and t e s t e d .  The model 
can be operated a s  e i t h e r  a swept o r  unswept wing and can be t e s t e d  i n  s teady 
s t a t e  o r  o s c i l l a t e d  s i n u s o i d a l l y  i n  p i t c h  about its q u a r t e r  chord. Data is 
taken a t  mid-span with an i n t e r n a l  6-component balance and i s  a l s o  obtained 
from minia ture  p ressure  t r ansducers  d i s t r i b u t e d  near  t h e  c e n t e r  span region.  
This paper p resen t s  a d e s c r i p t i o n  of the  system and a b r i e f  d i s c u s s i o n  of 
some of the  steady and unsteady r e s u l t s  obta ined t o  d a t e .  These a r e  t h e  
s teady load behavior t o  Mach numbers of  approximately I .  1 and unsteady l o a d s ,  
inc luding d rag ,  a t  a reduced frequency of approximately 0.1. 
INTRODUCTION 
It has long been recognized t h a t  c o n v e n t i m a l  two-dimensional aerodynamic 
t e s t i n g  i s  not adequate f o r  h e l i c o p t e r  r o t o r  b lade  a p p l i c a t i o n s .  A t y p i c a l  
s e c t i o n  of the  blade is simultaneously subjected t o  wide v a r i a t i o n s  i n  Mach 
number, skew ang le ,  and incidence ang le ,  and a l l  of these  v a r i a t i o n s  a r e  both 
s p a t i a l  and temporal. It is obvious t h a t  a t r a d i t i o n a l  two-dimensional s teady 
s t a t e  t e s t  program can only s a t i s f y  a few of t h e  quasi-steady needs of the  
des igner ,  and even a s o p h i s t i c a t e d  two-dimensional unsteady t e s t  is severe ly  
l imi ted  t o  incidence angle v a r i a t i o n s  of the  t y p i c a l  s e c t  ion. I n  r ecogn i t  ion 
of t h i s  need f o r  a t e s t  f a c i l i t y  s p e c i f i c a l l y  geared t o  h e l i c o p t e r  a p p l i -  
c a t  ions ,  United Technologies Corporat ion,  through the  combined e f f o r t s  of i t s  
Sikorsky A i r c r a f t  Divis ion and i t s  Research Center  (UTRC), has  developed a 
minimum wal l  i n t e r f e r e n c e  approach t o  obt ailring a i r f o i l  aerodynamic d a t a  i n  
t h e  wind tunnel .  Data a r e  being obta ined f o r  both s teady and unsteady p i t ch -  
ing motions, both i n  obl ique and convent ional  flow, over  a wide range of Mach 
numbers and a t  r e p r e s e n t a t i v e  f u l l  s c a l e  Reynolds numbers, using t h e  same 
a i r f o i l  model and i t s  a s soc ia ted  measurement eystems. The purpose of t h i s  
paper i s  t o  present  a b r i e f  d e s c r i p t i o n  of t h e  f a c i l i t y  and i t s  mode of 
opera t ion  and t o  d iscuas  some of the  r e s u l t s  obtained t o  d a t e .  
SYMBOLS 
Values a r e  g iven i n  both  S I  and U.S. Customary Uni t s .  The measurements 
and c a l c u l a t i o n s  were made i n  U.S. Customary Uni ts .  
cL' CD,  cM l i f t ,  d rag ,  and p i t c h i n g  moment c o e f f i c i e n t  
C ~ '  Cc normal and chord fo rce  c o e f f i c i e n t  
frequency,  c y c l e s / s e c  
reduced frequency 
Mach number 
span r a t i o  
Reynolds number 
v e l o c i t y ,  m/sec 
ins tantaneous  incidence angle 
mean incidence angle 
amplitude of niotion 
wing sweep angle  
r o t o r  advance r a t i o  
r o t o r  azimuth angle 
frequency,  r a d l s e c  
value  taken normal t o  span 
( f r e e  stream value  
FACILITY DESCRIPTION 
The wide range of parameter v a r i a t i o n s  encountered i n  r o t o r  c r a f t  
is indicated by t h e  p l c t s  in  f i g s .  1 and 2 .  I n  f i g .  1 a  t y p i c a l  spanwise 
v a r i a t i o n  of l i f t  c o e f f i c i e n t  as a  func t ion  of Mach number f o r  s e v e r a l  b lade  
a t t i t u d e s  ( inc lud ing  hover )  i s  superimposed on two opera t ing  cond i t ions  of 
concern t o  the  des igner ,  t h e  drag divergence region and t h e  p o t e n t i a l l y  
dangerous cond i t ion  involving severe  s t a l l .  (Note t h a t  the  CL peak r e a r  t h e  
b lade  t i p  in  hover i s  caused by a  t r a i l i n g  vor tex  encounter) .  S i m i l a r l y ,  
t y p i c a l  contours of constant  skew angle  ( s o l i d  l i n e s )  and constant  Mach number 
(dashed l i n e s )  a r e  superimposed cn a  r o t o r  d i s k  i n  f i g .  2. It i s  seen t h a t  
t h e  high load cond i t ions  a r e  genera l ly  t-.ncountered a t  moderate Mach numbers on 
the  r e t r e a t i n g  s i d e  of the  d i s k ,  but  i5?t  a need e x i s t s  f o r  high Mach number 
d a t a  a s  we l l .  F!:rthermore, t h e  ef  focr  ive  b lade  sweep angle i s  ze ro  only a t  
azimuth angles of $ =  900 and 2700 ;r;d is 15O o r  g r e a t e r  over 60 percent  
of the  r o t o r  d i s k  ( a s  shown by the  shaded region i n  f i g .  2 ) .  
The f i r s t  s t e p  i n  responding t o  t h e s e  c l e a r l y  def ined needs was t o  b u i l d  
a  v e r s a t i l e  s t eady-s ta te  f a c i l i t y .  The r e s u l t i n g  Tunnel Spanning Win.g system 
(TSW) was const ructed by Sikorsky A i r c r a f t  i n  1971. 1c c o n s i s t s  of a b a s i c  
tunnel  spanning r e c t a n g u l a r  s t e e l  spa r  approximately 2.44 m ( 8  f t )  i n  l eng th ,  
p lus  a d d i t i o n a l  end p ieces  t o  complete t h e  s p a r  f o r  i n s t a l l a t i o n  a t  s e v e r a l  
a v a i l a b l e  sweep angles  o r  f o r  i n s t a l l a t i o n  i n  d i f f e r e n t  wind tunne l s  with a 
t e s t  s e c t i o n  t h a t  has  one dimension a t  leas ;  1 .83 m (6 f t ) .  In terchangeable  
a i r fo i l - shaped  s h e l l s  wi-th 40.64 cn (16 i n )  chord a r e  mounted i n  s e c t i o n s  
onto  the  spa r  t o  provide the  t e s t  conf igura t ion .  A scl~ematic- view of t h i s  
system i s  shown i n  f i g .  3 .  It i s  seen t h a t  the  model s h e l l  c o n s i s t s  of two 
s e t s  of p ieces :  the  upper por t ions  which surround t h e  s p a r  f o r e  and a f t ,  and 
t h e  lower cover p l a t e s  which complete the  a i r f o i l  p r o f i l e .  Also shown i n  
f i g .  3  i s  the  c e n t e r  span met r i c  s e c t i o n ,  20.32 cm ( 8  i n )  i n  width ,  which 
mounts t o  a  p a i r  of completely enclosed s t r a i n  gage balances .  This al lows the  
a i r l o a d s  t o  be measured f a r  from t h e  tunnel  s i d e  w a l l s  and c e i l i n g .  With t h i s  
system i t  i s  p o s s i b l e  t o  t e s t  s e v e r a l  a i r f o i l  p r o f i l e s  i n  a  s i n g l e  i n s t a l l a -  
t i o n  by rep lac ing  one s e t  of model s h e l l s  with another .  The nominal chord 
length  of 40.64 cm (16 i n )  al lows d a t a  t o  be obtained a t  r e p r e s e n t a t i v e  f u l l  
s c a l e  Reynolds numbers and a t  a  favorable  tunnel  he igh t  t o  chord r a t i o  of 5.25 
o r  g r e a t e r  f o r  t h e  t e s t s  conducted t o  d a t e .  
In a d d i t i o n  t o  the  i n t e r n a l  balance i n  the  m e t r i c  s e c t i o n ,  two su r face  
p ressure  t a p  systems a r e  incorpora ted ,  ar rayed p r i n c i p a l l y  in  a chordwise 
d i i e c t i o n .  One system was o r i g i n a l l y  i n s t a l l e d  along the  c e n t e r l i n e  of t h e  
met r i c  s e c t i o n  t o  measure only s teady s t a t e  pressures  f o r  comparison wich 
balance r e s u l t s .  A second system was l a t e r  i n s t a l l e d  i n  t h e  model s h e l l  
immediately adjacent  Lo the  met r i c  s e c t  ion t o  measure both s teady and 
o s c i l l a t o r y  loads .  As pa r t  of t h i s  system, some a d d i t i o n a l  spanwise t a p s  were 
included t o  measure spanwise loading and a r e  s o  ar rayed t o  r e l a t e  t h e  e f f e c t s  
of chordwise and streamwise s u r f a c e  p ressure  d i s t r i b u t i o n s  when t e s t i n g  i n  
ob l ique  flow. Thus, the  TSW incorpora tes  dua l  a i r l o a d s  medsurement systems 
which a r e  redundant over a  wide range of the  t e s t  envelope and, t o g e t h e r ,  a r e  
used a s  a  d a t a  self-checking system. Hot f i l m  s k i n  f r i c t i o n  gages have a l s o  
been included t o  a s s e s s  t h e  s u r f a c e  i low 2ondi t ions  i n  s t eady  and o s c t l i a ~ o r y  
s i t u a t i o n s .  A d e s c r i p t i o n  of models and r e s u l t s  of  s t e a d y  tests a r e  presented 
i n  r e f e r e n c e  1; t h e  unsteady t e s t s ,  n o t  y e t  publ ished,  were performed by F. 0, 
Car ta  a t  United Technologies Research Center (UTRC) under NASA Contract  
NAS 1-14873. 
The TSW has  been t e s t e d  by t h e  Navy and Sikorsky A i r c r a f t  i n  t h e  NSRDC 
2.13 m x  3.05 m ( 7 f t  x l o f t ) ,  12 percent permeable t r anson ic  wind tunne l  a t  
ze ro  sweep angle up t o  a  maximum Mach number of M 1.1 ( r e f .  I ) .  The 3.06 m 
( l o f t )  span mcdel i n s t a l l a t i o n  i s  p i z t u r e d  i n  f i g .  4. In  t h i s  f i g u r e  a r e  
shown a  p a i r  of p a r t  span suppor ts  from t h e  tunnel  f l o o r  t o  the  model p r e s s u r e  
s u r f a c e .  Tes t s  with and wi thout  the  s t r u t s  i n s t a l l e d  showed conclus ively  t h a t  
t h e s e  suppor ts  had a  n - g l i g i b l e  e f f e c t  on t h e  measured d a t a .  (The round 
o b j e c t  i n  t h e  lower r i g h t  corner  of the  tunne l  was a p a r t  of the  NSRDC s t i n g  
mount s y s t c  located several .  meters behind t h e  TSW, and had no e f f e c t  on t h e  
r e s u l t s ) .  The Mfich numberlincidence angle  and Mach numberIReynolds number 
enveloped achieved i n  these  t e s t s  a r e  shown i n  f i g .  5. For compariscn, a  
t: p ica1  r ~ t o r  envelope f o r  a  d ive lpu l l -up  maneuver i s  compared wi th  the  NSRDC 
M/a t e s t  envelope i n  t h e  l e f t  pane l ,  and t h e  t e s t  range (dashed reg ion)  is  
compared wi th  t y p i c a l  M/RN v a r i a t i o n s  f o r  t h r e e  h e l i c o p t e r s  i n  t h e  r i g h t  
panel .  It i s  bel ieved t h a t  t h e  t e s t  envelope r e p r e s e n t s  some of the  wides t  
combinat ions of M and a achieved t o  d a t e  i n  a wind tunnel  wi th  a  model having 
a  f u l l  s c a l e  chord,  and a t  c o n d i t i o n s , w e l l  above c r i t i c a l  Reynolds number 
range.  
A cooperat ive  e f f o r t  by iJTRC and Sikorsky A i r c r a f t  has y ie lded t h e  
o s c i l l a t o r y  system shown schemat ica l ly  i n  i t s  unswept p o s i t i o n  i n  f i g .  6.  
This system c o n s i s t s  of a  d r i v e  motor and t ransmiss ion mounted beneath t h e  
UTRC 2.44 m ( 8 f t )  octagonal  wind tunne l ,  which a c t u a t e s  a  p a i r  of push rods 
and o s c i l l a t o r y  cranks t o  provide a  s i w s o i d a l  m t i o n  of the  model about i t s  
q u a r t e r  chord ( r e f .  2 ) .  A swept, o s c l i l a t i c g  i n s t a l l a t i o n  i n  t h e  UTRC tunne l  
a t  A = 300 i s  p ic tu red  i n  f i g .  7 ,  looking upstream. In  t h i s  t e s t ,  one- 
t h i r d  span suppor ts  were employed from both c e i l i n g  and f l o o r  uf the  tunne l  t o  
p ivo t s  located i n  the  model s p a r .  These were i n s t a l l e d  t o  overcome o s c i l -  
l a t o r y  beriding d e f l e c t i o n s  r e s u l t i n g  from a  small  chordwise noncoincidence of 
model c .  g. and pivot  a x i s .  (Note t h a t  t h e  model was o r i g i n a l l y  designed f o r  
s teady t e s t i n g  o n l y . )  Steady-s ta te  o i l  f low s t u d i e s  have demonstrated t h a t  
only a  smal l  p o r t i o n  of the  a i r f o i l  s u r f a c e  a rea  a f t  of the  q u a r t e r  chord was 
a f f e c t e d  i n  the  immediate v i c i n i t y  of t h e  suppor t s ,  and t h a t  the  e f f e c t  on t h e  
c e n t e r  span flow was n e g l i g i b l e .  Oscillatory t e s t s  a t  A a 300 have been 
ccnducted a t  f rees t ream Mac!i numbers as high as M, = 0.58,  and a t  reduced 
f requenc ies  up t o  k~ = bolVcos A = 0.1 over a  wide range of incidence angles  
and a t  amplitudes of + 8 and f 10 deg. 
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Tes t ing  was a l s o  conducted a t  A = 4s0 i n  s t eady  s t a t e  by Sikorsky 
A i r c r a f t  i n  t h e  UTRC tunne l .  This i n s t a l l a t i o n  is  p ic tu red  i n  f i g .  8  a s  
viewed from above. In  t h i s  sequence of s t eady-s ta te  t e s t s  the  model was 
subjecred t o  a  f r e e  stream Mach number as  high as  M, = 0.83. o r  a  normal t o  
span Xach number of MN & c o s ~  , 0.59. 
TEST RESULTS 
A t y p i c a l  s e t  of s t eady-s ta te  t e s t  resul 's  f o r  t h e  Sikorsky A i r c r a f t  
SC-1095 a i r f o i l  a r e  found i n  f i g s .  9 ,  1 0 ,  and 11, ob ta ined  i n  t h e  NSRDC 
tunnel  ( r e f .  1 ) .  These f i g u r e s  c o n t a i n  t h e  l i f t  c o e f f i c i e n t  versa1s incidence 
angle ,  and t h e  drag and p i t c h i n g  moment c o e f f i c i e n t s  p l o t t e d  a s  a  func t ion  of 
l i f t  c o e f f i c i e n t  f o r  a  wide range of Mach numbr Q from M = 0 . 3  t o  1.075. The 
s o l i d  curves  were obta ined from balance  measaremefits and t h e  dashed curves  
a r e  from i n t e g r a t e d  s u r f  ace  p r e s s u r e  and wake rake  measurements. The f lagged 
symbols r epresen t  repeat  po in t s .  The i n t e r n a l  balance  measurement system was 
i n i t i a l l y  included f o r  t h i s  type  of t e s t i n g  t o  o b t a i n  drag d a t a  a t  high Mach 
numbers where compress ib i l i ty  e f f e c t s  preclude use ~f a  wake rake.  The 
s e v e r a l  curves i n  each f i g u r e  a r e  p l o t t e d  r e l a t i v e  t o  a  s taggered s e t  of 
o r i g i n s ,  ind ica ted  by t i c  marks and zeroes  along t h e  l e f t  o r d i n a t e .  The 
s c a l e  f o r  t h e  M = 0.3 curve is  shown on t h e  r i g h t  o r d i n a t e .  These f i g u r e s  
show t h a t  a l l  d a t a  exh ib i t ed  e x c e l l e n t  r e p e a t a b i l i t y  and d a t a  from both  
systems g e n e r a l l y  s u b s t a n t i a t e d  one another  concerning t h e  t r ends  of he 
f o r c e  c o e f f i c i e n t s  with incidence angle and Mach number. The l i f t  d a t a  from 
t h e s e  s e p a r a t e  measurement systems were i n  c l o s e  agreement. The drag daza 
from both  systems were very  s i m i l a r ,  b u t  a t  0.9 Mach number t h e  wake rake  
va lues  were lower due t o  t u r b u l e n t  flow and/or compress ib i l i ty  e f f e c t s .  Ttie 
p i t c h i n g  moment d a t a  from both systems were g e n e r a l l y  i n  agreement; however, 
a t  some cond i t ions  the  balance c o e f f i c i e n t  d a t a  were more p o s i t i v e  by + 0.015. 
A f t e r  c o r r e c t i n g  f o r  ':he d i f f e r e n c e s  i n  l i f t  curve s lope  t h a t  occur between a  
v e n t i l a t e d  and a  s o l i d  wa l l  wind tunne l ,  t h e s e  d a t a  a r e  i n  c l o s e  agreement 
with t h e  d a t a  obtained i n  UTRC 8 foo t  s o l i d  w a l l  wind tunne l .  
A few s e l e c t e d  r e s u l t s  from t h e  unsteady UTRC t e s t s  a r e  shown 
i n  f i g s .  12,  13,  and 14 a t  MN = 0 .3  and 0 .4  a t  A = O0 and 300. Recall-  
ing  f i g s .  1 and 2 ,  i t  can be seen t h a t  t h e s e  cond i t ions  a r e  of primary 
importance t o  t h e  r o t o r  des igner  because they a r e  r e p r e ~ e r ~ t a t i v e  of t h e  
flow experienced on t h e  r e t r e a t i n g  s i d e  of the  r o t o r  d i s k  where unsteady 
s t a l l  cond i t ions  a re  encountered.  In  f i g s .  12 and 13  the  r e s u l t s  were 
obta ined from i n t e g r a t i o n  of t h e  unsteady p ressure  d i s t r i b u t i o n s  a t  each 
i n s t a n t  of time and i n  f i g .  14 t h e  loads  were c a l c u l a t e d  from t h e  
unsteady output  of the  i n t e r n a l  balances .  
The e f f e c t  of varying frequency a t  constant  incidence i s  show11 i n  
f i g .  12 for the  unswept SC-1095 a i r f o i l .  Here a  mean inc idence  angle  of 
a~ = l Z O  aild an amplitude of 2 8O prcduces pe r iod ic  p e n e t r a t i o n  of the  
s r a l l  regime, and a s  expected ( r e f s .  3,  4 ,  and 5 ) ,  an i n c r e a s e  i n  frequency 
causes a  p rogress ive ly  l a r g e r  overshoot of both normal fo rce  and moment i n  
t h e  dynamic s t a l l  regime . In  f i g .  1 3  sweep and o s c i l l a t o r y  e f f e c t s  a r e  
combined. The s o l i d  l i n e s  r epresen t  t h e  unswepr conf igura t ion  and t h e  dashed 
l i n e s  the  swept, both f o r  a r<ean incidence angle of a~  = 15' and an 
amplitude of t (measured i n  t h e  p lane  normal t o  the  wing l ead ing  edge) .  
Although a s i n g l e  sample such as  t h i s  i s  i r i s u f f i c i e n t  t o  e s t a b l i s h  a  t r e n d ,  
i t  i s  seen t h a t  %e e f f e c t  of sweep i s  t o  reduce the  magnitude of the  
unsteady excurs ion through t h e  dynamic s r a l l  regime ( i . e . ,  sweep appears t o  
"sof ten"  t h e  impact of d y ~ i e ~ n i c  s t a l l ) .  It i s  a l s o  i n t e r e s t i n g  t o  no te  t h a t  
f o r  unsteady cond i t ions  t h e r e  is not a  f u r t h e r  extension of the  maximum l i f t  
c o e f f i c i e n t  i n  ob l ique  f low a s  is  experienced i n  s t eady  ob l ique  flow. 
F i n a l l y ,  f i g .  14 shows unsteady l i f t  arid drag c o e f f i c i e n t  v a r i a -  
t i o n s  f o r  t h e  unswept wing a t  two mean incidence angles  as obta ined from t h e  
balance  system. The s i g n i f i c a n t  ?bse rva t ion  t o  be made he re  i s  t h a t ,  f o r  t h e  
moderate Mach numbers t e s t e d ,  t h e  unsteady d rag  i s  g e n e r a l l y  g r e a t e r  f o r  
inc reas ing  incidence angle  and follows a  clockwise loop in  the  high incidence 
regime, s i m i l a r  t o  t h a t  of the  unsteady normal fo rce .  This behavior i s  
e a s i l y  explained by no t ing  t h a t  t h e  drag i s  made up of a  v e c t o r  sum of the  
normal and chord f o r c e s ,  expressed i n  component form a s  
For incidence angles  i n  the  range 150 t o  200 !-he cos ine  i s  approximately 
t h r e e  times the  s i n e ,  but  t h e  normal f o r c e  i s  a t  l e a s t  10 t o  20 t imes the  
chord f o r c e .  Ccnseqcently, t h e  CN s i n 3  term dominates the  equat ion i n  the  
dynamic s t a l l  regime and t h e  unsteady ? r a g  behaves as  shown. 
CONCLUDING REMARKS 
Tine TSW concept has been used t o  demonstrate t h a t  a  c o n s i s t e n t  a i r f o i l  
d a t a  bank can be obtained a t  r e p r e s e n t a t i v e  f u l l - s c a l e  Reynclds numbers m i n g  
the  same model. system f o r  a  wide v a r i e t y  of t e s t  cond i t ions  a p ~ o a c h i n g  those  
t h a t  a r e  ericountered by r o t a r y  wing a i ~ c r a f t .  This model system p r o ~ ~ i d e s  a  
means t o  minimize wa l l  i n t e r f e r e n c e  e f f e c t s  and t o  e l imina te  :he complicating 
f a c t o r s  introduced by using d i f f e r e n t  a i r f o i i  models and load ~n\?asur inp, 
systems required t o  cover t h i s  ex tens ive  aerodynamic e n v i r o n m e ~ ~ t ,  both s teady 
and unsteady.  This paper i l l u s t r a t e s  the  v e r s a t i l i t y  of t h i s  system with  the  
few pxamples presented h e r e i n .  
REFERENCES 
I .  J epson ,  W.  D:  Two Dimensiounl Tes t  of Four A i r f o i l  C o ~ ~ f i g u r a t i o n s  
wi th  an Aspect R a t i o  of 7 .5  and 3 16 Inch Chord up t o  a Mach Number 
of 1.1. Sikorsky  Ene inee r ing  Report  SER-53977, A p r i l  5 ,  1977, 
performed under  Con t r ac t  No. N60921-73-C-0057. 
2 .  C a r t a ,  F.O. and A. 0. S t .  H i l a i r e :  An Exper imenta l  Study of Sweep 
E f f e c t s  on t h e  Unsteady Aerodynamics of a P i t c h i n g  A i r f o i l .  
United Technologies  Research Cen te r  Report R76-411931, Parch 1976. 
3 .  C a r t a ,  F.  0. and C .  F.  Niebanck: P r e d i c t i o n  of Rotor  I n s t a b i l i t y  
a t  High Forward Speeds.  Vol. 111. S t a l l  F l u t t e r .  USAASLABS 
Techn ica l  Report 68-18C, February  1969. 
4 .  L i i v a ,  J . ,  F. J .  Davenport ,  L. Gray ,  and I .  C .  Walton: Two-Dimensiosai 
T e s t s  of A i r f o i l s  O s c i l l a t i n g  Near S t a l l .  USAIVLABS Technica l  Report  
68-13, 1968. 
5.  Ca r r ,  L. W . .  K .  W .  McAl is te r ,  and W. J .  McCroskey: h a l y s i s  of 
t h e  Development of Dynamic S t a l l  Based on O s c i l  l a t  lng A i r f o i l  




-- Skew angles 
- - - Mach number 
p a O . 3 9  
Blade b 
Q Approach velocity 
1809 
1.- Operating envelope.  
I 
00 Azimuth position 
Figure 2 . -  Con tou r s  o f  skew a n g l e  and M3cll number. 
Upper metric section 
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Figure 5.- Comparison of r o t o r  and NSRDC test  envelope. S t e a d y  s tace .  
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F i g u r e  6 . -  UTRC main w i n d - t ~ i n n e l  c>sc.il l a t o r y  vodc.1 system. 
Figure 7. -  UTRC installation. A = 30".  
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Figure 12.- Effect of frequency on oscillatory ncrrnal-force and momtnt 
coefficients from integrated presstlres. SC-1095 airfoil; M = 0.4; 
Aa = + 8 O ;  a = 12" !I 
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Figure 13.- Effect of sweep on osc'llatory lift and moment coefficients 
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Figure 14.- Unsteady lift and drag cocfficients from bulnnct!. SC-1095 
airfoil; M = 0.3; A. = 0"; A u  = 28 " ;  f = 3 cps; k = 0.096. 
